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The  determinetion  of  engine  inlet,  and  nozxle  peifonnance  at  tnuuonic  speed  is  one  of  the  most  difficult  ex¬ 
perimental  tasks  encountered  by  aerodynamicists.  The  characteristics  of  the  engine  installation  (inlet  and  nozzle) 
depend  on  an  interaction  of  the  engine  flow  and  the  external  flow.  The  pressure  rise  near  the  trailing  edge  of  the 
mnzie  can  produce  local  boundary  layer  aepention.  The  local  separation  depends  substantially  on  the  properties  of 
the  internal  flow  fleld,  the  external  surface  flow  field  and  their  interaction  in  the  plume  downstream  of  the  nozzle. 
The  problem  becomes  more  complex  in  three-dimensional  flow  when  the  separation  b  not  uniformly  distributed  and 
the  flow  is  extremely  sensitive  to  small  variations  of  pressure  distribution  and  cross  flow  pressure  gradients.  Du¬ 
plication  in  small  scaW  experiments  of  all  the  important  parameters  involved  in  the  problem  b  practically  impassible, 
since  it  would  require  representation  of  the  actual  boundsry  layer  in  the  external  fl^,  u  well  as  accurate  geometrical 
and  aerodynamic  model  simulation.  In  addition,  it  would  require  exact  simulation  of  the  internal  flow,  and  heat 
transfer  Cram  the  engine  to  the  noczle.  Thb  cannot  be  obtained  in  present  experimental  facilities;  At  transonic 
conditions  small  varbtions  of  the  initial  flow  properties  approaching  the  boattail  can  produce  significant  effecb  that 
are  difficult  to  predict  and  evaluate. 

In  addition  to  difficulties  of  accurate  aimubtion  are  all  the  difficulties  related  to  transonic  testing  techniques. 

The  presence  of  a  model  mounting  system,  proximity  of  the  tunnel  walls,  the  method  and  amount  of  flow  removal 
at  the  walb,  and  slight  varbtions  in  tunnel  conditions  can  produce  significant  effecb  on  the  external  flow  over  the 
boatbil.  The  importance  of  such  effecb  b  well  apprecbt^  by  the  experimenters;  however,  a  debited  evaluation 
of  theb  influence  on  the  experimenbi  resulb  does  not  exbt.  A  debited  evaluation  of  such  influences  can  be  performed 
only  by  means  of  a  program  involving  large  scale  researdi  facilities,  substantbl  time  and  funds,  beyond  those  usually 
availabte  to  the  experimental  groups  involved  in  thb  type  of  research. 

In  view  of  the  importance  and  wide  interest  in  the  problems  of  nozzle  testing  techniques  in  transonic  flow,  a 
special  effort  under  an  Ad  Hoc  Group^  was  organized  by  the  Propulsion  and  Energe  tics  Panel  of  AGARD  in  May 
1972,  with  the  support  and  cooperation  of  the  Fluid  Elynamics  Panel,  directed  to  two  main  goals: 

'  ^1)  Development  of  an  international  program  of  research  directed  to  demonstrating  the  influence  of  the  ex¬ 
perimental  apparatus  on  the  resulb,  even  for  the  case'  of  a  relatively  simple  axially  symmetric  nozzle  boattail. 

(2)  Determination  of  the  importance  of  the  various  parameters  investigated  on  the  results. 

An  important  by-product  of  thb  effort  has  been  the  demonstration  of  the  possibility  of  performing,  through 
AGARD,  research  efforb  in  fields  where  the  utilization  of  different  research  groups  and  facilities  can  be  effective  in 
solving  problems  of  common  interest  which  are  beyond  the  resources  available  to  individual  research  organizations. 

The  experimenb  and  analysis  reported  here  have  involved  the  following  research  groups: 

ONERA  -  France 

Rolls-Royce  Ltd.  (Bristol  Division)  --  United  Kingdom 

DFVLR  and  Messerschmitt-Bolkow-Blohm  GmbH  -  Germany 

National  Aerospace  Lab  (NLR)  The  Netherlands 

Air  Force  Flight  Dynamics  Laboratory,  WPAFB,  Ohio  -  USA 

Air  Force  Arnold  Engineering  Development  Center.  Tennessee  -  USA 

NASA  Langley  Research  Center,  Virginia  -  USA 

Each  nation  participating  in  the  program  has  committed  a  significant  effort  to  the  project,  generating  a  large 
body  of  information  which  makes  it  possible  to  begin  to  reach  an  understanding  of  transonic  nozzle  flow  phenomena 
and  test  techniques.  Many  of  the  nozzle  flow  parameters  were  investigated  by  more  than  one  group  in  various 
facilities.  Thus  the  results  not  only  provide  insight  to  the  effect  of  the  parameters  investigated,  they  can  be  used  to 
study  the  effects  of  the  various  experimental  test  techniques  used.  Each  investigation  used  one  or  more  of  the  three 
nozzle  designs  selected  by  the  group,  described  in  detail  in  the  next  section. 

Each  of  the  nozzles  has  a  circular  body  upstream  of  the  boattail  with  a  smooth  fairing  between  the  forebody 
and  aftbody.  All  three  nozzles  have  the  same  area  ratio  between  the  cylindrical  section  and  the  nozzle  exit,  but 
differ  in  the  length  of  the  external  convergent  section;  the  long  nozzle  (10°  boattail  mean  chord  angle)  would  be 
expected  to  minimize  flow  separation  at  the  end,  while  the  shortest  (25°  boattail  mean  chord  angle)  was  selected 
to  invite  a  subsbntial  region  of  boundary  layer  separation. 


The  prewnUlion  of  the  results  In  this  report  has  been  organized  into  two  parts.  The  first  part  includes  a  de¬ 
tailed  description  of  the  experimental  technique  used,  of  the  parameters  investigated,  and  sample  dhta  from  the  tests 
conducted  injMc^facility.  This  part  of  the  report  has  been  prepared  by  the  research  group  that  performed  the  ex¬ 
periments.  The  second  part  of.  the  lapwt  contains  a  critical  analysis  of  the  effects  of  the  various  parameten  in¬ 
vestigated,  utilizing  all  the  data  available  on  a  particular  parameter  from  the  entire  study.  Included  u  a  subsection 
is  a  discu^n  of  the  effects  of  the  experimental  techniques  on  the  nozzle  external  flow.  It  discusses  the  effects  of 
the  correct  ^presentation  of  the  forebody  configuration  on  the  boattail  flow,  and  presents  a  detailed  comparison  and 
analyste  of  results  dbtatned  under  supposedly  equivaleni  conditions  by  different  investigators  to  give  insight  to  the 
effects  that  varying  test  techniques  and  wind  lunnel/modei  interaction  can  have  on  the  results. 

As  will  be  discussed  in  more  detail  in  the  text  of  this  repor.  and  in  the  conclusions,  the  efforts  presented  here 
should  be  considered  only  as  the  Tint  step  of  an  overall  investigation.  It  is  strongly  recommended  that  AGARD  find 
an  organizational  structure  to  continue  and  expand  this  investigation. 

tl  can  be  at  inlireil  to  note  that  the  total  experimental  eflbrt  which  Inchadei  wveral  Ucgi  scale  pcogrami  has 
been  obtained  at  a  small  fraction  of  the  total  cost  to  each  single  nation,  and  has  been  organized  without  additional 
funds  requested  specifically  for  this  effort.  The  work  performed  has  been  obtained  mainly  by  modifying  already 
planned  and  authorized  programs. 


PARTI 

DESCRIPTION  OF  TESTS 
AND  PRELIMINARY  RESULTS 
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ETUDE  EXPERIMENTALE  DE  LA  TUYERE  ETALON  AGARD  “IS*” 
EN  ECOULEMENTS  SUBSONIQUE  ET  TRANSSONIQUE 

par 

B.Mechin 

Office  Nationil  d’Etude*  et  de  Rechcrches  Aerospatiales 
Direction  de  TAerodynamique 
29,  Avenue  de  la  Division  Leckrc,  92320  Chitillon 

(Onera  Rapport  Technique  No  26/2621  AN) 


INTRODUCTllON 

Parmi  les  3  tuyeres  6talon  proposees  par  le  “Groupe  d’Etudes  sur  les  techniques  d’essai  d’arriire-corps  en 
dcoulement  transsonique”,  I'ONERA  n’a  retenu  que  la  configuration  dite  “15*"  et  a  rdalisd  avec  cette  tuyire  un 
programme  d’essais  permettant  d’^tudier  I’influence  des  divers  param^tres  ;  obstruction  de  la  veine  d’essais,  nature 
de  la  couchr  limite  (naturelle  ou  souffke),  taux  de  ddtente,  nombre  de  Mach  de  I’^coulement  extdrieur.  Les 
principaux  rdsultats  obtenus  concement  les  performances  (coefficients  de  poussde)  de  cette  tuyere  au  point  fixe  et 
avec  dcoulemept  externe,  la  carackrisation  du  flux  interne  (sondages  en  pression  statique,  pression  et  temperature 
totales)  et  les  rdpartitiop.i  de  pression  statique  i  ia  surface  extdrieur  de  la  tuyere. 

Ce  document  rassemble  done  : 

-  la  descriptioii  de  I’iiistallation  d’essai  utilisde. 

la  definition  du  montage  d’essai  d’arrHire-corps. 

-  les  rdsultats  des  essais  effectuds  dans  le  cadre  de  cette  dtude. 


NOTATIONS 

Mg  =  Mach  dit  "inflni  amont”  de  I’dcoulement  dans  la  veine 

Mp  =  Mach  local 

Pj  =  pression  gdneratrice  moyenne  de  I’icoulement  interne  ddterminie  i  partir  du  dibit,  de  la  temperature 

giniratrice  moyenne  au  col,  et  de  I’aire  critique 

Pj  =  pression  giniratrke  locale  de  I’icoulement  interne  mesurie  par  une  sonde  Pitot 

Pj  =  pression  giniratrke  du  jet  de  soufflage  de  couche  limite 

p  =  pression  statique 

Po  =  pression  statique  dans  la  veine 

Ti  I  =  temperature  giniratrice  mesur^e  par  I’anneau  de  thermocouples  en  amont  de  la  tdle  perforde. 

^J2  =  temperature  geniratrice  en  aval  de  la  grille  calculie  H  partir  de  Pj  et  Tjj  par  un  effet  de  Joule-Thomson. 

Tj  =  temperature  giniratrice  locale  mesurie  par  la  sonde  thermocouple 

=  aire  de  la  section  du  maftre  couple 
Aj  =  aire  geomitrique  du  col  de  la  tuyire 

Aj*  =  aire  critique  de  I’ecoulement  au  plan  de  sortie  (au  col  de  la  tuyire) 

Cjj  =  coefficient  de  dibit  =  Aj/Aj* 

„  j  „  P  ~  Po 

Kp  =  coefficient  de  pression  Kp  =  - 

Y  PoMj 


I-A2 


•Vr 

Q)r 

XcAi 
KtAj 

Kfi 

K't 
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1.  MONTAGE  D’ESSAIS  D'ARRIERE-CORPS 

1.1  Caract^rbtiqiiea  i^n^niles  de  la  soufflerie  S3  Ch  (CHALAIS-MEUDON) 

Le  schema  general  de  la  soufflerie  est  donn£  sur  la  Planche  I  ;  les  caract£ristiques  essentielles  en  sont  Its 
suivantes  : 

-  Le  domaine  de  nombre  de  Mach  est  compris  entre  Mo  =0,1  et  Mo  =  0,95  en  fonctionnement  continu 
(avec  reprise  de  veine  No.2)  et  s’6tend  jusqu’a  Mo  =  1,10  (avec  reprise  de  veine  No.l)  en  fonctionnement 
par  rafales  de  I  minute. 

-  La  pression  gdn^ratrice  est  voisine  de  la  pression  atmosph^rique. 

La  temperature  generatrice  est  croissante  en  fonction  du  nombre  de  Mach  depuis  la  temperature  ambiante 

jusqu’a  340*  K. 

-  Le  nombre  de  Reynolds  rapporte  au  maitre  couple  de  la  maquette  (9  80)  varie  de 

0.88  X  I0‘  a  Mo  =  0.60 
i 

I.OI  X  10*  a  Mo  =  0.95 

-  Une  section  quasi-octogonale  de  0,66  m’  (diametre  du  cercle  circonscrit  =  1  metre), 

Une  longueur  totale  de  1,75  m  ;  la  longueur  utile  correspond  aux  dimensions  des  hublots  :  0,60  m, 

Des  parois  haute  et  basse  legerement  divergentes  (0,5°)  et  purforees  (penueabilite  24%), 

-  Des  parois  laterales  pleines  et  parallels  (hublots) 

-  Le  ’lombre  de  Mach  dans  la  veine  est  calculi  d  partir  du  rapport  de  la  pression  Po  ,  pression  statique 
mesuree  dans  les  “plenum  chamber”,  i  la  pression  geniratrice  Pjg  mesuree  par  3  tubes  Pitot  dans  la 
chambre  de  tranquillisation. 

1.2  Montage  de  base  (Planches  1  et  2) 

Le  montage  d’essais  d'arriire-corps  utilise  depuis  plusieurs  annees  a  ete  coiiqu  sur  le  principe  du  dard  amont. 
oil  la  maquette  a  itudier  est  fixie  ^  I’aval  d'une  canne  axiale  (dard  "mont)  qui  sert  a  ainener  les  flux  d’air  comprime 
et  les  tubes  de  mesure  des  pressions. 

La  balance  utilisie  est  une  balance  i  une  composante  (poussee  axiale)  et  comporte  un  barreau  dynamometrique 
iquipi  de  jauges  de  contrainte. 

La  canne  est  solidaire  d’un  ensemble  balance-bloc  d’alimentation  des  flux  situe  dans  le  collecteur  de  la 
soufflerie. 

Get  ensemble  est  careni  par  un  capotage  cylindrique  de  rivolution  (diametre  372  mm)  comportant  une  ogive 
a  I’amont  et  se  raccordant  au  dard  portemaquetle  par  un  cone  de  revolution. 

L’alimentation  de  la  balance  se  fait  perpendiculairement  i  I'axe.  la  liaison  entre  partie  pesie  et  partie  non  pesie 
etant  assurie  par  des  membranes  en  caoutchouc  (Planche  2). 


tratnie  de  pression  Dp 
tralnie  de  frottement 


KpdA 

*  Am 


>  coefficient  de  tralnie  Cdp  *  Dp/— po  Mj 

poussie  absolue  de  I’icoulement  interne  (dynalpie  de  sortie) 

=  coefficient  de  poussie  absolue  interne  •^TAi  -  ^A|/PjAj* 

Po  Aj 


coefficient  de  poussie  interne 


Kti  =  Ktas  - 


PAi* 


=  coefficient  de  poussie  sans  frottement  K't  =  Kji  —  Dp/PjAj* 
=  coefficient  de  poussie  Kt  =  K'j  —  Dm  /PjAj* 
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L’ensemble  eit  ditpoi<  dani  li  loufflerie  par  I’inteniiddiare  : 

-  d’une  contre-fiche  axiale  prenant  appui  lur  le  filtre  litud  en  amont  de  la  chambre  de  tranquilliiation, 

-  d’un  lystime  de  haubani  profiles  accroch^s  sur  le  collecteur  de  la  loufflerie, 

-  d’un  m<t  vertical  profiU  comprenant  les  canalisations  d’air  comprimi  et  autres  liaisons  de  servitudes,  et 
diq>08<  A  I’entiie  du  collecteur. 

1.3  Dispositif  de  soufflage  tangentiel  de  la  couchelimite 

Le  ddveloppement  de  la  couche  limite  naturelle  le  long  de  la  canne  conduit  k  des  ^paisseurs  caractdristiques  de 
couche  limite  gdniralement  trop  importantes  par  rapport  au  cas  de  I’avion  en  vol.  Afln  de  r^duire  cette  couche 
limite,  un  dispositif  de  soufflage  tangentiel  sur  la  canne  a  <ti  amdnagi. 

Le  dispositif  est  repr6sent6  sur  la  Planche  3.  La  fente  de  soufflage  est  situie  &  S  diametres  (400  mm)  en  amont 
du  plan  de  joint  “maquette".  La  premiire  partie  de  la  canne,  en  amont  de  la  fente  a  un  diamitre  de  84  mm  et  la 
seconde  partie,  en  aval,  de  80  mm  ce  qui  donne  une  dpaisseur  de  sortie  de  fente  de  1 ,8  mm  compte-tenu  de 
I’ipaisseur  de  bord  de  fuite  de  0,2  mm. 

1.4  Banc  de  striction 

Cette  installation  annexe  permetd’ivaluer  I’aire  critique  d’une  tuyere  alimentde  par  un  6coulement  permanent  de 
conditions  gin6ratrices  uniformes 

1.5  Moyens  de  meaure 

Toutes  les  mesures  sont  effectu^es  i  I’aide  de  capteurs  produisant  un  signal  £lectrique  ; 

-  Pressions  :  capteurs  i  jauges 
Temperatures  :  thermocouples  Chromel-Alumel 

-  Efforts  :  barreau  dynamom6trique  a  jauges  de  contrainte. 

Les  signaux  dlectriques  sont  acquis  et  traitds  par  la  chaine  automatique  de  la  soufflerie.  Les  mesures  sortent 
sous  forme  de  ruban  perform  qui  peut  etre  d^pouilie  en  temps  diffdre  court  par  le  Centre  de  Calcul  de  I’ONERA. 


2.  DESCRIPTION  DE  LA  TUYERE  ETALON  AGARD  -  15° 

2.1  Caracteristlques  gdndrales 

La  tuyere  etalon  deflnie  par  I’AGARD  est  une  tuyere  monoflux,  a  convergent  tronconique  de  demi-angle  7°  et 
dont  le  profil  exterieur  est  donne  par  points.  Parmi  les  3  tuyeres  proposees,  seule  la  tuyere  dont  la  longueur  du 
retreint  est  equivalente  est  celle  d’un  cone  de  demi-angle  au  sommet  de  15°,  a  ete  retenue,  les  deux  autres  ayant 
respectivement  des  angles  de  10°  et  25°. 

Le  mahre  couple  de  base  choisi  pour  les  essais  a  I’ONERA  est  de  80  inm  ce  qui  correspond  a  une  obstruction 
giom^trique  globale  de  0,75  %  Pour  r^pondre  aux  besoins  du  programme  d’essais  envisage,  un  certain  nombre  de 
maquettes  ont  £t^  ^tudides  et  fabriqudes  par  les  soins  de  I’ONERA. 

2.2  Maquette  “Point  rixe"  AGARD  PF  80  (Planche  4, 

Cette  maquette  ne  reproduit  que  la  geometric  interne  et  permet  : 

de  determiner,  au  banc  de  striction  en  fonction  du  taux  de  ddtente,  I  uire  critique  d’djection  qui  determine 
le  coefficient  de  ddbit  Cp  , 

de  determiner  les  performances  au  point  fi.xe  (M©  =  O)  de  la  tuydre. 
de  sonder  I'ecoulement  interne. 

(a)  en  pression  et  temperature  totales  (P,  T)  a  I’aide  de  sonde  interchangeables  (sonde  Pitot  ou  sonde 
thermocouple)  montdes  sur  un  explorateur  situe  a  I’exterieur  de  la  maquette. 

(b)  en  pression  statique  a  la  paroi,  en  I’absence  du  dispositif  de  sondage  prdcddent. 

2.3  Maquette  0  80  pour  sondage  de  la  couche  limite  :  AGARD  AV-CL80 

Reprdsentde  sur  la  Planche  5,  cette  maquette  dispose  d’un  explorateur  de  couche  limite  permettant  de  si  cder 
la  couche  limite  u  7  mm  en  aval  du  plan  de  joint.  Son  profil  externe  est  celui  de  la  tuyere  etalon  AGARD.  Un  essai 
prdliminaire  a  permis  de  verifier  que  le  sondage  sur  une  gendratrice  n’dtait  pas  affecte  par  la  forme  du  capotage  situe 
sur  la  gdneratrice  opposde. 


I-A4 


2.4  Maquette  0  80  AGARD  AV-80  MOD  (Planches  6  et  7) 

Cette  maquette  dont  les  proflis  extirieur  et  intdrieur  sont  conformes  aux  tableaux  de  cotes  officiels  est  4quipcc 
de  17  prises  de  pression  statique  diipos6es  en  hdlice  et  d’une  prise  de  pretsion  statique  interne  destinde  i  caract^riser 
le  taux  de  detente. 

2.5  Macquettes  AGARD  AV-lOO  et  AGARD  AV-120  (Planches  8  et  9) 

Pour  computer  le  programme  initialement  pr4vu  et  pour  dtudier  I’influence  de  I’obstruction  de  la  veine,  une 
extension  du  montage  i  des  diamitres  de  100  et  120  mm  a  ^td  rdalisde.  Les  maquettes  correspondantes  AV  100  et 
AV  1 20,  dont  le  protll  extdrieur  correspond  i  un  tableau  de  cotes  Idgdrement  retouchd  vers  I’extrdmitd  (suppression 
du  point  d’inflexion  du  tableau  de  cotes  officiel)  sont  dquipdes  de  prises  de  pressions  statiques  extemes. 


3.  ESSAIS 

Les  paragraphes  suivants  ddcrivent  les  essais  qui  ont  dtd  rdalisds  conformdment  au  programme  dtabli  au  cours  des 
rdunions  prdparatoires. 

3.1  Contr&le  de  la  couche  limited  par  soufflage  tangentiel 

Au  cours  d’une  campagne  d’essais  prdliminaires,  une  configuration  gdomdtrique  a  dtd  choisie  pour  le  dispositif  de 
soufflage.  Le  ddbit  et  la  pression  du  jet  et  de  soufflage  ont  dtd  choisis  de  manidre  d  restituer  au  niveau  de  la  maquette 
un  profll  de  vitesses  dans  la  couche  liinite  aussi  rdgulier  que  possible. 

3.2  Ddflnition  des  Bondages  de  couche  limite 
Ces  Bondages  sont  effectuds  ; 

-  d  7  mm  en  aval  du  plan  de  joint  soit  0.276  D  en  amont  du  plan  de  sortie 

-  selon  les  4  orientations  ip  =  0°  ,  90“  ,  1 80“  ,  270“ 

-  avec  et  sans  soufflage  tangentiel. 

3.3  Programme  des  essais  au  banc  de  striction 

Ces  essais  conduisent  i  la  ddtermination  de  I’aire  sonique  aerodynamique  Aj*  et  du  coefficient  de  ddbit  Cp 
de  la  tuydre  AV-80  MOD.  Le  taux  de  detente  Pj/po  a  varid  de  1,15  d  5,0. 

3.4  Sondages  en  pression  et  tempdrature  de  I’dcoulement  interne 

Ces  sondages  ont  dtd  rdalisds  avec  la  maquette  PF-80  pour  des  taux  de  ddtente  de  1 ,50  d  4,07.  lls  ont  pour 
objet  de  prdciser  la  distorsion  en  pression  et  en  tempdrature  totaies  du  flux  interne  ainsi  que  la  repartition  de  pression 
statique  d  la  paroi  interne  de  la  tuydre  en  I'absence  du  dispositif  interne  de  sondage. 

3.5  Programme  des  essais 

-  A  Mach  nul,  I’essai  de  la  tuydre  PF  80  a  permis  la  ddtermination  du  coefficient  de  poussee  absolue  interne 
KTAj  . 

-  Chacune  des  tuydres  AV-80  MOD,  AV-IOOet  AV-120  a  dtd  essay ee  pour  des  nombres  de  Mach  de  0.60, 

0.80,  0.85,  0.90  et  0.95  et  pour  des  taux  de  ddtente  variant  de  1  (pas  de  jet  interne)  d  5. 

Seule  la  tuydre  AV-80  MOD  a  dtd  essayde  avec  et  sans  soufflage  tangentiel.  Sur  toutes  les  maquettes,  les 
pressions  statiques  extemes  ont  dtd  relevdes.  Pour  la  maquette  AV-80  MOD,  I’effort  axial  (poussde)  a  dtd  mesurd 
pour  chaque  point  d’essai. 


4.  RESULTATS 

4.1  Proflis  de  couche-limite 

Les  profils  de  couche-limite  obtenus  avec  et  sans  soufflage  tangentiel  sont  reprdsentds  de  la  Planche  10  d  la 
Planche  13. 

Les  sondages  effectuds  sans  soufflage  sur  les  quatre  gdndratrices  de  la  maquette  montrent  une  dissymdtrie  de  la 
couche  limite  qui  n’est  pas  rdsorbde  par  le  soufflage. 
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4.2  Slrlctioii 

Sur  la  pluiche  14  lont  reprAwntdei  let  variatioiu  de  I’aire  lonique  atrodynamique  AJ*  et  du  coefficient  de  d4bit 
Cq  de  la  tuyire  AGARD  IS*  -  AV  80  MOD.  Le  taux  de  ddtente  de  blocage  est  alon  d^tennini  par  la  valeur  A 
partir  de  laquelle  I'aire  AJ*  devient  conatante  quel  que  toit  le  taux  de  dAtente. 


4.3  Dbtoniona  da  I’dcoulamant  interne 

Lea  trac4a  dea  tondagea  de  preaaion  et  tempArature  totalea  du  flux  interne,  sur  les  figures  IS  et  16  dAteiminent 
la  valeur  dea  coefficienta  de  distorsion  en  pressiun. 

^  _  *’l¥AX  ~  PiMW 

-  - :: - <3% 


en  tempdrature 


^  _  TimAx  fiMw 

=  -  <0,4% 


4.4  Pieaaions  atatiquea  intemea 

La  rdpartition  de  pression  statique  A  la  paroi  interne  de  la  tuyere,  rapportde  A  Pt  ,  est  donnde  sur  la  figure  1 7 
pour  des  taux  de  ddtente  allant  de  I,S  A  4,0.  EUe  est  d^lemcnt  gradude  en  nombre  de  Mach  local  M|  . 


4.5  Pieaaions  statiques  extemea 

Les  rdpartitions  du  coefficient  de  pression  Kp  sur  les  diffdrentes  tuydres  sent  montrdes  sur  les  flgures  18  A  27 
pour  la  tuydre  AV-80  MOD  (avec  et  sans  soufflage),  28  A  32  pour  la  tuyere  AV-lOO  et  33  A  37  pour  la  tuydre  AV-120. 

Ces  rdpartitions  mettent  en  dvidence  le  choc  et  le  ddcollement  de  couche  limite  qui  s'ensuit  A  I’extrdmitd  du 
rdtreint. 

La  graduation  en  nombre  de  Mach  local  Md  permet  de  localiser  les  zones  d’dcoulement  supersonique  A  partir 
de  Mo  «  0.8S  . 

Une  comparaison  des  coeffleients  de  pression  pour  ies  tuydres  AV-80  MOD,  AV-lOO  et  AV-120  est  montrde  sur 
les  figures  38  A  40. 

De  Idgdres  diffdrences  apparaissent  au  niveau  du  choc,  mais  le  nombre  de  prises  de  pression  dans  cette  rdgion 
est  insufflsant  pour  prdciser  les  phdnomdnes. 

4.6  Coefficient  de  trainde  de  previon 

Obtenu  par  intdgration  du  coefficient  de  pression  Kp  sur  le  rdtreint,  ce  coefficient  est  reprdsente,  en  fonction 
du  taux  de  ddtente  Pj/po  ,  sur  la  figure  41  pour  les  nomores  de  Mach  0.80.  0.90  et  0.95.A  Mq  =  0.80,  la  soufflage 
de  couche  limite  n’a  pratiquement  pas  d’influence,  tandis  qu’A  Mq  =  0.95  la  trainee  de  pression  est  sensiblement 
augmentde. 

L’accroissement  de  la  trainde  de  pression  avec  le  nombre  de  Mach  rdsulte  principalement  de  I'extension  d’un 
ddcollement  sur  le  rdtreint. 

L’dvolution  de  I’dcoulement  est  ddcrite  de  fa^on  plus  approfondie  rdfdrence  I . 


4.7  Performances  de  la  tuydre  AV-80  MOD 


Les  performances  de  la  tuydre  AV-80  MOO  sont  conerdtisdes  par  les  coefficients  de  poussde  suivants  ; 


(a)  Le  coefficient  de  poussde  absolue  interne  Kt^|  ,  ddfini  par  le  rapport  de  la  poussde  absolue  interne 

A  la  grandeur  Pj  Aj*  .  Les  variations  de  ce  coefficient  en  fonction  du  taux  de  ddtente  sont  reprdsentdes 
sur  la  planche  42.  Ce  coefficient  est  constant  dds  que  le  taux  de  ddtente  de  blocage  est  atteint 
(Pj/Po  =  2.2) .  Sa  valeur  mesurde,  au  blocage,  =  1.2724  est  trds  proche  de  la  valuer  theorique 
=  1,2740  ddterminde  avec  la  mdthode  exposde  rdf  2. 

(b)  Le  coefficient  de  poussde  interne  Kxj  ,  qui  reprdsente  le  prdeddent  exprimd  en  pressions  relatives  : 


•^Ti  =  KtAi  ■ 


P.Aj 

W 
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(c)  Le  coefncient  de  pounce  unt  frottement  K't  obtenu  en  louitrayant  de  la  pouss^e  interne  la  tramie  de 
preaaion  du  r^treint,  Dp 

K'x  “  Kt, 


(d)  Le  coefficient  de  pouss<e  Kj  d^duit  globalement  de  la  pea6e,  et  qui  reprisente  la  pouss^e  nettc,  pouss^e 
interne  diminutfe  des  trainees  de  pression  Dp  et  de  frottement  Dp^  de  I’arriire-corps. 

Lea  variationi  de  ces  coefficients  en  fonction  du  taux  de  detente  et  pour  les  nombres  de  Mach  Mg  =  0.60, 
0.80,  0.90  et  0.95  sont  reprdsentdes  sur  les  planches  43  i  46. 


En  fait,  les  valeurs  de  -  miscs  ainsi  en  Evidence  par  des  differences  ne  sont  p.is  tr^s  precises  en  valeurs 
PjAj* 

relatives,  etant  donne  leur  faible  niveau,  et  I’imprecision  sur  les  valeurs  de  Dp  notamment,  obtenues  par  integration 
i  partir  d’un  nombre  retreint  de  prises  de  pression. 


S.  CONCLUSION 

Un  ensemble  de  mesures  concemant  la  tuyere  etalon  AGARD  dite  “15°”  a  ete  presente  :  sondages  en  pression 
et  temperature  de  I’ecoulement  interne,  coefficient  de  striction  de  la  tuyere,  repartitions  des  pressions  extemes  pour 
deux  valeurs  de  I’epaisseur  initiale  de  la  couche  limite,  trainees  de  pression  du  retreint,  poussees  du  jet  et  poussees 
nettes. 

Les  resultats  de  ces  mesures  pourront  etre  compares  i  ceux  obtenus  sur  la  meme  maquette  dans  d'autres 
souffleries,  dans  le  cadre  de  I’etude  de  validite  des  essais  d’arriere-corps  organisde  par  I’AGARD. 
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Pl.l  Montage  de  peaces  d’arridre-corps  i  S3Ch  -  Veine  d'essais 


P1.2  Schema  de  la  balance  de  pouss^e  a  S3Ch 


CANNE  AMONT 


P1.3  Tuyere  AGARU  AV-80-MOD  —  Montage  avec  soufflage  de  la  couche  limite 


P1.4  Tuyere  AGARD  PF  -  80 
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P1.6  Tuyere  AGARD  AV-80-MOD 
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PI.7  Tuyere  AGARD  AV-80-MOD  —  Canal  interne 
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Pl.l  1  Couche  limite  sur  la  canne  p  80  a  Mo  =  0,9  sans  soufflage 
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PI.  16  Sondages  en  temperature  totale  du  flux  interne 
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DESCRIPTION  OF  TESTS  CARRIED  OUT  AT  ROLLS-ROYCE  (1971)  LTD 
BRISTOL  ENGINE  DIVISION 

by 

L.R.Harper 

SUMMARY 

Three  nozzle  afterbody  models  were  tested  in  the  Rolls-Royce  (1971)  Ltd.  Transonic 
Wind  Tunnel  at  Bristol  using  a  model  support  sting  which  provided  means  for  boundary 
layer  thickness  variation  by  blowing. 

The  tests  covered  the  Mach  number  range  0.75  to  0.95  and  nozzle  pressure  ratios  were 
in  the  range  1.7  to  4.7:1. 

The  model  surface  static  pressure  distributions  were  measured  and  integrated  to  obtain 
pressure  drag  coefficients.  Measurements  are  also  presented  of  model  internal  pressures, 
boundary  layer  profiles  and  tunnel  wall  static  pressure  distributions. 

UST  OF  SYMBOLS 

Cd^  boattail  pressure  drag  coefficient 

p  Pts 

Cp  pressure  coefficient,  - - 

jTPts^o 

^max  model  maximum  diameter 

di,  diameter  at  end  of  boattail 

<4  nozzle  exit  diameter 

/  length  of  boattail 

Mo  tunnel  free  stream  Mach  number 

Pg  blowing  slot  delivery  pressure 

Pj  nozzle  total  pressure 

Pjp  jet  pipe  local  total  pressure 

Pj^  jet  pipe  centre-line  total  pressure 

Po,  ambient  pressure 

PjL  pressure 

p^  tunnel  reference  static  pressure 

u  velocity 

Um  free  stream  velocity 

X  axial  distance,  measured  from  nozzle  exit  plane 

Xt  axial  location  of  jet  pipe  static  tapping 

Xfi  afterbody  axial  coordinate 

yjp  radial  location  of  jet  pipe  pitot  probe 

y0  afterbody  radial  coordinate 

ygi^  height  in  boundary  layer  from  model  surface 


M2 

P  boattail  final  angle 

<0,^  height  in  boundary  layer  where  u/um  **  0.9S 
0  boattail  chord  angle 


1.  INTRODUCTION 

As  part  of  the  AGARD  coordinated  investigation  into  improved  Nozzle  Testing  Techniques  thre^  afterbody 
models  of  the  agreed  geometries  were  tested  at  Bristol  towards  the  end  of  1973.  This  work  was  funded  by  a  United 
Kingdom  Ministry  of  Defence  research  contract. 

A  miUor  objective  of  these  tests  was  to  examine  the  way  in  which  afterbody  pressure  distribution  and  pressure 
drag  varied  with  boundary  layer  thickness.  In  this  facility,  as  in  many  others,  the  boundary  layer  on  the  model  is 
two  to  three  times  as  thick  as  the  equivalent  flight  value.  Techniques  are  available  for  thinning  the  boundary  layer 
but  they  involve  a  substantial  increase  in  the  complexity  of  the  model  support  system  and  so  would  only  be  used  if 
a  clear  need  was  demonstrated.  In  these  tests  measurements  were  made  both  with  a  thick  “natural"  sting  boundary 
layer  and  with  a  thinner  layer,  similar  to  the  flight  value,  obtained  by  blowing. 


2.  TEST  FACILITY 

The  tests  were  carried  out  in  the  open  circuit  ejector  driven  wind  tunnel  at  Rolls-Royce  (1971)  Ltd,.  Bristol 
Engine  Division.  The  working  section  is  octagonal  (S34  mm  across  the  flats)  with  slotted  walls  as  illustrated  in 
Figure  1.  The  slot  geometry  is  based  on  Shape  II  of  Reference  1,  and  the  porosity  is  approximately  1 1%. 

The  model  was  mounted  on  a  circular  sting  of  101.6  mm  diameter,  giving  a  geometric  blockage  of  3.4%.  The 
sting  was  supported  in  an  air  bearing  located  ahead  of  the  entry  plane  of  the  tunnel  bellmouth.  Air  bearing  and 
nozzle  airflows  were  supplied  perpendicularly  to  the  sting  axis  through  the  air  bearing  support  legs.  The  general 
arrangement  of  the  model  support  sting  is  sketched  in  Figure  2. 

Model  boundary  iayer  thickness  reduction  was  achieved  by  blowing  high  pressure  air  parallel  to  the  sting 
surface.  The  blowing  slot  location  and  geometry  is  sketched  in  Figure  3. 

The  nozzle  and  blowing  slot  were  supplied  with  dry  compressed  air  at  a  temperature  approximately  3°C  higher 
than  ambient.  The  tunnel  air  flow  was  induced  from  the  atmosphere  and  its  humidity  was  therefore  variable. 
Condensing  water  vapour  could  be  seen  in  the  tunnel  flow  at  Mach  numbers  above  about  0.9. 


3.  DESCRIPTION  OF  THE  MODELS 

The  three  afterbody  models  were  fitted  to  a  common  nozzle  and  jet  pipe.  The  internal  dimensions  of  thi  nozzle 
are  detailed  in  Figure  4  and  the  external  geometries  of  the  afterbodies  are  specified  in  Figure  5. 


4.  INSTRUMENTATION 

The  three  afterbodies  were  each  provided  with  approximately  60  surface  pressure  tappings  distributed  axially  and 
circumferentially  as  tabulated  in  Figure  6. 

Nozzle  airflow  was  measured  using  a  calibrated  venturi  mounted  within  the  upstream  end  of  the  model  support 
sting  and  the  jet  pipe  total  pressure  was  derived  from  this  measured  flow  and  the  jet  pipe  static  pressure  at  the 
datum  plane,  (Xj/D^=  I.SIS  ,  Figure  4)  using  the  geometric  area  at  this  plane. 

Internal  tappings  were  provided  to  measure  the  jet  pipe  static  pressure  distribution  and  a  static  test  was  carried 
out  in  which  a  rake  of  nineteen  pitot  probes  was  fitted  to  measure  the  jet  pipe  total  pressure  profile.  The  locations 
of  these  tappings  are  shown  in  Figure  4. 

The  external  boundary  layer  profile  was  measured,  and  the  blowing  system  calibrated,  with  the  afterbody  model 
replaced  by  a  cylindrical  body  fitted  with  three  rakes  of  nineteen  pitots  at  the  model  attachment  plane  (Fig.3). 

Twenty  static  pressure  tappings  were  distributed  along  the  centre-line  of  one  of  the  working  section  wall  plates 
at  axial  locations  indicated  in  Figure  2. 

All  pressures  were  sampled  using  Scanivalves  and  recorded  automatically. 
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5.  TUNNEL  MACH  NUMBER  AND  STATIC  PRESSURE  DISTRIBUTION 

The  tunnel  air  itteam  total  prenure  is  uniform,  out  of  the  wall  and  sting  boundary  iayers,  and  equal  to  the 
ambient  pressure  ahead  of  the  tunnel  bellmouth.  The  free  stream  Mach  number  is  calculated  from  the  ratio  of  this 
total  pressure  to  the  tunnel  reference  static  preuure. 

Tyirical  tunnel  wall  static  pressure  distributions  are  plotted  in  Figure  7.  These  show  that  the  model  afterbody 
flow  field  caused  significant  perturbation  of  the  static  pressure  at  the  wall  near  the  axial  location  of  the  model. 
Therefore  the  reference  static  pressure,  which  is  used  to  calculate  Mach  number  and  tgainst  which  pressure  coefricients 
are  referred,  is  taken  u  the  mean  of  the  pressures  at  tappings  numbers  4,  5  and  6  (as  indicated  in  Figures  2  and  7) 
which  are  considered  to  be  upstream  of  the  afterbody  field  but  downstream  of  the  ini  luence  of  the  tunnel  entry 
field. 


As  part  of  the  tunnel  commissioning  a  calibration  of  the  tunnel  was  carried  out  to  determine  the  correct  value 
of  wall  static  pressure  to  use.  This  calibration  was  made  by  determining  the  dng  of  a  faired  body  independently  by 
a  wake  traverse  and  by  direct  force  measurement.  These  two  measurements  are  each  dependent  on  stream  static 
pressure  which  could  therefore  be  derived  by  cross  plotting.  This  derived  “correct”  value  of  static  pressure  was  then 
compared  with  the  measured  wall  static  pressures  to  determine  which  static  tappings  should  be  used  to  define  stream 
static  pressure  in  subsequent  tests. 


6.  TEST  RESULTS  AND  DISCUSSION 

6.1  Boundary  Layer  Profiles 

A  preliminary  series  of  tests  was  carried  out  to  establish  the  blowing  pressures  to  provide  a  thin  boundary  layer. 
At  any  Mach  number,  for  a  given  slot  geometry  and  position,  there  is  a  unique  blowing  pressure  which  provides  a 
minimum  thickness  boundary  layer  of  realistic  profile.  If  the  slot  is  blown  at  too  low  a  pressure  the  boundary  layer 
is  inadequately  thinned  while  if  the  pressure  is  too  high  a  wall  jet  type  of  profile  persists  at  the  measurement  plane. 
Typical  profiles  without  blowing  and  at  the  optimum  blowing  pressure  are  shown  in  Figure  8.  The  development  of 
the  blowing  technique  has  been  described  in  Reference  2  which  also  contains  more  comprehensive  boundary  layer 
profiles. 

Blowing  can  be  seen  to  have  been  very  effective  in  re-energising  the  more  significant  part  of  the  boundary  layer 
near  the  body  surface  but  a  plateau  of  velocity  slightly  below  the  free  stream  value  was  left  at  the  top  of  the  layer. 
Since  this  plateau  probably  does  not  greatly  influence  the  flow  over  the  afterbody  the  boundary  layer  thickness  has 
been  referred  to  the  height  at  which  the  velocity  is  95%  of  the  free  stream  value.  On  this  basis  the  thickness, 

0.027  with  blowing  and  0.10  without  blowing.  These  values  are  quite  representative  of  typical  flight 
and  model  test  conditions  respectively. 

6.2  Jet  Hpe  Static  and  Total  ftesiure  Measurements 

The  axial  variation  of  jet  pipe  static  pressure  is  plotted  in  Figure  9  and  total  pressure  profiles  are  plotted  in 
Figure  1 0.  These  (vofiles  show  a  somewhat  distorted  form  as  a  result  of  the  large  amount  of  diffusion  in  the  delivery 
duct,  as  sketched  in  Figure  3. 

6.3  Afterbody  Pressure  Distribution  and  Drag 

Representative  pressure  coefficient  distributions  for  the  three  geometries  at  various  test  conditions  are  plotted 
in  Figures  II  to  14.  These  distributions  have  been  integrated  over  the  boattail  projected  area  to  obtain  pressure  drag 
coeffleients  which  are  plotted  as  functions  of  nozzle  pressure  ratio  and  Mach  number  in  Figures  IS,  16,  17.  Finally 
these  plots  have  been  interpolated  to  give  the  variation  of  drag  with  Mach  number  at  a  nozzle  pressure  ratio  of  3.0 : 1 . 
This  is  plotted  for  the  three  afterbodies  in  Figure  1 8. 

The  significance  of  these  esults  is  discussed  with  respect  to  the  influence  of  model  geometry  and  boundary 
layer  thickness  in  later  papers. 

The  results  of  these  tests  have  been  presented  more  completely  in  Reference  3  and  the  influence  of  boundary 
layer  thickness  has  been  examined  in  Reference  4. 


7.  CONCLUSIONS 

Three  afterbody  models  corresponding  to  the  AGARD  10°,  15°  and  25°  geometries  have  been  tested  over  a 
range  of  Mach  numbers  and  nozzle  pressure  ratios  in  the  Rolls-Royce  (1972)  Ltd.  Transonic  Wind  Tunnel  at  Bristol. 
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Blowing  tlr  from  a  slot  on  the  model  support  sting  upstream  of  the  model  attachment  plane  has  proved  to  be 
a  succeuful  technique  for  reducing  the  boundary  layer  on  the  model  to  a  thickness  similar  to  a  typical  equivalent 
flight  value. 

Reduction  of  boundary  layer  thickness  hu  been  shown  to  have  a  significant  effect  on  afterbody  pressure  distribu¬ 
tion  and  at  higher  Mach  numbers  a  substantial  change  of  pressure  drag  results. 
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Fig.  5  Afterbody  ordinates 
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Fig.6  Afterbody  surface  static  tapping  locations.  The  numbers  1,2,3,  refer  to  the  three  afterbodies,  as 
specified  in  Figure  S,  and  signify  that  a  tapping  is  fitted  to  the  afterbody  indicated  at 

the  particular  location 
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Fig.9  Jet  pipe  static  pressure  distribution 
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Fig.  1 S  Boattail  pressure  drag  coefficient  conflguration  1 
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Fig.  16  Boattail  pressure  drag  coefficient  configuration 


122 


•••:*!!  nil' yf»flfWRwaB??nf!?miWffBlrlf!f!lia!lflRSII!ifll!  mi!  UHllm?  5 


in  !£tn  RinnlhHir 


i|^(!:;::::::::r :::::  L:ti:  auiimi  nfnti 

Itl!!;;  iitit  ItH:  :H:i  HH:  iilli  StHi  !i£ 


••  V  ‘T’-  -fT!'  ‘.2111  ‘Titt  rsTTt  t:ti‘  ‘••9?  Tfti !  ititrnniTtttt 


. . .i!i:::ipi 


iiiiiiiiiiiiiiiiHiiiiiiiililiii^iiiiii 
iiiiyiiiiiiiiiiiilHiilililliilliiMIl 


HiiiHJ'laliliHl 


:::a; 

:  ..“iL.  ;::wj 

I  .ii;.  4;uu:i; <;wuu:  Ufi;  Mt 


:ci: 

r:i:: 


tinni!; 


Linvjzt 

;^n:| 

llHfiiillillfiiilliil 
liiiilg  ^pm^ipp; 


rrrt  n:;: rti:;  rtrtiitn  mf,  Ptti  miatt:  WK  awifli  .i4ii  art  BBH1« 

I :::::u]i:3 


IHiffililiil 

:yilnll:HnlHyyHiPPIi:»i:-;;;--!Sii, 
iFiFiiyFFiiiiiyiiiiPilllliPPiilll 

::lliaii:inipHli»iyi!|i|iyiiiiPl^iilliiliil^ 

liiiiiii  liiililiyiHpiiriiliiliiir  «illir^  _ 

iLippiiippiiiiiiijr4ii:;:r!ippiiiiiHiffl»si8iiiK!iii«»^ 


:t::2:i::::2:isn:::u:iii 


I-Cl 


AN  EXPERIMENTAL  STUDY  OF  THE  INFLUENCE  OF  THE  JET  PARAMETERS  ON  THE 
AFTERBODY  DRAG  OF  A  JET  ENGINE  NACELLE  SCALE  MODEL 

by 

HDissen,  A.Zacharias 

DFVLR-Institut  fQr  Antriebssysteme,  Braunschweig,  Flughafen 


SUMMARY 

Numerous  experimental  tests  with  an  engine  nacelle  scale  model  were  made  to  in¬ 
vestigate  the  influence  of  engine  jet  parameters  on  the  pressure  distribution  of  the  engine 
nacelle  and  therefore  on  the  boattail  pressure  drag.  Regarding  the  planned  flight  tests  on 
the  HFB  320  Hansa  Jet  at  the  end  of  1975,  the  experimental  work  was  done  with  a  model 
of  the  GE  CJ  610  engine  nozzle,  including  its  nacelle.  The  influence  of  jet  pressure  ratio 
and  jet  temperature  on  the  boattail  pressure  distribution  at  different  flight  Mach  numbers 
are  shown.  The  effect  of  boundary  layer  control  and  the  influence  of  changing  the  internal 
nozzle  geometry  on  the  pressure  drag  is  also  investigated. 


SYMBOLS 
A  area,  m* 

A^ax  maximum  cross-sectional  area  of  model,  m^ 

Cpp  pressure  drag  coefficient,  Dp/(q„  'Amax  ) 

Cp  pressure  coefficient,  (p-p.  )/q„ 

Cp  specific  heat  at  constant  pressure,  kJ/kgK 
Dp  pressure  drag,  N 

L  length,  m 

M  Mach  number 

m  massflow,  kg/s 

p  pressure,  N/m^ 

q  dynamic  pressure,  N/m’ 

R  gas  constant,  kJ/kgK 

Re  Reynolds  number 

RepMAX  stream  Reynolds  number  based  on  maximum  model  diameter 

r  radial  distance  from  model  center  line,  m 

r*  recovery  factor  (specially  determined  for  the  used  thermocouples) 

t  temperature  “C 

T  temperature,  K 

U  velocity  in  x-direction,  m/s 

X  axial  coordinate 

y  radial  coordinate 

P  afterbody  boattail  angle 

K  ratio  of  specific  heats 

p  density,  kg/m^ 


I-C2 

NPR  nozzle  pressure  ratio,  NPR  = 
e  compressibility  factor,  —— (P|/p,—l)  /  ((Pt/Pj)  ~ 


Subscripts 

B.L.  boundary  layer 
e  exit 

j  jet 

M  measuring 

MAX  maximum 

s  static 

t  total 

oe  free  stream 


1.  EXPERIMENTAL  TEST  SETUP 
1.1  Wind  Tunnel 

The  arrangement  of  the  wind  tunnel  is  shown  in  Figure  1.  The  test  facility  consists  of  4  elements; 

•  the  turbojet  engine  J6S,  which  is  only  shown  with  its  bellmouth, 

•  the  transition  unit  between  the  test  section  and  the  jet  engine  inlet, 

•  the  test  section  with  air  inlet  and  rake  displacement  device  and 

•  the  model  support  unit  including  the  hot  gas  generator. 

The  engine  massflow  of  the  J65  turbojet  was  directly  used  to  simulate  the  flight  velocity  by  sucking  the  air 
from  the  surrounding  atmosphere  through  the  test  section  and  transition  unit  into  the  engine  inlet.  Flight  Mach 
number  can  be  changed  by  controlling  the  engine  speed.  The  model  is  coaxially  situated  in  the  test  section. 

The  turbojet  engine  J6S  (1)  has  a  13-stage  axial  flow  compressor  with  a  pressure  ratio  of  about  6.4.  The  maxi¬ 
mum  engine  speed  is  8,300  revolutions  per  minute  (RPM)  and  the  engine  airflow  is  52  kg/s.  The  test  section  was 
built  corresponding  to  these  data. 

The  transition  unit  (2)  consists  in  its  first  version  of  two  cylindrical  steel  pipes  one  fitted  into  the  other,  of 
795  mm  diameter.  In  order  to  simulate  higher  Mach  numbers  a  modified  version  of  this  stage  is  planned  and  will 
be  built  as  a  conical  diffuser  to  reduce  total  pressure  loss. 

The  test  section  (3)  is  cylindrical  with  505  mm  diameter,  and  has  a  length  of  2,000  mm.  In  a  slot  on  the 
bottom  side  of  the  test  section  the  rake  (5)  for  measuring  the  total  pressure  and  temperature  distribution  of  the  jet 
and  the  freestream  velocity  profile  can  be  displaced  downstream  in  an  axial  direction.  The  rake  (6)  for  determining 
the  boundary  layer  profile  is  also  installed  in  the  test  section.  The  static  pressure  distribution  can  be  measured  by 
several  static  pressure  probes  placed  in  6  areas  on  the  wall  of  the  test  section  (Fig.2).  The  area  blockage  due  to  the 
model  is  about  4%. 

1.2.  Model 

The  model,  which  is  not  insulated,  is  in  its  intemai  and  external  geometry  a  1/7.3  scale  model  of  the  HFB  320 
CJ  610  jet  engine  nacelle.  At  its  maximum  diameter  a  slot  for  blowing  air  is  fitted  to  the  model  to  influence  the 
boundary  layer  (Fig.3).  The  model  consists  of  two  halfshells  and  incorporates  28  static  taps  and  10  thermocouples. 
The  model  contour  is  described  in  Figure  4.  The  model  is  flanged  to  a  cylindrical  pipe  connecting  the  model  with  the 
hot  gas  generator.  This  hot  gas  generator  heats  up  compressed  air  in  a  combustion  chamber  and  is  installed  on  a 
movable  lifting  device.  This  makes  it  possible  to  position  the  model  in  the  desired  place  of  the  test  section  (Fig.  1(4)). 
The  connecting  pipe  consists  of  two  coaxial  arranged  pipes,  the  intemai  one  for  the  hot  gas,  the  outer  one  to  supply 
air  to  the  slots  for  bt  undary  layer  control. 

2 .3  Instrumentation 

The  ordinates  describing  the  static  taps  and  the  position  of  the  thermocouples  on  the  nacelle  are  listed  on 


*li<.  Mi}  « 
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Figure  4.  The  Jet  rake  consists  of  40  pitot  probes  and  40  NiC^Ni  thermocouples.  The  boundary  iayer  rake  has 
only  4  pitot  probes  and  4  NiCr-Ni  thermocouples.  The  disposition  of  both  rakes  is  illustrated  on  Figure  1  and 
Figure  2.  Static  taps  and  thermocouples  in  the  connection  pipe  in  front  of  the  nozzle  are  used  to  determine  the 
nozzle  airflow.  Twenty-four  static  tappings  were  distributed  axially  along  the  test  section  wail  on  six  meuuring 
planes.  The  disposition  of  these  tappings  is  shown  in  Figure  2.  Tunnel  Mach  number  wu  evaluated  from  the  total 
pressure  of  the  take  in  the  jet  exit  area  outside  the  jet  and  the  static  pressure  in  the  measuring  plane  *‘2’’.  All  data 
(pressures  and  temperatures)  were  recovered  automatically  on  paper  tapes  and  evaluated  with  a  computer  program. 

In  subsonic  flow  the  measured  dynamic  pressure  is 


With  the  density  p  and  the  measured  temperature  T^ 


P 


Pt 

R  •  T, 


=  T. 


r* 


the  tunnel  Mach  number 

M  =  U/y/x  RT, 

is  defined  by  the  Mach  number  found  for  the  tunnel  flow  in  the  jet  exit  area.  The  influence  of  the  test  section 
length  and  of  area  blockage  on  the  velocity  profile  respectively  on  static  pressure  distribution  on  the  wall  is  shown 
in  Figure  S  and  Figure  6.  It  is  indicated  that  tunnel  length  has  no  significant  effect  on  these  parameters  at  several 
RPM’s. 

The  pressure  coefficient  Cp  =  (p— p«i)/qa>  is  calculated  using  the  difference  between  the  measured  static 
pressure  on  the  nacelle  and  the  static  pressure  measured  in  plane  “2”  of  the  test  section  wall.  (The  jet  exit  area  is 
located  between  the  measuring  planes  “2”  and  “3**.)  The  dynamic  pressure  is  determined  by  the  pitot  pressure  and 
the  static  pressure  on  the  wall  in  plane  “2”.  The  pitot  pressure  is  measured  in  the  freestream  outside  the  jet  with 
the  rake  (5).  The  pressure  drag  coefficient  C|3p=Dp/q«,Am,j(  is  derived  from  the  boattail  pressure  drag  Dp 

Ap  sin  <p  dA.  sin  ^  *  dA  is  the  finite  area  element  of  the  boattail  surface  projected  vertical  to  the  model  axis.  It 
is  assumed  that  there  is  a  symmetrical  pressure  distribution  on  the  boattail  surface. 


2.  TEST  PARAMETERS 

Due  to  the  windtunnel  capability  the  investigations  were  made  for  flight  Mach  numbers  of  Mo<>  =  0.2,  0.45, 
0.6.  Regarding  these  flight  velocities  the  Reynolds  numbers  are  RcpM^x  '  ~  0.4822,  1.0194  and  1.2108. 

The  Reynolds  numbers  are  related  to  the  maximum  diameter  of  th;  model.  Three  different  nozzle  pressure  ratios 
NPR  =  1.7,  2.2  and  3.0  and,  for  each,  two  jet  temperatures  of  Tj  -  290K  and  790K  are  chosen  for  the  above 
mentioned  flight  Mach  numbers.  The  boundary  layer  was  influenced  by  a  secondary  airstream  ejected  through  a 
slot  on  the  model  surface.  For  the  three  Mach  numbers  the  massflow  of  this  secondary  airstream  was  constant  with 
"'bl.  ~  massflow  rate  limited  by  the  pressure  air  supply  unit  could  influence  the  boundary  layer  up 

to  Ma.<0.45  sufficiently.  The  boundary  layer  could  not  be  completely  corrected  by  the  massflow  at  Moe  =  0.6. 
Distortion  of  the  jet  velocity  distribution  was  produced  in  controlling  the  air  supply  for  secondary  airflow  at  the 
nozzle  exit  (Fig.3).  Moreover  to  Mw,  =  0.45  the  slot  for  the  jet  exit  bypass  stream  was  closed.  The  following 
table  describes  the  different  test  parameters  in  summary. 


M«, 

*^®DMAX 

NPR 

Tj 

B.L. 

Distortion 

Configuration 

Boattail/Nozzle 

290 

natural 

no 

0.2 

0.4822- 10‘ 

1. 7,2.2, 3.0 

790 

blown 

yes 

HFB/HFB 

0.45 

1.0194-10* 

l.7,2.2,3.0 

290 

790 

natural 

no 

HFB/HFB 

blown 

yes 

HFB/AGARD 

290 

natural 

no 

0.6 

1.2108-10* 

l.7,2.2,3.0 

790 

blown 

yes 

HFB/HFB 

1-04 


3.  RESULTS  AND  DISCUSSION 

Fifure  7a  shows  the  boundaiy  layer  velocity  and  temperature  profiles  at  the  maximum  diameter  of  the  HFB 
320  CJ  610  jet  engine  model  with  natural  and  blown  boundary  layer  at  =  0.4S  for  a  cold  jet.  At  this  Mach 
number  it  was  possible  to  almost  eliminate  the  boundary  layer.  Figure  7b  shows  the  boundary  layer  profiles  at  the 
same  Mach  number  for  cold  and  hot  jets  without  blowing.  With  the  above  mentioned  measurements  it  is  evident 
that,  as  a  result  of  the  heat  conduction  within  the  model  for  the  hot  jet  condition,  the  surface  temperature  of  the 
model  exceeded  the  static  temperature,  entailing  a  heat  transfer  from  the  model  to  the  free  stream.  This  gives  rise 
to  a  more  turbulent  shape  of  the  velocity  profiles;  the  influence  is  equivalent  to  the  effect  produced  by  boundary 
layer  blowing.  Figure  7c  shows  the  natural  and  blown  boundary  layer  profiles  at  M  =  0.6.  At  this  Mach  number 
the  influence  of  blowing  is  not  significant. 

Surface  temperature  distributions  of  the  model  at  Mo.  =  0.45  and  0.6  are  presented  in  Figure  8.  For  the 
hot  jet  the  wavy  trend  of  the  curves  is  caused  by  the  structural  layout  of  the  model  of  the  engine  nacelle.  At  the 
attachment  points  between  the  nacelle  and  the  jet  pipe  the  heat  flux  to  the  outer  surface  is  intensified  in  comparison 
with  the  more  insulated  intemiediate  portions  of  the  nacelle.  The  slight  streamwise  rise  in  the  surface  temperature 
is  also  a  result  of  the  heat  conduction  within  the  model,  if  the  jet  is  hot.  In  Figures  9  and  1 0  the  influence  of  jet 
temperature  on  the  pressure  distribution  on  the  boattail  is  shown.  These  data  are  plotted  for  Mg,  =  0.45  and  0.6, 
a  nozzle  pressure  ratio  of  3.0,  and  for  natural  and  blown  boundary  layer.  It  is  confirmed  that  for  both  Mach  numbers 
at  least  up  to  NPR  (nozzle  pressure  ratio  p^/poo)  =  3.0  the  hot  jet  is  more  penalized  than  the  cold  jet,  for  the 
natural  boundary  layer  as  well  as  for  the  blown  one.  Only  at  M«o  =  0.6  and  blown  boundary  layer  (Fig.  I  Ob)  the 
difference  between  the  hot  and  cold  jet  is  not  so  clear,  but  this  will  be  evident  when  estimating  the  drag.  Up  to  this 
nozzle  pressure  ratio  the  flow  curvature  of  the  jet  is  concave  and  the  jet  plume  effect,  which  favours  the  recompression 
on  the  boattail  is  not  so  intensified.  Here  the  jet  entrainment,  favoured  by  the  faster  decay  of  the  hot  jet'  compared 
to  the  cold  jet,  dominates.  So  the  recompression  is  hindered  and  the  pressure  distribution  is  more  penalized.  Con¬ 
cerning  the  hot  jet  the  shape  of  the  boundary  layer  velocity  profiles  is  comparable  to  that  of  a  blown  boundary  layer 
due  to  the  heat  transfer  from  the  model  to  the  free  stream.  So  it  cannot  be  said  that  the  difference  between  the 
pressure  distributions  is  only  based  on  the  intensified  hot  jet  entrainment.  Planned  investigations  with  an  insulated 
model  surface  will  give  more  distinctive  explanation.  Figure  1 1  shows  the  influence  of  the  nozzle  pressure  ratio  for 
a  cold  and  hot  jet  on  the  boattail  pressure  distribution.  There  is  hardly  a  difference  between  the  pressure  distributions 
at  various  NPKs  (1.7<NPR<3.0).  Investigations  at  the  same  conditions  without  a  jet  show  a  significant  difference 
between  the  pressure  distributions.  This  confirms  the  jet  plume  effect,  which  favours  the  recompression. 

The  influence  of  the  boundary  layer  on  the  pressure  distribution  at  M«o  =  0.45  with  cold  and  hot  jet  is  shown 
in  Figure  12.  At  this  Mach  number  the  boundary  layer  could  almost  be  corrected  completely.  It  is  evident  that 
(Fig.  12a)  an  improvement  of  the  pressure  distribution  for  a  cold  jet  is  caused  by  blowing.  For  the  hot  jet  a  similar 
statement  can  be  made,  although  in  this  case  the  difference  is  not  clear  enough.  By  estimating  the  drag  this  can  be 
seen  quite  clearly.  Figure  13  shows  the  boattail  surface  static  pressure  distribution  on  the  model  for  a  cold  and  hot 
jet  at  Moo  =  0.6.  I  hey  indicate  that  a  distortion  of  the  jet  velocity  profile  produces  no  significant  effect  on  the 
static  pleasure  distribution.  The  effect  of  the  internal  nozzle  configuration  on  the  pressure  distribution  at  Moo  =  0.45 
for  a  cold  jet  and  NPR  =  1.89  is  shown  in  Figure  14.  Two  different  nozzle  contours  incorporating  the  same 
boattail  shape  were  used  to  investigate  this  effect.  It  can  be  seen  that  there  is  no  difference  between  the  boattail 
pressure  distributions  obtained  with  the  AGARD  and  HFB  320  nozzles. 

In  Figure  15  the  pressure  drag  coefficient  for  a  cold  and  hot  jet  is  shown  for  NPR  =  3.0  at  Moo  =  0.2,  0.45 
and  0.6  Corresponding  to  the  pressure  distributions,  the  pressure  drag  coefficient  for  hot  jets  is  higher  than  for 
cold  jets.  By  increasing  the  flight  Mach  number  from  0.2  to  0.45,  the  pressure  drag  coefficient  decreases  and  remains 
nearly  constant  from  Moo  =  0.45  to  Moo  =  0.6. 


4.  CONCLUSION 

Experimental  tests  were  made  to  investigate  the  influence  of  the  jet  temperature  and  jet  pressure  ratio  on  the 
static  pressure  distribution  of  the  engine  nacelle  and  therefore  on  the  boattail  pressure  drag.  Moreover  the  effect 
on  boundary  layer  control  of  changing  the  inner  nozzle  contour  and  of  distortion  of  the  jet  velocity  profile  is  in¬ 
cluded. 

In  the  Mach  numbers  range  0.2  <  Moo  <0.6  hot  jet  causes  a  penalized  static  pressure  distribution  on  the  nacelle 
and  therefore  a  higher  boattail  pressure  drag.  These  results  have  to  be  proved  by  further  tests  with  an  insulated 
nozzle  to  eliminate  the  heat  flux  from  the  nozzle  to  the  nacelle.  Nozzle  pressure  ratios  in  the  range  of 
l.7<NPR<3.0  do  not  effect  the  pressure  distribution  to  a  measurable  degree. 

The  influence  of  the  boundary  layer  on  the  boattail  static  pressure  distribution  can  only  be  stated  for 
Moo  =  0.45.  Boundary  layer  control  favours  the  pressure  drag  for  the  cold  jet,  but  for  the  hot  jet  this  effect  cannot 
be  shown  clearly. 


I-CS 


Changini  the  inner  nozzle  contour  or  distorting  the  jet  did  not  act  upon  the  static  pressure  distribution  in  this 
investigation. 
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Fig.  I  Test  setup 
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Fig.4  Location  of  pressure  taps  and  thermocouples 
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Fig.S  Pressure  distribution  on  the  wind  tunnel  wall  with  and  without  model  (Ap  =  p^^ 
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Fig.6  Wind  tunnel  velocity  profiles  without  model 
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Fig.8  Static  temperature  distribution  on  the  boattail  of  HFB  320  CJ  610  jet  engine  nacelle  model  for  cold  and 
and  hot  jets  and  natural  and  blown  boundary  layen  at  M.  =  0.45 


Fig.  1 5  Boattail  drag  coefficient  as  a  function  of  M«i  for  cold  and  hot  jet  and  natural  boundary  layer 

at  different  NPR 
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by 

H.Emunds  and  H.Riedel 

Deutsche  Forschungs-  und  Versuchsanstalt  fOr  Luft- 
und  Raumfahrt  E.V.,  Porz-Wahn 


SUMMARY 

The  results  presented  relate  to  the  AGARD  models  with  10°  and  15°  boattail  chord 
angle.  They  cover  the  static  pressure  distributions  on  the  afterbody  and  wall  of  the 
propulsive  nozzle  as  well  as  the  total  pressure  distributions  in  the  nozzle  flow  and  in  the 
external  (low  Held.  The  latter  was  only  investigated  for  the  model  with  10°  boattail. 
From  the  surface  static  pressure  distributions  on  the  afterbody  of  the  models  the  boattail 
pressure  drag  coefficient  was  deduced.  A  cold  propulsive  jet  of  air  was  used,  the  nozzle 
total  pressure  ratio  ranging  from  1 .0  to  6.63.  The  free  stream  Mach  tiumbers  covered 
the  regime  0.5  <  M*  <  0.96  . 


UST  OF  SYMBOLS 


(See  also  Figures  1  and  5.) 


Am  AX 
Cpp  = 


4 

Dp 

9o.  Amax 


Cp 


p-  P- 

Qo* 


D 

Dp 

/ 

M 

NPR  =  ptj/p» 


Pt 


r 

Re» 


Poe  UooD 


Poe 


U 


X.  Y 


X.  y 
x’,  y 


maximum  cross-scctional  area 

boattail  pressure  drag  coefficient 

boattail  surface  static  pressure  coefficient 

maximum  model  diameter 
boattail  pressure  drag 
boattail  length 
Mach  number 
nozzle  pressure  ratio 
total  pressure 

free  stream  dynamic  pressure 
radius 

free  stream  Reynolds  number  based  on  maximum  model  diameter 
velocity  in  X-direction 

Cartesian  coKirdinate  system  at  model  nose  (Fig.l) 

Cartesian  co-ordinate  system  at  nozzle  exit  (Fig.8) 

Cartesian  co-ordinate  system  with  y-axis  parallel  to  Y-axis  tFig.5) 

Cartesian  co-ordinate  system  with  y'-axis  along  the  local  surface  normal  (Fig.5) 
boattail  chord  angle 


1D2 

p  density 

M  coeftlcient  of  molecular  viscosity 

Subscripts 

j  jet  at  nozzie  exit  (X/D  =  1 4.725  .  Y/D  =  0 ) 

••  free  stream  (i.e.  tunnel  flow) 

R  eference  (X/D  =1.7164,,  Y/D  =  0) 

I .  EXPERIMENTAL  SI  T-UP 

1.1  Wind  Tunnel 

The  investigation  was  >  arried  out  in  the  340  mm  diameter  vertical  free  jet  test  section  of  the  30  x  30  cm^  super¬ 
sonic  blowdown  tunnel  of  tlie  Institut  fOr  Angewandte  Gasdynamik  of  the  DFVLR  in  Porz-Wahn.  The  model  support 
was  in  the  form  of  a  sting.  Figure  2  shows  the  test  section  and  the  rig  for  the  model  support.  The  dimensions  in 
this  figure  are  in  mm. 

1.2  Models 

A  survey  of  the  different  AGARD-Models,  including  some  constructional  details,  is  given  in  Figure  6.  The  models 
designated  Al,  A2,  and  A3  correspond  to  10°,  15°,  and  25°  boattail  chord  angles,  respectively.  All  dimensions  in 
Figure  6  are  in  mm.  Geometric  details  of  the  boattail  and  nozzle  contours  of  the  models  are  presented  on  Figure  7, 
The  contour  of  the  curved  section  of  the  boattails  is  a  circular  arc. 

1.3  Instrumentation 

1.3.1  Wind  Tunnel  Instrumentation 

The  basic  instrumentation  of  the  wind  tunnel  consisted  of  a  total  and  a  static  pressure  probe  for  the  measure¬ 
ment  of  the  wind  tunnel  reference  conditions.  These  probes  (Items  (4.1)  and  (4.2)  in  Figure  3)  were  positioned  in 
the  exit  plane  of  the  wind  tunnel  nozzle,  as  indicated  in  Figure  3.  The  tunnel  reference  temperature  was  measured 
upstream  of  the  model  support  with  a  Fe-Constantan  thermocouple. 

1.3.2  Flow  Field  Traverse  Gear 

The  traverse  gear  for  the  investigation  of  the  flow  field  (Item  ( 1 )  in  Figure  3)  comprised  a  rotatable  probe 
holder  support  (1.1),  a  total  temperature  probe  (1.2),  and  a  total  pressure  probe  (1.3).  The  total  temperature  probe 
consisted  of  a  NiCr-Ni  thermocouple.  The  positioning  of  the  traverse  gear  at  any  point  in  the  flow  field  was  con¬ 
trolled  by  servomotors.  Details  of  the  probes  of  the  traverse  gear  are  displayed  in  Figure  4,  all  dimensions  on  this 
figure  being  in  mm. 

The  main  traverse  directions  of  the  total  pressure  probe  of  the  traverse  gear  were  as  indicated  in  Figure  5,  the 
plane  of  measurement  coinciding  with  that  of  the  static  pressure  on  the  boattail  of  the  respective  model  (Item  (5) 
in  Figure  3).  The  plane  of  traverse  of  the  total  temperature  probe  was  parallel  to  this  at  a  distance  of  2.5  mm.  In 
the  region  of  the  boattail  (13.067  <  X/D  <  14.725  for  model  Al)  two  different  traverse  directions  were  chosen 
for  a  particular  X/D  =  const .  In  one  case  this  was  the  y-direction,  which  is  parallel  to  the  Y-axis,  and  in  the  other 
case  the  traverse  took  place  in  the  y'-direction  which  is  the  outward  normal  to  the  surface  at  tlie  same  X/U  .  As 
indicated  on  Figure  5,  the  origins  of  the  systems  of  axes  x,  y  and  x',  y'  are  at  a  distance  of  half  a  total  pressure 
tube  external  diameter  =  0.5  mm  =  0.00747  D  from  the  model  surface  along  the  directions  of  y  and  y',  respectively. 
On  the  cylindrical  part  of  the  model  afterbody  the  traverae  took  place  in  the  y-direction.  Downstream  of  the  model 
base  the  flow  field  was  traversed  from  the  centre  line  in  the  direction  of  the  positive  Y-axis. 

1.3.3  Model  Instrumentation 

The  model  instrumentation  comprised  taps  for  the  static  pressure  on  the  model  afterbody  and  on  the  internal 
nozzle  wall,  a  total  pressure  rake  inside  the  nozzle,  and  a  total  temperature  probe  for  the  internal  nozzle  flow.  With 
reference  to  Figure  8,  at  the  taps  numbered  (l)-(IO)  the  internal  static  pressure  was  measured.  The  probes  of  the 
internal  total  pressure  rake  cover  the  positions  (1 1)-(17).  The  total  pressure  measured  with  probe  (II),  which  coin¬ 
cides  with  the  model  centre  line,  was  taken  as  total  pressure  reference  (p^g)  for  the  nozzle  flow.  The  afterbody 
static  pressure  was  measured  at  pressure  taps  (18)-(31)  in  the  case  of  AGARD  models  Al  and  A2  and  at  pressure 
taps  (18)-(36)  for  Model  A3.  All  pressures,  like  those  of  the  wind  tunnel  instrumentation,  were  recorded  automati¬ 
cally  using  transducers  and  scanivalves.  The  internal  total  temperature  was  measured  at  the  probe  location  marked 
(T)  using  a  Chromel-AIumel  (NiCr-Ni)  thermocouple.  Table  I  displays  the  axial  positions  of  the  pressure  taps  and 
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of  the  probet  of  the  internal  total  preiiure  and  temperature.  For  the  total  preiiure  rake  the  Y-coordinatet  of  the 
probet  are  alto  given. 

1.4  Wind 'ninnd  CaUbration 

Tho  wind  tunnel  free  stream  Mach  number  Mm  was  determined  from  the  meuurementi  of  the  wind  tunnel 
referen.  s  total  pressure  P|M  (Probe  (4.1)  in  Figure  3)  and  the  reference  static  pressure  p*  (Probe  (4.2)  in  Figure  3) 
on  the  '  uis  of  the  assumption  that  the  wind  tunnel  air  is  a  perfect  pt  and  flow  is  isentropic.  The  expression  for  the 
free  tt  .earn  Mach  number  is 


The  free  stream  dynamic  pressure  is  given  by  the  relation 

q-  =  -“Mip.. 

As  yet  no  static  pressure  traverses  have  been  carried  out  in  the  test  section  of  the  free  jet  wind  tunnel.  Thus, 
the  results  of  Figures  9-16  show  the  total  pressure  distributions  in  the  test  section  with  Model  A1  installed  and 
the  propulsive  jet  in  the  off-condition.  The  exit  plane  of  the  wind  tunnel  nozzle  corresponds  to  X/D  =  8.495  and 
its  inner  edp  to  y/D  =  2.04  and  Y/D  =  2.54  .  respectively.  The  results  indicate  that,  when  a  model  is  installed 
in  the  test  section,  the  uniform  core  of  the  wind  tunnel  free  jet  ceases  to  exist  for  X/D  >  19.200  approximately. 


2.  TEST  PARAMETERS 

Up  to  the  present  two  of  the  three  AGARD-Models  have  been  subjected  to  tests.  These  are  the  models  A I  and 
A2.  The  test  conditions  were  the  following 

(1)  Cold  propulsive  jet;  277  K  <  T,;  <  288  K  . 

Ml  =  0,  0.5,  0.75  .  and  Mj  =  l.(W  at  pj/p*  =  1.00  . 

Tne  effect  of  undcrexpansion  of  the  propulsive  jet  was  investigated  for  Pj/Poo  =  I  S,  2.5  ,  and  3.5.  The 
relation  between  the  nozzle  pressure  ratio  NPR  =  Pij/p*.  and  the  nozzie  exit  flow  conditions  expressed 
by  Mj  and  Pj/p«o  is  shown  in  Figure  1 7 

(2)  Natural  boundary  layer  flow;  i.e.  No  boundary  layer  suction  or  blowing  was  applied.  Thus,  slot  (2),  see 
Figures  2  and  6,  was  closed. 

(3)  No  turbulence  generator  was  installed  in  the  air  supply  duct  leading  to  the  nozzle  (sec  Item  (4)  of  Figure  6). 

(4)  External  flow;  Free  stream  Mach  numbers  of  M*  =  0.5.  0.6.  0.7.  0.8.  0.9  .  and  0.96  ,  T(qo  =  280  K  and 

Po*  =  atmospheric  were  the  conditions  of  the  external  flow. 

The  scope  of  the  investigation  comprised  the  measurement  of; 

(a)  Static  pressure  distributions  on  the  afterbody  of  the  models  and  inside  the  no/.zie  at  the  wali. 

(b)  Total  pressure  distributions  in  the  extemai  flow  field  and  inside  the  nozzie  at  the  position  of  the  internal 

total  pressure  rake.  Up  to  the  present  the  total  pressure  distribution  in  the  external  flow  field  has  been 
investigated  for  modei  A1  only. 

The  free  stream  Mach  number  Moo  could  not  be  varied  independently  of  the  Reynolds  number  Reoo  based 
on  the  free  stream  conditions  and  the  maximum  model  diameter  D  .  Similarly,  the  nozzle  pressure  ratio  NPR 
could  not  be  altered  independently  of  the  jet  Reynolds  number  Rej  based  on  the  nozzle  exit  conditions  and  the 
nozzle  exit  diameter  Dj .  Table  II  shows  the  relation  between  M..  and  Reg.  and  between  NPR  and  Rej , 
respectively.  The  nozzle  exit  flow  conditions  expressed  by  Mj  and  pj/poo  are  also  shown. 


3.  RESULTS  AND  DISCUSSION 

3.1  Static  Presusre  Distributions 

3.1.1  Static  Pressure  Distributions  on  the  Afterbody 

The  results,  which  are  expressed  by  Cp  =  (p  —  Poo)/qoo  =  f(x//)  ,  where  /  is  the  boattail  length,  are  displayed 
in  Figures  i8  24  for  model  A I  and  in  Figures  2.^  31  for  model  A2.  F.ach  figure  corresponds  to  a  particular  nozzle 
flow  condition.  The  origin  of  x  coincides  with  the  junction  of  the  cylindrical  and  boattail  portions  of  the  afterbody. 
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Table  III  contains  the  relevant  information  concerning  the  symbols  on  these  diagrams  and  the  associated  free  stream 
Mach  number  M«  and  the  Reynoids  number  Re«  . 

In  the  following  the  effect  of  NPR  on  the  static  pressure  distributions  wiil  be  discussed  by  referring  to  two 
representative  free  stream  Mach  numbers,  i.e.  Mm  =  0.80  and  Mm  =  0.95  .  Considering  model  A I  first,  for  this 
the  flow  field  is  marked  by  an  absence  of  any  significant  flow  separation  on  the  model.  Results  obtained  using  the 
oil  flow  technique  indicate  that,  for  example,  at  Mm  =  0.95  and  NPR  =  I  (jet-off  condition)  no  How  separation 
exists  despite  of  the  fact  that  the  local  supersonic  (low  at  the  shoulder  of  the  model  afterbody  is  terminated  by  a 
shock  wave.  At  NPR  =  6.63  the  shock  sirength  associated  with  the  jet  plume  had  increased  sufficiently  to  cause 
flow  detachment  at  x//  =  0.96  .  Generally,  in  regions  where  the  streamlines  are  convex  in  the  outward  direction 
to  the  model  there  exists  a  suction  on  the  model  (negative  values  of  Cp  ),  a  typical  example  being  the  shoulder  of 
the  model  afterbody.  Towards  the  aft  end  of  the  model  the  stn.*am  lines  asume  a  concave  curvature  in  the  outward 
direction  to  the  model  as  the  flow  external  to  the  wake  or  jet  respectively  is  turned  into  the  free  stream  direction. 
This  leads  to  positive  values  of  Cp  on  the  model  in  the  region  concerned.  The  difference  between  the  cases  of  jet- 
off  and  jet-on  makes  itself  felt  in  the  following  way.  When  the  jet  is  turned  on  the  elimination  of  the  wake  and  the 
displacement  of  the  external  flow  by  the  presence  of  the  jet  results  in  an  increased  concave  curvature  of  the  flow  in 
the  vicinity  of  the  aft  end  of  the  model.  Thus,  in  this  region  Cp  grows.  This  is  evident  in  Figure  32  (Mm  =  0.80) 
by  comparison  of  the  static  pressure  distributions  for  NPR  =  1.0  and  NPR  =  1.19  .  On  increasing  the  NPR  from 
1.19  to  2.84  no  further  significimt  changes  in  the  Cp -distribution  are  observed.  The  underlying  reason  is  that  the  jet 
pluming  present  at  NPR  >  1.89  is  still  small  and  consequently  no  marked  change  in  the  displacement  effect  exerted 
by  the  jet  on  the  external  flow  occurs.  From  this  observation  it  can  be  deduced  that  no  significant  alteration  of  the 
flow  entrainment  by  the  jet  arises  when  NPR  is  varied,  since  an  increase  of  the  entrainment,  for  example,  would  be 
indicated  by  decreasing  values  of  Cp  .  For  NPR  >  3.0  the  jet  pluming  becomes  important  and  therefore  with 
increasing  NPR  the  static  pressure  coefficient  at  the  aft  end  of  the  model  grows.  This  trend  of  the  variation  of  the 
static  pressure  coefficient  with  NPR  on  the  rear  part  of  the  model  is  essentially  maintained  for  Mm  =  0.95  (Fig. 33). 
Compared  with  the  case  of  Mm  =  0.80  ,  however,  the  strong  expansion  at  the  shoulder  of  the  afterbody  leads  to  a 
significant  rise  in  the  suction  peak. 


The  flow  field  of  model  A2  is  characterized  by  a  pronounced  flow  separation  for  the  free  stream  Mach  number 

X 

range  investigated.  Thus,  using  the  oil  flow  technique,  for  Mm  =  0.5  separation  occurred  at  —  ^  0.85  and  for 

X  ^ 

Mm  =  0.95  at  —  ^  0.4  ,  irrespective  of  the  jet  nozzle  flow  conditions.  For  M*  =  0.80  separation  was  observed 

X 

to  take  place  at  y  =*  0.725  .  The  static  pre  sure  distributions  for  model  A2,  which  are  displayed  in  Figures  34 


and  35  for  Mm  =  0.80  and  0.95  respectively,  reflect  the  flow  detachment  by  a  plateau  pressure  distribution, 
starting  approximately  at  the  position  of  the  flow  separation.  The  flow  separation  entails  a  reduction  of  concave 
curvature  of  the  streamlines  of  the  flow  in  the  rear  portion  of  the  model  and  consequently  also  a  decrease  of  the 
magnitude  of  C|>  .  At  Mm  =  0.80  the  effect  of  NPR  on  the  static  pressure  distribution  is  essentially  the  same 
as  that  observed  for  model  A I  at  the  same  free  stream  Mach  number.  One  difference  arises  in  that  for  model  A  2, 
as  result  of  the  extensive  flow  separation  at  the  rear  end.  the  displacement  effect  exerted  by  the  jet  plume  in  the 
case  of  underexpansion  of  the  jet  can  make  itself  felt  only  at  higher  values  of  NPR  .  Thus,  while  for  model  A1  tne 
displacement  effect  by  the  jet  pluming  occurred  at  NPR  >  3.0 .  for  model  A2  it  becomes  significant  for  NPR  >  5 
approximately.  At  Mm  =  0.95  flow  separation  on  model  A2  coincides  with  the  position  of  the  shock  wave  termi¬ 
nating  the  region  of  local  survrscnic  flow  of  the  external  flow  field  at  the  shoulder  of  the  afterbody.  In  contrast 
to  the  case  of  Mm  =  0.80  now  at  Mm  =  0.95  there  exists  a  wide  wake  of  separated  external  flow  which  is  affected 
by  the  property  of  the  jet  to  entrain  fluid  from  it.-,  surroundings  in  addition  to  the  displacement  effect  exerted  by 
the  jet  on  the  external  flow.  Thus,  at  the  aft  end  of  model  A2  the  static  pressure  coefficient  arises  from  the  negative 
value  associated  with  the  wake  flow  in  the  jet-off  condition  to  a  positive  value  as  the  iet  is  turned  on.  This  is 
exemplified  by  the  case  Mj  =  0.50  (NPR  =  1.19)  in  Figure  35.  However,  on  increasing  Mj  the  magnitude  of  C,, 
is  reduced,  since  the  entrainment  of  flow  from  the  wake  becomes  the  dominant  factor.  This  trend  continues  until 
NPR  has  increased  to  NPR  =  4.74  approximately,  corresponding  to  Mj  =  1.0  and  pj/poo  =  2.50  .  For  values  of 
NPR  >  4.74  approximately  the  displacement  effect  due  to  the  jet  pluming,  which  sets  in  at  NPR  =»  2.84 
(Mj  =  0  ,  Pj/pM  =  1.5)  begins  to  counter  balance  the  entrainment  effect  and  finally  dominates,  so  that  Cp  rises 
again.  This  is  demonstrated  by  comparison  of  the  cases  NPR  =  4.74  and  6.63  ,  the  latter  corresponding  to 
Mj  =  1.0  and  Pj/pM  =  3.5  . 


3.1.2  Static  Pressure  Distributions  on  the  Nozzie  Waii 

Typical  examples  of  the  static  pressure  distributions  on  the  no/.zle  wall  are  shown  for  model  A I  and  A2  in 
Figures  35  and  36,  respectively.  In  these  figures  the  local  static  pressure  is  related  to  the  nozzle  reference  total 
pressure  p^  ,  which  is  the  total  pressure  measured  with  probe  (1 1)  (Fig.8).  The  static  pressures  were  measured  at 
taps  (1)  (10).  In  those  exses  where  a  nozzle  flow  exists  (Mj  >  0)  ,  because  of  the  flow  contraction  towards  the 
nozzle  exit  and  the  associated  acceleration  of  the  flow,  a  static  pressure  reduction  is  observed  as  the  nozzle  flow 
proceeds  towards  the  nozzle  exit.  At  any  particular  station  X/D  =  const,  the  static  pressure  decreases  as  the  noz/' 
Mach  number  is  raised  until  the  nozzle  flow  becomes  choked  (Mj  =  1.0). 


3.2  Total  Prcaaim  Distributiona 


S.2.1  Total  Pressure  Distributions  In  the  P'low  Field  of  thr  Propulsive  Jet  Without  External  Flow 

The  data  for  model  A1  are  diiplayed  in  Figures  38-48  u  plots  of  P|/Ptj  ^  f(Y/D)  for  X/D  =  const. ,  where 
Ptj  ~  Pta  reference  total  pressure  and  P)  is  the  total  pressure  measured  with  probe  (1.3)  of  the  How  field 

traverse  gear  (Fig.3).  For  sonic  nozzle  flow  and  pj/p.  =  1.0  within  the  limits  of  the  meuuring  accuracy  no 
difference  existed  between  Pm  and  P|  measured  in  the  nozzle  exit  plane  on  the  model  centre  line  (X/D  =  I4.72S  , 
Y/n  =  0) . 


The  results  show  that  for  sonic  nozzle  flow  and  Pi/Pm  =  1.0  the  effect  of  the  flow  mixing  of  the  jet  with  the 
surrounding  medium  at  rest  reaches  the  centre  line  of  tne  jet  at  approximately  X/D  =  I6.96S.  For  pj/pw  >  1.0 
the  jet  flow  becomes  underexpanded  and  within  the  jet  core  not  affected  by  the  flow  mixing  supersonic  flow  is 
established.  The  ratio  of  Pt/Ptj  on  Y/D  =  0  at  any  particular  X/D  =  const,  is  reduced  compared  with  the 
corresponding  value  for  pj/pn  =  1.0  on  account  of  the  total  pressure  loss  across  the  normal  shock  wave  that  is 
presented  upstream  of  the  total  pressure  probe  of  the  flow  field  traverse  gear.  Across  internal  shocks  of  the  jet  flow 
field  an  additional  total  pressure  loss  occurs  due  to  the  entropy  rise  associated  with  the  presence  of  a  shock  wave. 

3.2.2  Total  Pressure  Distributions  In  the  Flow  Field  Without  Propulsive  Jet 

Reference  is  again  made  to  model  Al.  For  the  region  of  the  flow  field  upstream  of  the  aft  end  of  the  model 
(X/D  <14.725)  the  data  are  plotted  as  P|/PtM  =  f(y/D)  or  f(y7D)  with  the  free  stream  Mach  number  Mm  as 
parameter.  The  co-ordinate  systems  used  are  explained  in  Figure  5.  These  results  are  presented  on  Figures  9-12. 

The  free  boundary  of  the  external  flow  (wind  tunnel  free  jet)  is  at  a  distance  of  approximately  y/D  =  2.0  from  the 
model  surface.  The  reduction  of  total  pressure  of  the  free  stream  in  the  vicinity  of  the  model  (y/D  or  y'/D  <  0.4) 
is  due  to  the  effect  of  the  skin  friction  and  is  an  indication  of  the  boundary  layer  flow  established.  Details  of  the 
total  pressure  distribution  across  the  boundary  layer  are  presented  in  Figures  49-55.  The  boundary  layer  thickness, 
defined  by  y/D  or  y'/D  where  Pf/ptM  =  0.99 .  increases  from  0.1  at  X/D  =  10.250  to  0.3  at  X/D  =  14.725 
(aft  end  of  the  model).  For  X/D  >  14.725  the  results  are  plotted  as  Pt/PtM  -  f(Y/D)  on  Figures  13-16.  The 
region  of  the  flow  field  where  Pt/Ptoo  <1.0  in  the  vicinity  of  Y/D  =  0  represents  the  wake  of  the  model.  As 
already  indicated  when  discussing  the  wind  tunnel  calibration  the  effect  of  the  mixing  of  the  free  jet  of  the  wind 
tunnel  with  the  surrounding  medium  penetrates  into  the  wake  flow  at  approximately  X/D  >  19.2  (Fig. 1 5). 

3.2.3  Total  Pressure  Distributions  in  the  Flow  Field  with  Propulsive  Jet 

It  was  observed  that  for  model  A I  in  the  presence  of  an  external  flow  (Mm  >  0)  the  propulsive  jet  had  no 
effect  on  the  total  pressure  distributions  in  the  region  of  the  flow  field  upstream  of  the  nozzle  exit.  The  total  pres¬ 
sure  distributions  at  the  nozzle  exit  and  downstream  of  it  are  displayed  in  Figures  56-75.  A  comparison  with  the 
case  where  the  surrounding  medium  is  at  rest  (Figures  38-48)  leads  to  the  conclusion  that  the  presence  of  the 
external  flow  introduces  no  significant  change  in  the  rate  of  the  mixing  of  the  jet  with  its  surrounding  medium 
when  this  is  in  motion.  Otherwise  the  flow  features  observed  when  discussing  the  flow  field  of  the  propulsive  jet 
in  the  absence  of  an  external  flow  (Section  3.2.1)  are  essentially  retained. 


3.2.4  Total  Pressure  Distributions  at  the  Internal  Rake 

Figures  76  and  77  show  two  typical  examples  of  the  total  pressure  distributions  measured  with  the  internal 
total  pressure  rake  in  the  pipe  supplying  the  air  for  the  jet  simulation  to  the  nozzle.  The  results  are  expressed  by 
Pt/PtR  =  f(Y/D) .  where  Pm  is  the  total  pressure  measured  with  probe  (I  I)  of  the  rake  (Fig.8).  Differences  in 
the  total  pressure  distributions  for  models  A I  and  A2  at  a  given  NPR  reflect  the  measuring  accuracy,  since  the  set¬ 
up  for  testing  both  models  incorporated  one  and  the  same  air  supply  system,  including  the  air  supply  pipe  to  the 
model  and  the  internal  total  pressure  rake.  These  differences  amount  to  0.2%  of  P(r  at  the  maximum. 


3.3  Pressure  Drag  Coefficient 


3.3.1  Effect  of  NPR 

The  pressure  drag  coefficient  was  obtained  by  integration  of  the  static  pressure-area  distributions  on  the  boattail. 
The  results  reflect  the  flow  features  already  observed  when  discussing  the  static  pressure  distributions.  With  reference 
to  model  A I  the  influence  of  NPR  is  displayed  in  Figure  78.  Turning  the  jet  on  eliminates  the  wake  flow  at  the 
base  of  the  model  and  displaces  the  external  flow,  so  that  the  associated  static  pressure  rise  at  the  aft  end  of  the 
model  creates  a  thrust  force  and  thereby  reduces  the  Cpp  value  in  comparison  with  the  jet-off  case.  For 
1.5  <  NPR  <  3.0  on  the  whole  the  displacement  effect  of  the  jet  is  relatively  unaltered  like  the  rate  of  flow  entrain¬ 
ment  by  the  jet,  so  that  Cpp  remains  effectively  constant.  However,  the  slight  growth  of  Cpp  for  the  lowest  free 
stream  Mach  number  (.Mm  <  0.7  approximately)  investigated  seems  to  indicate  that  the  flow  entrainment  effect 
outweighs  the  displacement  effect  of  the  jet  with  growing  NPR  .  The  opposite  appears  to  be  true  for  the  highest 
free  stream  Mach  numbers  covered  in  the  investigation  (Mm  >  0.9) .  For  NPR  >  3.0  with  growing  NPR  the  jet 
pluming  becomes  the  dominant  factor  and  the  accompanying  static  pressure  rise  at  the  model  aft  end  results  in  an 
increasing  thrust  and  thus  a  reduction  of  Cpp  . 
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For  model  A2  flow  wiwration  it  pretent  already  at  >  0.S  irreapecthre  of  the  nozzle  flow  conditioni,  to 
ttet  the  diaplecement  effect  exerted  on  ffie  extemel  flow  by  ffie  iet  when  thte  to  tunted  on  to  teneralty  wnilVi  tn 
oomperifon  with  that  experienced  for  nradel  At.  Dependii^  on  the  free  ttream  Mach  number,  two  different  trendt 
of  C0P  with  NPR  are  obterved  for  model  A2.  For  M«  <  0.8 ,  there  exitta  only  a  relatively  alight  flow  leparation, 
the  tepmiion  lying  withbi  the  range  0.725  <  x/l  <  1 .0 .  The  wAe  of  the  modtft  to  comparatively  nanow,  so  that 
when  the  jet  to  turned  on  the  effect  of  NPR  on  Cd^  it  timilar  to  that  obaerved  in  the  cate  of  model  Al .  For 
M«  >  0.8  flow  leparation  becomet  pronounced,  teparation  progreiaing  upitream  from  x//  «  0.72S  at  M..  =  0.8 
to  x//  -  0.41  at  Mm  <b  0.9S  .  Under  thete  condition!  the  wake  of  the  model  it  wide,  and,  coniequently,  the 
diiplacement  effect  of  the  jet  it  relatively  unimportant  fur  the  NPR  range  1 .25  <  NPR  <  3  in  compariton  with 
the  entrainment  effect.  The  latter  leadi  to  a  reduction  of  the  ttatic  pretture  on  the  boattail  in  the  vicinity  of  the 
nozzle  exit  and  thereby  entaib  a  rite  in  Cpp  with  NPR.  Decreaiing  NPR  from  NPR  «  1.25  to  1 .0  (jet-off 
condition)  involvet  flow  conditioni  where  the  velocity  difference  between  the  wake  flow  and  the  jet  flow  it  reduced 
to  luch  an  extent  that  there  it  practically  no  ligniflcant  entrainment  effect  of  the  jet,  and  the  initial  decline  of  Cpp 
with  NPR  from  the  jet-off  condition  to  the  reiult  of  the  jet  ditpiacing  the  wake  flow  from  the  base  of  the  model 
when  the  jet  b  turned  on.  Thut,  there  exiitt  a  depreaion  or  valley  at  NPR  =  1 .25  in  the  plot  of  Cpp  against 
NPR .  For  NPR  >  3.0 ,  approximately,  the  dbplacement  effect  exerted  by  the  jet  begins  to  outwei^t  the  contribu¬ 
tion  stemming  from  the  ent^nmeni  effect,  so  that  Cpp  declines  again  with  NPR  . 

3.3.2  Effect  of  Free  Stream  Mach  Number 

The  variation  of  the  prewure  drag  coefficient  with  the  free  stream  Mach  number  is  plotted  in  Figures  79  and 
81  for  the  models  Al  and  A2  respectively.  The  Mach  number  drag  rise  it  found  to  be  more  pronounced  in  the  case 
of  model  A2  than  for  model  Al.  This  is  largely  due  to  the  extensive  shock  induced  flow  separation  associated  with 
the  large  boattail  angle  of  model  A2.  No  further  anaiysb  of  the  results  plotted  in  Figures  79  and  81  is  attempted 
at  this  stage,  because,  as  already  indicated,  during  testing  the  free  stream  Mach  number  could  not  be  varied  indepen¬ 
dently  of  the  Reynolds  number.  The  relation  between  Mm  and  the  free  stream  Reynolds  number  is  given  in 
Table  11. 


4.  CONCLUSIONS 

Concerning  the  various  factors  influencing  the  boattail  pressure  drag  coefficient  the  following  conclusions  can 
be  drawn: 

(a)  Effect  of  Boattail  Geometry  expressed  by  Boattail  Chord  Angle  (3  and  the  Effect  of  Free  Stream 
Mach  Number 

For  small  boattail  chord  angles  0  of  the  order  of  10° (Model  Al )  the  external  flow  is  fully  attached  except 
at  high  subsonic  Mach  numbers  and  relatively  strong  underexpansion  of  the  propulsive  jet.  If  flow  separation 
occurs,  this  is  comparatively  weak.  Thus,  flow  recompression  at  the  aft  end  of  the  model  is  under  all  circum¬ 
stances  effective  in  keeping  the  pressure  drag  coefficient  small.  Drag  rise  with  free  stream  Mach  number  is 
moderate.  In  contrast,  for  boattail  chord  angles  ^  of  the  order  of  i  5°  (Model  A2)  flow  separation  exists  even 
at  low  free  stream  Mach  numbers  (Mm  =  0.5) .  The  level  of  the  pressure  drag  coefficient  is  therefore 
raised.  At  higher  values  of  Mm  (Mm  >  0.8)  shock  wave  induced  flow  separation  is  responsible  for  c 
wide  wake  and  the  drag  rise  in  this  free  stream  Mach  number  range  is  large. 

(b)  Effect  of  NPR 

For  slender  boattails  (^  <  10°)  the  dbplacement  effect  of  the  propulsive  jet  is  the  dominant  factor  and 
this  causes  a  decrease  of  the  boattail  pressure  drag  coeffleient  because  of  the  associated  stronger  recompres¬ 
sion  of  the  external  flow  at  the  aft  end  of  the  model.  Turning  the  propulsive  jet  on  leads  to  a  rapid 
decrease  of  Cgp  .  For  1 .5  <  NPR  <  3.0  no  significant  changes  in  the  displacement  and  entrainment 
effects  of  the  jet  occur  so  that  the  boattail  pressure  drag  coefficient  remains  at  a  plateau  level.  On  raising 
the  nozzle  total  pressure  ratio  above  NPR  =  3.0  the  jet  pluming  results  in  a  predominance  of  the  dis¬ 
placement  effect  of  the  jet  over  the  entrainment  effect  and  C^p  consequently  falls  with  NPR  . 

For  large  boattail  angles  (P  >  15°)  ,  where  flow  separation  is  already  present  at  low  free  stream  Mach 
numbers,  the  influence  of  the  entrainment  of  the  jet  on  the  fluid  of  the  wake  is  of  importance.  This 
leads  to  an  increase  in  Cqp  .  Only  for  very  low  values  of  the  nozzle  total  pressure  ratio  (NPR  <  1.25), 
where  the  velocity  difference  between  the  propulsive  jet  and  the  external  flow  does  not  cause  a  significant 
flow  entrainment,  and  at  high  values  of  NPR  (NPR  >  3) ,  where  the  jet  pluming  begins  to  be  pronounced, 
does  the  displacement  effect  of  the  jet  predominate.  Increasing  NPR  from  the  jet-off  condition  the  boat- 
tail  pressure  drag  coefficient  falls  initially  to  climb  between  NPR  =  1.25  and  2.0  to  a  plateau  value.  The 
level  of  the  plateau  is  comparable  to  the  magnitude  of  the  boattail  pressure  drag  coeffleient  at  the  jet-off 
condition.  For  NPR  >  3.0  there  is  a  general  decline  of  Cqp  with  NPR  ,  since  as  a  result  of  the  jet 
pluming  the  displacement  effect  of  the  jet  becomes  the  dominant  factor. 


TABLE  I 

BMition  of  Static  nwiaura  Tapa  and  of  Internal  Probee  for  Modeb  Al  and  A2  (D  =  67  mm) 


Static  pressure  tap 
or  probe  location 
(Flg.8) 


X 

(mm) 

X/D 

21 

0.3135 

24 

0.3582 

39 

0.5821 

44 

0.6567 

52 

0.7761 

57 

0.8507 

70 

1.0448 

93 

1.3881 

102 

1.5224 

115 

1.7164 

115 

1.7164 

115 

1.7164 

115 

1.7164 

115 

1.7164 

115 

1.7164 

115 

1.7164 

115 

1.7164 

202.3 

-1.0194 

170.9 

2.5507 

121.3 

1.8104 

95.8 

1.4299 

79.0 

1.1791 

67.0 

1.0000 

55.3 

0.8254 

48.6 

0.7254 

41.9 

0.6254 

33.8 

0.5045 

26.5 

0.3955 

19.1 

0.2837 

13.0 

0.1940 

9.0 

0.1343 

115 

1.7164 

-0.0896 


-0.1642 


-0.2239 


-0.2687 


-0.3134 


-0.3433 
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MEASURING  LEADS  AND  FOR 
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BLOWING  AND  SUCTION  RESPECTIVELY 

0  AIR  SUPPLY  FOR  FREE  JET  WIND 
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Fig.2  Test  set>up  in  the  340  mm  diameter,  free  jet  wind  tunnel 
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Fig.3  Basic  instrumentation  of  wind  tunnel  and  for  flow  field  investigation 
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Fig. 5  Directions  of  total  pressure  traverse  and  planes  of  measurement  of  static  pressure  on  the 

boattail  and  inside  the  nozzle 


Fig.6  Survey  of  the  different  AGARD-models 
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Fig.7  Geometric  details  of  the  boattai;  and  nozzle  contours  of  the  AGARD-models 
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Fig.  10  Total  pressure  distribution  in  the  test  section  with  Model  A1  installed: 
propulsive  jet  off,  X/D  =  1 1 .740 


Fig.I  I  Total  pressure  distribution  in  the  test  section  with  Model  A1  installed: 
propubive  jet  off,  X/D  =  13.232 
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Fig.l2  Total  pressure  distribution  in  the  test  section  with  Model  A1  insUlled: 
propulsive  jet  off,  X/D  =  13.978 
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Fig.l4  Total  pressure  distribution  in  the  test  section  with  Model  AI  installed: 
propulsive  jet  off,  X/D  =  16.218 


Fig.  18  Static  pressure  distributions  on  the  afterbody  of  Model  A I : 
Cp  =  f(x//)  for  Mj  =  0 
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Fig.  1 9  Static  pressure  distributions  on  the  afterbody  of  Model  A1 ; 
Cp  =  f (x/O  for  Mj  =  0.50 


Fig.20  Static  pressure  distributions  on  the  afterbody  of  Model  A1 : 
C,  =  f  (x/O  for  »  0.75 
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Fig.22  Sutk  procure  dictributioiu  on  the  afterbody  of  Model  Al: 
C,  -  ffa//)  for  Mj  -  1.00  and  pj/p.  -  1.5 
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Fig.2S  Static  pressure  distributions  on  the  afterbody  of  Model  A2: 
Cf  =  f(x//)  for  M:  =  0 


Fig.26  Static  pressure  distributions  on  the  afterbody  of  Model  A2: 
Cp  =  f(x//)  for  Mj  =  0.50 
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Fig.28  Static  pressure  distributions  on  the  afterbody  of  Model  A2: 
Cp  =  f(x//)  for  Mj  =  1.00  and  Pj/p^  =  10 
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Fig.32  Static  pressure  distributions  on  the  afterbody  of  Model  A1  for 
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Fig.33  Static  pre'Jsure  distributions  on  the  afterbody  of  Model  A1  for  M*,  =  0.96 
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Fig.34  Static  pressure  distributions  on  the  afterbody  of  Model  A2  for 


Fig.36  Static  pressure  distributions  on  the  nozzle  wall  of  Model  A1  for 


Fig.38  Total  pressure  distributions  in  the  flow  field  of  the  propulsive  jet 
without  external  flow  (Mm  =  0)  for  Model  Al. 

X/D  =  14.725:  Mj  =1.0;  1  <  pj/p*  <  3.5 


Symbol 


Fig.39  Total  pressure  distributions  in  the  flow  field  of  the  propulsive  jet 
without  external  flow  (M»  =  0)  for  Model  Al.  X/D  =  14.874 
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Fig.41  Total  pressure  distributions  in  the  flow  field  of  the  propulsive  jet 
without  external  flow  (M«i  =  0)  for  Model  Al.  X/D  =  15.173 
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Fig.45  Total  pressure  distributions  in  the  flow  field  of  the  propulsive  jet 
without  external  flow  (M»  =  0)  for  Model  AI.  X/D  =  16.216 
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Fig.46  Total  pressure  distributions  in  the  flow  field  of  the  propulsive  jet 
without  external  flow  (M«,  =  0)  for  Model  Al.  X/D  =  16.965 
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Fig.48  Total  pressure  distributions  in  the  flow  field  of  the  propulsive  jet 
without  external  flow  (M«a  =  0)  for  Mode!  41.  X/D  =  18.463 
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Fig.49  Total  pressure  distribution  across  the  boundary  layer  of  model  A1 : 
Mj  =  0  ,  X/D  =  10.250 


Fig.SO  Total  pressure  dutribution  across  the  boundary  layer  of  Model  A1 : 
Mi  =  0.  X/D  =  11.70 
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Fig.Sl  Total  pressure  distribution  across  the  boundary  layer  of  Model  A1 : 
Mj  =  0  ,  X/D  =  13.323 
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Fig. 5 2  Total  pressure  distribution  across  the  boundary  layer  of  Model  Al: 
Mj  =  0,  X/D  =  13.323 
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Fig.S3  Total  pressure  distribution  across  the  boundary  layer  of  Model  Al: 
Mj  =  0,  X/D  =  13.978 


Fig.S4  Total  pressure  distribution  across  the  boundary  layer  of  Model  A1 : 
Mj  =  0  ,  X/D  =  13.978 


X/0rU.72S, 
NO  JET 


^/:kH 


1063 


f  -  y-', 

I 


'  •  • 

-  •H 
NQ  ^ 


IK 


4> 

>1 

43 

i: 

19 

T3 

C 

2 

Mi. 

S  " 

2  Q 
<»  >< 

lo 

1  II 

£  ^ 

.32  ^ 

'B 

a 

s 

2 
a 

J 

(2 


I 


X/D=  14.725 
Mj  =  too 

Pj/PL^  10 


1-066 


I-D67 


i 


Fig.59  Total  pressure  distributions  in  the  flow  field  with  propulsive  jet  for  Model  Al: 
X/D  =  14.725;  M;  =  1.0;  Pj/p«  =  3.5 
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Fig.62  Tota>  pressure  distributions  in  the  flow  fleld  with  propulsive  jet  for  Model  A1 : 
X/D  =  15.173,  Mj  =  1.0;  pj/pw  =  2.5 
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Fig.63  Total  pressure  distributions  in  the  flow  field  with  propulsive  jet  for  Model  A1 : 
X/D  =  15.173,  Mj  =  1.0;  pj/p«,  ==  3.5 
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Fig.69  Total  pressure  distributions  in  the  flow  field  with  propulsive  jet  for  Model  Al: 
X/r  =  15.845,  Mj  =  1.0;  pj/p*  =  1.5 


Fig.70  Total  pressure  distributions  in  the  flow  Held  with  propulsive  jet  for  Model  A1 : 
X/D  =  15.845,  Mj  =  1.0;  pj/p»  =  2.5 
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Fig.71  Total  pressure  distributions  in  the  flow  field  with  propulsive  jet  for  Model  Al : 
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Fig.72  Total  pressure  distributions  in  the  flow  field  with  propulsive  jet  for  Model  Al: 
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Fig.74  Total  pressure  distributions  in  the  flow  field  with  propulsive  jet  for  Model  Al; 
X/D  =  16.216,  M;  =  1.0;  p:/poo  =  Z.S 
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Fig.?*)  Pressure  drag  coefficient  of  Model  A I  as  function  of  M, 
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RESULTS  OF  NLR  OONTRUUTION  TO  AGARD  AO  HOC  STUDY 

by 

D.Rozendal,  C.C.GroothofT,  W.B.G.Derkien 
National  Aeroipace  Laboratofy,  NLR,  The  Netherlands 


SUMMARY 

A  description  Is  given  of  a  series  of  experiments  in  order  to  asseu  the  influence  of  jet 
exhaust  parameten  -  total  pressure  distortion,  nozzle  pressure  ratio,  jet  temperature  (ratio 
of  specific  heats)  -  at  transonic  Mach  numbers  in  the  range  of  .8  to  .96  on  the  nozzle 
thrust  and  discharge  coefficients,  on  the  afterbody  pressure  distribution  and  on  the  after¬ 
body  pressure  drag. 

A  model  of  .08  m  diameter  was  tested  in  the  .27  x  .27  m*  transonic  test  section  of  a 
continuous  blow-down  wind  tunnel.  The  IS°  boattailed  afterbody  configuration  as  proposed 
by  AGARD  was  supplemented  by  an  afterbody  with  a  twice  as  large  nozzle  area.  The  fuse¬ 
lage  boundary  layer  thicknen  was  varied  by  increasing  the  forebody  length. 

A  method  was  developed  to  deflne  a  valid  total  pressure,  baaed  on  a  mau  flow 
averaging  procedure,  for  a  distorted  jet  pipe  flow.  The  results  for  the  AGARD  nozzle, 
contraction  ratio  3.24,  show  that  in  the  investigated  range  of  NPR's  there  is  only  a  small 
effect  due  to  the  jet  pipe  total  pressure  distortion,  while  for  tiie  larger  nozzle  with  a 
contraction  ratio  of  1 .62  the  “hollow”  velocity  profile,  compared  to  a  flat  profile,  signiH- 
cantly  lowered  the  nozzle  discharge  coefficient  (3.2%),  raised  the  specific  thrust  +  2.1% 
and  changed  the  afterbody  pressure  distribution  at  Mm  =  -8  .  Effects  on  afterbody 
pressure  distribution  and  pressure  drag  due  to  different  NPR  and  M.  were  evident,  while 
an  influence  due  to  fuselage  boundary  layer  thickneu  is  indicated.  Furthermore  it  was 
found  that  boat  tail  surface  temperature  significantly  affects  the  boattail  pressure  distribu¬ 
tion.  For  the  hot  jet  tests  the  jet  temperature  effects  on  the  nozzle  characteristics  were 
of  minor  importance,  while  the  jet  temperature  effects  on  the  boattail  pressures  could  not 
be  separated  from  the  surface  temperature  effect. 


UST  OF  SYMBOLS 
A  area,  m’ 

geometric  exhaust  area,  corrected  for  nozzle  wall  temperature,  m* 

A„f  reference  area,  -7  ,  m’ 

4 

P  “ 

C_  static  pressure  coefficient  - 

q- 

C0P  boattail  pressure  drag  coefficient 

Cp  friction  drag  coefficient,  friction  drag/qM  A,^f 

Cj  nozzle  discharge  coefficient 

CT  nozzle  thrust  coefficient 

C*  specific  velocity,  m/s 

^max  maximum  model  diameter,  m 

i  number  of  i'b  concentric  jet  pipe  area 

L  model  length,  m 

Mm  free  stream  Mach  number 


I-EZ 

ih 

NPR 
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Pt 
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Rcp 


nun 
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Subscripts 


nv 

e 

cx 


i 

id 
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n 
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1,  3 
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man  flow,  kg/s 

nozzle  pressure  ratio  p^lpm 

prexxure,  N/m* 

total  prenure,  N/m^ 

tunnel  free  stream  static  pressure,  N/m’ 

jet  total  pressure,  N/m^ 

free  stream  dynamic  pressure  Hp_Mi.,  N/m^ 


gas  constant 


m‘ 

TIT 


distance  from  model  centreline,  mm 

free  stream  Reynolds  number  based  on  maximum  model  diameter 
temperature,  K 
temperature,  °C 
velocity,  m/s 

distance  from  exit  plane  of  no//.le  A.  upstream  is  positive,  m 
distance  from  model  wall  surface,  mm 
ratio  of  specific  heats 

boundary  layer  displacement  thickness,  mm 
boundary  layer  momentum  thickness,  mm 
density,  kg/m’ 
angle,  degrees,  see  figure  I 


average 

edge 

external  near  no/./,le  exit  plane,  average  of  values  at  x,  1),,,^,^  =  .O.Sp  (nozzle  A I  respectively  at 

- -  .27  (nozzle  B) 

^^nax 

index  ni  mber  of  i**'  concentric  jet  pipe  area 
ideal 

free  stream,  reference  orifice  on  model  at  Stn.  16.  ip  =  0 
jet 

jet  pipe 

X 

internal  near  nozzle  lip  at  - -  =  .063  (nozzle  A) 

■^max  .264  .nozzle  B) 

measured 
nozzle 
total 

different  definitions  of  CT  coefficients 

x 

also  used  in  'II.  the  external  total  temperature  of  the  boattail.  measured  at  - - 

I ’max 
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nozzle  A 
nozzle  B 
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nozzle  dischaiBe  coefficient  =  — 

ihy 

For  supercritical  pressure  ratios  = 
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Pti 


where  the  specific  velocity 
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For  subcritical  pressure  ratios  = 

P-A„ J  2y 

fep-' 

CT,| 

p 

Thrust  coefficients  =  - —  ; 

FyCl.  2or3), 

,  the  ideal  thrust,  is  based  on: 

CT, 

f^id(l.2  Of  3) 

CT,1 

suffix  1:  actiial  P(.  and  A„  ,  derived 

rhid 

suffix  2:  actual  Pf.  and  m  ,  derived  A^  x  Q 
suffix  ?>:  actual  in  and  A^  ,  derived  Pf.  with  suffices  I,  2  or  3  omitted,  the  used  equation  is 


/I 

It  may  be  noted  that  Fy|  =  —  x  Fy2  .  *n<l  fTi  =  CTj  x  Cj 

Cd 

measured  thrust  force  =  measured  balance  force  pressure  drag  friction  drag  gap  pressure 
correction.  (Upstream  I  jrce  is  positive.) 

exhaust  nozzle  defined  by  AGARD  coordinates,  contraction  ratio  3.24.  see  Table  II 
exhaust  nozzle  with  contraction  ratio  1.62.  see  Table  II 


1.  INTRODUCTION 

Within  the  Propulsion  and  F.nergetics  Panel  of  AGARD  an  ad  hoc  study  group  was  formed  with  the  object  to 
initiate  a  research  program  to  better  understand  the  relevant  parameters  and  their  effects  on  nozzle  and  afterbody 
performance  at  transonic  speeds.  This  study,  known  as  PEP/WG  04  “Improved  Nozzle  Testing  Techniques  at  Transonic 
Speeds”  was  directed  by  Prof.  A.Ferri.  Its  aim  is  to  compare  the  results  of  analogous  experiments  from  different 
institutes,  which  yields  a  common  reference  base.  In  addition  each  group  could  concentrate  on  one  or  more  special 
topics,  by  preference  likewise  incorporating  equal  boattail  and  nozzle  geometries. 

In  evaluating  the  performance  of  jet  nozzles,  it  is  known  that  jet  parameters  as  nozzle  pressure  ratio,  jet  tempera¬ 
ture  and  ratio  of  specific  heats  may  have  a  marked  influence  both  on  the  flow  field  outside  the  nozzle  and  on  the 
characteristics  of  the  nozzle  flow  itself.  In  real  jet  engines  the  jet  pipe  flow  mostly  shows  some  distortion  in  the 
total  pressure  profile,  some  swirl  and  turbulence,  particularly  at  afterburning.  This  may  also  be  the  case  with  lurbo- 
fan  engines.  Because  to  this  date  the  influence  of  these  parameters  seems  not  to  have  been  investigated  to  the  same 
extent  as  the  other  mentioned  jet  parameters,  this  topic  was  emphasized  at  NLR. 

In  preliminary  tests,  which  will  not  be  described  here,  changing  swirl  or  turbulence  by  means  of  vanes  resp. 
screens  caused  also  the  total  pressure  profile  to  change  somewhat  By  comparison  of  these  preliminary  results  it  was 
concluded  that  the  total  pressure  distortion  was  the  prime  parameter.  Therefore  it  was  decided  to  study  this  effect 
in  particular,  and  not  to  investigate  jet  turbulence  and  swirl. 

The  best  indication  of  possible  effects  due  to  the  change  of  parameters  is  given  if  the  other  test  conditions  are 
practically  kept  constant.  Therefore  the  design  of  the  model  for  these  experiments  incorporated  a  distortion  device 
that  could  be  ope. ..ted  during  a  run.  changing  the  jet  flow  total  pressure  profile. 

Apart  of  the  nozzle  as  specified  by  AGARD.  which  can  be  considered  i.s  representative  for  the  nozzle  of  a  non¬ 
afterburning  jet  engine,  the  investigation  included  also  tests  with  a  nozzle  with  a  twice  as  large  exit  area,  corresponding 
to  a  typical  afterburning  nozzle  or,  regarding  the  contraction  ratio,  to  a  fan  engine  nozzle. 


The  paruneten  that  were  varied,  were 


-  during  a  run 
from  run  to  run 

-  after  a  seriei  of  rum 


more  or  less  inadvertently 


di^tortion/no  distortion 

M. 

NPR 

RTjty)  (2  values) 

An  (2  values) 

boundary  layer  thickness  (2  values) 

tunnel  wall  configuration  (2) 
model  wall  temperature 


Before  the  powered  model  was  tested  in  the  wind  tunnel  a  test  series  was  performed  at  a  static  test  stand  to 
investigate  the  jet  flow  total  pressure  profiles  and  to  determine  a  proper  definition  for  the  mean  jet  total  pressure. 

This  report  describes  the  facilities,  models  and  extieriments  and  gives  a  surve  /  of  the  results. 


2.  EXPERIMENTAL  SET  UP 
2.1  General 

The  wind  tunnel  that  was  available  for  the  investigation  was  the  NLR-CSST  tunnel  with  a  .27  x  .27  m’  '.est 
section  (Fig.1).  Due  to  the  limited  size  of  the  test  section  the  model  must  necessarily  be  small.  In  or  *  '  to  he  able 


to  perform  simultaneously  afterbody  pressure  and  nozzle  thrust  measurements,  the  hydrogen  peiT"  'atic- 

technique  was  used.  This  technique  allows  small  dimensions  of  the  supply  tubes  and  a  compac  « 'lich 

the  liquid  HjO]  flow  causes  minimum  interaction.  The  existing  thrust  balance  that  was  envisa:  .  >j. ! 

required  a  minimum  model  diameter  of  about  .08  m.  This  dimension  was  considered  to  be  tolr."ibit  .  ’>  •  Mind 
tunnel  as  far  as  blockage  was  concerned.  It  was  realized  however  that  due  to  the  resulting  block;igi:  ul  '  i',. 

experiments  yield  relative  rather  than  absolute  results,  at  least  concerning  phenomena  that  >!.  iwnd  on  i  .  iiov.  Oeld 
outside  the  nozzle. 


For  the  hydrogen  peroxide  a  concentration  of  was  chosen.  After  decomposition  in  a  catalyst  pack  this 
yields  hot  pses  of  about  630  K,  with  RTj  and  >  typical  for  the  jet  pses  of  a  non-afterburning  turbojet  I  Rel.  I ). 

To  provide  a  reference  base  with  the  investiptions  of  the  other  study  groups  also  measurements  with  cold  air 
as  jet  medium  were  enviupd.  No  balance  was  used  in  that  case. 

2.2  Wind  Tunnel 

The  transonic  test  section  of  the  continuous  blow  down  supersonic  wind  tunnel  CSST  was  provided  with  closed 
side  walls  and  with  slotted  top  and  bottom  walls.  Some  dimensions  are  given  in  Figure  I .  The  first  series  of  experi¬ 
ments  in  the  wind  tunnel  was  performed  while  two  slats  were  removed  from  the  test  section  bottom  wall  to  allow 
attachment  of  the  stepping  mechanism  of  a  total  pressure  probe  for  boundary  layer  measurements.  In  later  test 
series  this  probe  was  removed  and  the  bottom  wall  slats  were  replaced.  For  the  wind  tunnel  test  at  M«,  ~  0  the 
transonic  test  section  was  removed. 

The  test  section  static  pressure  was  adjusted  to  about  I  atmosphere  to  provide  approximately  equal  conditio  is 
as  at  the  static  tests  outside  the  wind  tunnel.  The  adjustment  of  tunnel  free  stream  conUitions  was  performed  by 
controlling  the  total  pressure  and  the  diffuser  throat  area.  Since  this  pn’.cedure  was  not  standard  practice  for  the 
wind  tunnel,  the  actual  achieved  Mach  numbers  differed  slightly  from  the  desired  values. 

For  the  present  tests  a  reference  Mach  number  has  been  determined  from  the  tunnel  total  pressure  and  the  static 
pressure  at  model  station  16  (orifice  at  ^  =  0  deg.t  on  the  cylindrical  part  of  the  model. 

In  this  test  set-up  (model  blockage  of  7'r,  partially  open  test  section  at  the  downstream  end  of  the  model,  see 
Figure  I )  it  was  not  possible  to  find  the  relation  between  this  Mach  number  and  the  free-stream  Mach  number,  that 
would  be  obtained  with  the  same  model  in  a  much  larger  test  section.  It  may  be  added  here,  that  for  small  models, 
having  a  blockage  ratio  of  I '7.  or  less,  the  free-stream  Mach  number  is  usually  determined  from  the  plenum  pressure 
and  the  settling  chamber  pressure.  In  most  cases  a  further  ^mall  correction  is  required  due  to  a  difference  between 
the  plenum  pressure  and  the  free-stream  static  pressure.  This  correction  is  obtained  from  tunnel  calibration. 

Because  the  relation  between  measured  Mach  number  and  free-stream  Mach  number  is  nut  known  in  the  present 
tests  the  pressure  coefficients  and  the  pressure  drag  coefficients  may  be  affected  by  small  systematic  errors  which 
depend  on  Mach  number  Here  consequently  the  pressure  coefficient  at  station  16  is  zero,  which  may  not  be  the 
case  if  the  model  were  placed  in  an  infinitely  free  stream.  In  Section  3.2  the  possible  errors  due  to  this  procedure 
are  further  analyzed. 
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2.3  Model 

The  wind  tunnel  model  consisted  of  an  earthed  forebody  and  a  metric  afterbody  (Figures  I,  2  and  3).  The 
model  is  basically  cylindrical  with  a  maximum  diameter  of  .080  and  a  maximum  length  of  1.200  meter. 

The  model  was  mounted  on  two  side  struts  12  mm  thick  in  which  the  tubes  for  HjO],  air,  cooling  water  and 
pressure  measurements  and  the  other  instrumentation  wires  were  incorporated.  Furthermore  it  was  braced  to  the  top 
and  bottom  tunnel  wall  by  two  steel  wires  just  upstream  of  the  split  line  between  afterbody  and  forebody.  To 
prevent  choking  of  the  tunnel  near  the  struts  the  forebody  was  shaped  such  that  the  model  cross-sectional  area 
including  the  struts  gradually  increased  to  the  maximum  model  area  downstream  of  the  struts. 

'ihe  fuselage  could  be  lengthened  by  addition  of  a  cylindrical  part  to  the  forebody  in  order  to  thicken  the 
natural  boundary  layer  on  Ihe  afterbody. 

The  shape  of  the  afterbody  with  the  smaller  nozzle  (nozzle  A),  as  well  as  the  location  of  the  static  pressure  and 
temperature  instrumentation  followed  the  coordinates  as  proposed  by  the  AOARD  group  (Table  I).  The  afterbody 
contour  was  manufactured  according  to  the  ordinates  as  supplied  by  Rolls  Royce. 

The  larger  nozzle  configuration  (nozzle  B)  was  obtained  by  “cutting  off*  an  appropriate  part  of  afterbody  A 
and  fairing  the  exhaust  nozzle  inner  contour  with  a  straight  cone  into  the  jet  pipe.  This  resulted  in  a  nozzle  inside 
convergence  half-angle  of  4°  vs  7°  for  the  original  AGARD  nozzle. 

The  single  component  thrust  balance  which  was  used  in  the  hot  jet  tests  was  designed  for  a  maximum  force  of 
800  N.  It  consisted  of  a  cart  wheel  sensing  element  with  two  solid  beams  with  strain  gauges  and  four  hollow  spokes. 
These  spokes  connected  the  anulus.  where  M]0]  was  supplied  through  two  tubes,  with  the  balance  sting,  through 
which  the  II] O,  (lowed  to  the  silver  screen  catalyst  pack.  At  ihe  downstream  end  the  sting  was  supported  by  spring 
beams.  Water  cooling  and  a  Ferobestos  shield  prohibited  the  heat  of  (he  catalyst  pack  to  flow  to  the  balance. 

The  balance  was  calibrated,  including  the  stiffening  effect  of  the  pressure  measurement  tubing,  thermocouple 
wires,  water  tubes  and  air  supply  tubes  to  the  distortion  valve.  The  calibration  tests  examined  the  effects  of  mass 
How.  supply  pressure,  actuation  pressure  and  temperature  of  lljOj  and  of  the  balance  parts.  These  parameters  were 
measured  also  during  the  lest  runs.  The  correction  for  temperature  and  pressure  of  th.*  liquid  MjOj  proved  to  be 
most  important,  amounting  together  to  about  1.5  N.  The  effect  of  the  mass  How  was  smaller,  approximately  .5  N. 

It  is  estimated  that  after  Ihe  corrections  are  made  Ihe  error  in  the  balance  readings  is  of  Ihe  order  of  the  average  of 
the  corrections  that  were  applied  due  to  the  zero  shift  of  the  balance  before  and  after  a  run.  i.e.  I  N. 

Tile  difference  in  axial  elongation  between  the  inner  and  outer  structure  of  the  metric  afterbody  assembly  due 
to  temperature  effects  was  compensated  internally,  assuring  (hat  the  gap  at  the  splitline  location  between  metric  and 
non  metric  fore-bodv  remained  constant. 

The  HjO]  suppi)  was  controlled  with  high  precision  b>  manually  adjusting  a  micrometer  which  was  connected 
to  Ihe  movable  conical  spindle  of  a  cavitating  venturi  outside  Ihe  model.  Tor  Ihe  lest  series  with  air  as  jet  medium, 
the  thrust  balance  and  catalyst  pack  were  removed  and  replaced  by  an  airduct.  The  air  How  was  adjusted  by  an 
electrically  operated  plug  valve  in  the  supply  line  from  the  same  pressure  vessel  that  supplied  air  to  the  tunnel  itself. 

Tor  reasons  mentioned  in  Ihe  Introduclion  Ihe  configurations  that  were  used  in  this  program  were  provided  with 
a  specially  developed  distortion  device  It  eonsisted  of  a  sleeve  valve  which  could  admit  or  cut  off  the  How  of  the 
jet  medium  to  Ihe  centre  part  (50'7»  of  an  orifice  plate.  Hence  Ihe  gas  How  could  either  be  forced  through  the  out¬ 
side  part  of  Ihe  orifice  plate  or  homogeneously  distributed  over  Ihe  cross  section  area.  In  the  first  case  a  “hollow" 
velocity  profile  was  created  in  Ihe  jet  pipe,  m  Ihe  second  cav  a  Hat  profile  resulted.  Downstream  of  the  orifice  plate 
four  screens  smoolhened  Ihe  How  The  sleeve  valve  could  l>e  actuated  by  one  of  two  small  pneumatic  cylinders,  led 
by  40  atm.  supply  an  through  thin  stainless  steel  lubes  During  a  run  this  air  pressure  was  kept  on  the  actuating 
cylinder  to  fix  Ihe  posilKui  of  Ihe  valve  The  air  mass  that  leaked  mio  Ihe  valve  was  measured  and  was  taken  into 
account  in  the  ^.alculalions  The  intluence  of  Ihe  pressuri /ed  supply  tubes  on  the  thrust  balance  proved  to  be  nihil. 
The  pressure  in  the  valve  housing  was  measured  to  monitor  Ihe  functioning,  showing  about  twice  as  large  a  value  in 
Ihe  case  of  "dislorlion''  compared  to  “no  distortion"  In  f  igure  2.  showing  Ihe  wind  tunnel  model,  this  distortion 
valve  IS  schematically  drawn 

In  a  preliminary  lest  senes  Ihe  total  pressure  profile  m  Ihe  jet  ,'ipe  was  determined.  It  was  preferred  not  to 
insiall  a  total  pressure  rake  m  the  wind  tunnel  model  because  Ihe  conslruclion  would  become  complicated.  Moreover 
It  had  been  proposed  by  Ihe  MIARD  group  that  Ihe  tel  total  pressure  would  be  derived  from  measurements  of  Ihe 
let  pipe  sialic  pressure,  lel  mas*  How  and  lemperature 

Dlls  preliminary  U-sl  si-ries  was  iherelore  carried  out  at  a  sial.c  test  stand  with  separate  nozzle  models  which 
did  incorporate  Ihe  total  pressure  rake  and  moreover  a  cross  rake  in  Ihe  exit  plane.  Two  contlguraTons.  one  with 
Ihe  A(iARD  nozzle  (nozzle  A I  and  one  with  Ihe  large  nozzle  (nozzle  Bl  were  used  in  these  tests.  The  latter  nozzle 
could  be  partiaTy  blocked  by  a  stepped  plug  t.UI.  02  and  O.t  m  dia  I.  These  nozzles  had  arbitrarily  shaped  outside 
conlGurs. 
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The  total  preuure  profile  wai  only  determined  with  HjOj  (hot  jet  testa).  These  tests  have  not  been  performed 
with  cold  air  as  jet  medium,  because  the  high  preuure  air  facility  was  not  available  at  the  test  stand  due  to  other 
priorities. 

2.4  Instrumentation 

For  the  test  series  to  investigate  the  jet  flow  total  preuure  profiles  and  to  define  a  valid  mean  jet  total  pressure, 
the  10-tube  rake  as  specified  by  the  AGARD  group  was  mounted  in  the  jet  pipes,  9  tubes  meuuring  the  total  pressures 
while  the  1 0*^  tube  on  the  centreline  was  modified  to  measure  the  static  pressure.  Besides  in  the  jet  pipe  the  gas 
temperature  was  measured.  The  wail  static  pressures  were  measured  at  8  locations.  In  the  exit  plane  the  total  pres¬ 
sures  were  surveyed  by  a  cross  rake  with  20  probes  for  nozzle  A,  24  probes  for  nozzle  B. 

During  the  wind  tunnel  test  the  preuures  were  measured  by  preuure  transducers  mostly  incorporated  in  Scanni 
valves,  temperatures  by  chromei-alumel  thermocouples,  the  balance  force  by  strain  gauges.  The  mass  flows  of  air  to 
the  distortion  device  and  Hj  Oj  to  the  gas  generator  were  determined  by  turbine  flow  meters.  A  sharp  edge  orifice 
flow  meter  was  used  to  measure  the  air  flow  for  the  cold  air  tests. 

Recordings  were  made  automatically  after  conversion  into  digital  values.  An  U.V.  multi-channel  recorder  was 
run  parallel  to  provide  a  quick  look  capability.  In  early  tests  a  boundary  layer  probe  was  mounted  in  the  wind  tunnel 
between  the  slats  in  the  tunnel  bottom  wall.  This  probe  could  be  stepped  every  .25  millimetres  taking  a  total  pressure 
survey  for  a  distance  of  40  millimetres  from  the  model  wall. 

The  following  accuracies  (90%  probability  levels)  must  be  considered,  derived  from  instrument  and  digitizing 
characteristics. 


Pressure  coefficients 

Cp  ±  .005 

Pressure  drag  coefficients 

Odp  ^  .003 

Free  stream  Mach  number 

M«  ±  .005 

(see  Section  3.2) 

Nozzle  discharge  coefficients 

Cd 

no  distortion,  low/high  flow 

±  .7/.5% 

distortion,  low/high  flow 

±  1.0/.8% 

Nozzle  thrust  coefficients 

no  distortion,  low/high  flow  at  M«  =  0 

CT  ±  1.4/.6% 

(due  to  scatter  at  Moo  =i^  0 , 3%  more) 

distortion,  low/high  flow 

CT  ±  I.7/.9% 

Nozzle  pressure  ratio 

no  distortion/distortion 

NPR  ±  .4/.7% 

2.5  Test  Sequence 

In  Table  II  a  survey  is  given  of  the  range  of  parameters  that  are  encompassed  in  the  test  series.  Series  1  is  the 
forementioned  preliminary  test  series. 

During  a  test  run  in  the  wind  tunnel  at  each  of  the  following  test  conditions,  a  measurement  was  taken,  if 
necessary  after  readjustment  of  the  Mach  number: 

-  tunnel  off, 

-  tunnel  started,  jet  off, 

-  tunnel  on,  jet  on,  no  distortion, 

tunnel  on,  jet  on,  distortion, 

-  tunnel  on,  jet  off, 

-  tunnel  off. 


3.  RESULTS  AND  DISCUSSION 
3.1  Nozzle  Characteristics 

S.  /.  I  Definition  and  Calibration  of  Jet  Total  Pressure 

The  jet  total  pressure  is  of  paramount  importance  in  the  calculation  of  the  nozzle  discharge  and  thrust  coeffi¬ 
cients.  It  had  been  proposed  by  the  AGARD  group  that  during  the  research  program  the  jet  total  pressure  if  possible 
be  determined  from  the  measured  mass  flow,  the  jet  temperature  and  the  static  pressure  in  the  jet  pipe.  In  a  jet 
flow  with  a  total  pressure  profile  distortion  however,  the  determination  of  a  valid  mean  jet  total  pressure  from  these 
parameters  poses  some  special  problems. 
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The  averaged  ptj  that  must  be  determined  will  have  to  be  a  characteriatic  property  of  the  jet  flow,  i.e.  must 
be  independent  of  the  axiai  location  where  the  measurements  are  made.  It  must  not  change  its  value,  except  due  to 
viscous  iosses  if  the  cross  sectional  area  of  the  Jet  pipe  is  changed. 

The  area  averaged  jet  total  pressure  will  not  satisfy  this  requirement.  During  expansion  the  cross  section  area 
of  a  stream  tube  with  a  higher  total  pressure  will  decrease  leu  than  that  of  a  stream  tube  with  a  lower  totai  pressure. 
This  means  that  the  area  averaged  total  pressure  of  a  distorted  flow  wili  increase  in  a  contraction.  However  the  mass 
flow  and  the  totai  pressure  remain  the  same  per  stream  tube  in  a  contraction.  Hence  the  totai  pressure  mass  averaged 
over  all  stream  tubes,  will  remain  constant  and  might  therefore  be  a  proper  means  of  averaging,  at  least  superior  to 
area  averaging. 

For  the  determination  of  the  mass  flow  averaged  total  pressure  it  is  necessary  to  know  everywhere  in  the  cross 
section  of  the  jet  pipe  the  iocal  total  pressure  and  mass  flow,  or  the  local  static  pressure,  temperature  and  mass  flow. 
Compressible  flow  relations  yield 


(1) 


So'ving  this  equation  a  value  for  the  local  total  pressure  Pt  can  be  de.'ived  if  the  mass  flow  distribution,  static 
pressure  and  total  temperature  are  known.  The  mass  flow  averaged  total  pressure  then  is 
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in  order  to  determine  Pf.  in  the  wind  tunnel  model  from  static  pressures  and  mass  flow,  it  was  therefore 
necessary’  to  have  knowledge  of  the  local  static  pressure  and  mass  flow  in  the  jet  pipe.  The  H]  O]  was  decomposed 
just  upstreani  of  the  measuring  station,  so  the  total  temperature  could  be  assumed  to  be  constant  over  the  cross 
section. 


During  the  calibration  tests  the  static  pressure  distribution  in  the  jet  pipe  at  the  location  of  the  total  pressure 
rake  was  determined  by  four  pressure  orifices  in  the  wall  and  one  on  the  centreline.  These  all  measured  essentially 
equal  pressures  so  it  was  assumed  that  the  static  pressure  in  the  plane  of  the  rake  was  constant  and  equal  to  the 
average  value.  It  was  also  established  that  the  pressures  measured  by  the  neighbouring  orifices  in  axial  direction, 
were  not  significantly  different  from  this  average  static  pressure. 


The  jet  pipe  cross  section  was  divided  into  9  equal  areas,  defined  by  the  total  pressure  rake.  The  mass  flow 

distribution  l“~)  over  these  9  equal  areas  AA  can  be  calculated  from  Equation  (1),  if  the  average  static  pressure 
V  m/i 

Pjp  and  the  measured  total  pressure  distribution  p^  are  known. 

Taking  RTj^  ,  7  and  AA  constant  and  dividing  by  m  ,  Equation  ( I )  yields 

\(7-l)/r 
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It  was  found  that  this  mass  flow  distribution  was  insensitive  to  the  total  mass  flow,  pressure  level  or  contraction 
ratio  of  the  nozzle.  For  all  nozzle  configurations  for  both  “distortion"  and  “no  distortion”,  the  difference  between  the 
measured  and  average  mass  flow  distribution  was 


^  .01 


so  it  could  be  established  with  confidence  that  a  standardized  mass  flow  distribution  can  be  assume  (Fig.4).  Based 
on  the  consistency  of  this  standardized  mass  flow  distribution,  together  with  mn,gjs ,  pjp^^  and  T^jas  ■ 
flow  averaged  total  pressure  in  the  jet  pipe  can  be  calculated  without  knowledge  of  local  total  pressures.  Solving 
Equation  (1)  for  dm  =  Am  and  dA  =  Ajp/9 


I 

1 


m'  RT,,  .IfT-  1) 


Pti  ~  Pjp 


(4) 
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The  jet  total  temperature  was  (iteratively)  calculated  from 


(6) 


Pt 

where  .87  is  the  measured  recovery  factor  of  the  thermocouple.  It  may  be  noted  that  — 2. ,  the  pressure  ratio  of 

Pjp 

the  2nd  concentric  area,  was  taken  because  the  jet  temperature  was  measured  in  the  2nd  concentric  ring. 


If  the  standardized  mass  flow  averaged  total  pressure  ptj  is  compared  with  the  total  pressure  that  was  directly 
derived  from  the  actual  measured  mass  flow  distribution  in  the  jet  pipe,  for  29  runs  it  was  found  that 
Ptj  =  Ptj^„  ^  -4% .  the  tolerance  indicating  the  standard  deviation. 

In  the  exhaust  plane  it  is  not  possible  to  determine  along  the  same  method  the  mass  flow  averaged  total  pressure 
because  of  radial  variations  in  the  static  pressure  due  to  sonic  line  curvature.  The  total  pressures  as  measured  from 
the  cross  rake  may  be  used  however  to  calculate  an  approximate  mass  flow  averaged  total  pressure.  Realizing  that  at 
the  throat  of  a  nozzle,  the  flow  is  near  sonic  (Mj  =  1.0  l  10%) ,  and  therefore  the  local  mass  flow  is  about  propor¬ 
tional  to  the  total  pressure  (pv  =  constant  x  pt  ±  1%) .  With  Am  =  pv  AA  ,  Equation  (S)  can  be  written  approxi¬ 
mately 
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Illustrating  the  foregoing,  the  following  examples  ate  given,  taken  from  test  series  1 ,  for  jet  flows  with  distorted 
total  pressure  profiles.  The  total  pressures  in  N/m’,  as  determined  by  the  various  methods,  were  for 


Nozzle  A 

in  the  jet  pipe 

in  the  exit  plane 

standardized  mass  flow  average 

2.335  X  10’ 

- 

measured  mass  flow  average 

2.336  X  10’ 

2.335  X  10’  approx. 

area  average 

2.307  X  10’ 

2.335  X  10’ 

Nozzle  B 

standardized  mess  flow  average 

3.069  X  10’ 

— 

measured  mass  flow  average 

3.068  X  10’ 

3.095  X  10’  approx 

area  average 

2.926  X  10’ 

3.053  X  10’ 

The  measured  total  pressure  profiles  for  these  examples  are  shown  in  Figures  Sa  and  Sb. 

it  may  be  seen  from  these  examples,  that  the  area  averaged  total  pressures  increase  towards  the  exit  for  both 
nozzles,  and  that  the  difference  between  the  area  averaged  and  mass  flow  averaged  values  in  the  jet  pipe  are  consider¬ 
able  for  the  large  nozzle  B,  but  also  still  clearly  evident  for  nozzle  A. 

It  may  be  concluded  that  the  method  to  determine  the  total  pressure  from  the  standardized  mass  flow  yields 
reliable  results. 

In  the  following  section  this  method  is  applied  to  calculate  the  jet  total  pressures  and  the  derived  nozzle  thrust 
and  discharge  coefficients. 

i.  1. 2  Characteristics  of  Nozzle  A 

The  equations  for  the  discharge  and  thrust  coefficients  are  given  in  the  list  of  definitions. 

The  calculated  discharge  coefficients  for  the  hot  test  series  2  and  S  are  shown  vs  the  nozzle  pressure  ratio  in 
Figures  6  and  7  for  Moo  =  0  and  Moo  0  respectively. 
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Tti'e  chocked  nozzle  preisure  ratio  for  this  axisymmetric  nozzle  with  a  half  angle  of  7°  was  expected  to  be 
slightly  higher  than  2.4  (Ref.2).  From  the  test  results  this  cannot  be  confirmed  with  ceitainty,  a  somewhat  lower 
value  would  also  be  possible.  To  determine  the  average  choked  nozzle  discharge  coefficients  the  runs  with 
NPR  >  :.2  were  used. 

The  average  choked  discharge  coefficients  for  both  M«  0  and  Mw  #0  are; 

series  2+5,  36  runs  no  distortion  Cj  *  .988  ±  .004 

distortion  Q  =  .986  ±  .005 

the  tolerances  indicating  the  standard  ueviations. 

The  effect  of  distortion  could  not  be  detected  with  good  confidence.  For  all  runs  with  NPR  >  2.2  : 

Q  (dist.)  —  Cj  (no  dist.)  =  =  —  .002  t  .004..  This  result  is  not  surprising  if  it  is  remembered  (Fig.Sa)  that 

with  distortion  the  total  pressure  profile  is  still  rather  uniform  both  in  the  tail  pipe  and  in  the  exit  plane.  Neither 
does  the  static  pressure  at  the  inner  nozzle  lip  show  any  evidence  of  being  affected  by  distortion  as  will  be  shown 
later.  In  these  test  series  2  and  5  very  few  tests  were  performed  at  unchoked  NPR  ,  so  the  effect  of  ambient  airflow 
on  C()  cannot  be  shown  in  detail  in  these  series. 

Figure  8  shows  the  Cd  values  for  cold  air  series  3  “no  distortion”.  Mere  more  .uns  have  been  performed  at 
unchoked  NPR  ,  so  liiat  the  influence  of  the  ambient  air  stream  on  Cj  may  be  shown  in  more  detail  than  in  series 
2  and  5. 

As  will  be  shown  in  Section  3.4,  for  Mm  =  .8  ,  .85  and  .9  the  pressure  at  the  external  nozzle  lip  is  higher  than 
tlie  free  stream  static  pressure,  Cpex  ^  +  .15  .  while  at  Mm  =  .95  this  overpressure  has  almost  disappeared.  Hence 
at  the  tower  Mach  numbers  the  efTective  nozzle  pressure  ratio  will  be  lower  than  the  standard  NPR  ,  which  will  be 
reflected  in  the  relation  of  Q  vs  standard  NPR  .  The  dashed  line  in  Figure  8  represents  the  data  for  Mm  =  8  to  .9. 

The  average  value  and  the  standard  deviation  for  the  choked  discharge  coefficient,  as  determined  from  21  runs 
with  NPR  >2.2  is 


Q  =  .986  ±  .004 

so  it  may  be  concluded  that  the  jet  medium  (H]0]  decomposition  products  for  test  series  2  and  S,  and  cold  uir  for 
series  3)  did  not  significantly  influence  the  discharge  coefficient  of  this  high  contraction  ratio  nozzle.  The  value  of 
the  determined  discharge  coefficients  for  this  nozzle  for  “no  distortion”  agrees  well  with  the  data  of  Reference  2, 
which  show  that  a  value  of  approximately  .987  would  have  been  expected. 

The  static  pressure  distribution  along  the  jet  pipe  wall  of  test  series  2  and  5  is  shown  in  Figure  9.  The  difference 
between  “no  distortion”  and  “distortion”  has  disappeared  in  the  downstream  part  of  the  jet  pipe  due  to  the  high 
contraction  ratio  of  the  nozzle. 

For  lower  NPR  the  results  of  test  series  3  give  more  details.  The  ratio  of  the  static  pressure  in  the  jet  pipe 
at  x/D,ngx  =  063  (nearest  to  the  exit  plane)  to  the  jet  total  pressure  is  shown  in  Figure  10.  Also  shown  are  the  data 

points  with  NPR  >  2.2  ,  where  a  correction  on  the  NPR  is  applied  by  replacing  Pm  by  the  external  boattail  over¬ 

pressure  Pjx  near  the  exit  plane.  Apparently  the  corrected  nozzle  pressure  ratio  correlates  the  data  points  better 
for  the  cases  with  and  without  external  flow. 

The  thrust  coefficients  CT|  and  CTj  vs  NPR  are  shown  in  Figure  1 1  for  the  runs  of  test  series  2  and  5  where 
Mm  =  0 .  The  thrust  coefticient  CTj  is  most  practical  for  engine  cycle  assessment,  because  it  is  related  to  the  actual 
delivered  mass  flow  and  actual  jet  total  pressure.  CTi  (=  CTj  x  Cj  ,  sometimes  used  in  lelevant  literature)  is  used 
for  reference  purpose.  No  evident  difference  is  seen  between  “distortion”  and  “no  distortion”. 

For  1 1  rans  CTTi  (dist.)  — CTi  (no  dist.)  =  ACT|  =  —.003  1.007 

CTj  (dist.)  -  CTj  (no  dist.)  =  ACT,  =  +  .002  ±  .005 

This  result  may  be  due  to  the  fact  that  these  thrust  coefficients  take  into  account  the  measured  jet  total  pressure, 
which  itself  is  influenced  by  the  distortion  profile. 

An  influence  of  distortion  might  better  be  shown  by  the  change  of  the  reference  thrust  coefficient  CT,  .  This 
coefficient  does  not  depend  on  Ptj„j„  of  consequently  on  Cj ,  which  themselves  are  related  to  the  distortion 
profile. 

CTj  (dist.)  -  CTj  (no  dist.)  =  ACT,  =  f  .005  ±  .003  . 

This  means  that  a  small  increase  in  thrust  may  be  expected  if  a  nozzle  exhausts  a  certain  mass  flow  with  a  distorted 
total  pressure  profile  vs.  a  flat  profile. 
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It  would  have  been  expected  that  for  NPR  ^  1.9  thrust  coefficient  CT|  would  have  been  approximately  1.005 
(Reference  2,  17^  £  CT|  for  NPR  <*•  1.9) .  The  high  values  of  CT|  and  CT]  could  not  be  explained  since  the 
measured  thrust  forces  are  determined  sufficiently  accurate  to  preclude  the  influence  of  scatter  on  the  trend  of  the 
average  thrust  coefficients.  Ihe  balance  was  calibrated  including  all  known  secondary  effects. 

For  the  thrust  coefficients  at  Mw  #  0  the  actual  thrust  force  had  to  be  derived  from  a  force  balance  equation 
incorporating  the  measured  thrust  baiance  force,  the  integrated  boattail  pressure  drag,  the  friction  drag  and  the  correc¬ 
tion  force  due  to  the  pressure  inside  the  gap  between  forebody  and  afterbody.  For  the  friction  drag  the  values  as 
derived  from  Reference  3  were  adapted  amounting  to  a  friction  drag  coefficient,  reiated  to  Aref ,  of  Cp  ~  .0425  . 
These  vaiues  agreed  with  the  average  values  obtained  from  force  measurements  of  test  series  2  at  “jet  off,  particularly 
at  the  larger  Mach  numben.  Figure  1 2  shows  the  thrust  coefficient  CT]  vs.  NPR  for  Mm  ^  0  .  The  large  scatter 
in  the  results  can  be  attributed  to  the  inaccuracies  introduced  by  the  pressure  force  corrections,  particuiarly  the  gap 
force  correction.  The  same  trend  hov  -ver  as  for  Mm  =  0  is  indicated.  The  possible  effects  of  distortion  for 
Mm  #  0  are  seen  to  submerge  in  th  matter: 

ACT,  =  -.003  ±.010 
ACT,  =  +  .000  ±  .008 
ACT,  =  +  .001  ±  .008 

For  this  large  contraction  ratio  nozrle  it  appears  that  the  effects  of  the  jet  total  pressure  distortion  on  the  nozzle 
characteristics  are  of  minor  importance  under  the  condition  that  the  proper  mass  flow  averaged  total  jet  pressure  is 
used. 

J.I.3  Characteristics  of  Nozzle  B 

The  larger  nozzle  B  has  only  been  tested  with  the  hot  decomposition  products  of  HjO,.  Figure  13  shows  for 
Mm  =  0  and  Mm  ^  0  the  discharge  coefficients  vs.  NPR  .  \part  from  the  effect  of  the  external  flow  at  low  nozzle 
pressure  ratios  the  influence  of  distortion  is  clearly  shown.  The  average  values  of  the  discharge  coefficients  of  12  runs 
for  NPR  >  2.1  (approximately  the  choked  pressure  ratio  for  undistorted  tluw)  are 

no  distortion  Cg  =  .978  ±  .002 

distortion  C<j  =  .946  ±  .010 

Cj  (dist.)  —  Cj  (no  dist.)  =  ACj  =  —  .032  ±  .008 

For  this  nozzle  with  a  low  contraction  ratio  the  effect  of  distortion  is  considerable.  This  tendency  may  be  ascribed 
to  the  increased  curvature  of  the  sonic  line  at  the  nozzle  exit  due  to  the  “hollow"  velocity  profile. 

For  a  nozzle  with  a  convergence  half  angle  of  4°  and  a  contraction  ratio  of  1 .62  the  discharge  coefficient  for  non- 
distorted  flow  would  have  been  expected  to  be  slightly  lower  than  .99  (Ref.Z).  The  calculated  discharge  coefficients 
of  nozzle  B  however  average  about  one  per  cent  lower,  which  may  be  caused  by  the  slight  amount  of  hollow  dis¬ 
tortion  that  still  exists  in  the  mass  flow  distribution  for  the  “no  distortion”  condition  and  by  the  influence  of  the 
step  in  the  duct  wall  on  the  internal  boundary  layer.  It  must  be  remarked  that  the  results  of  a  part  of  the  test  runs 
(about  12  runs  with  1.6  <  NPR  <  2  2)  show  a  slightly  different  level  from  the  other  data  points.  During  this  part 
of  the  tests  the  distortion  valve  functioned  erratically  due  to  a  silver  deposit  from  the  catalyst  pack.  No  effect  on 
the  pressure  in  the  valve  housing  however  could  be  detected.  After  repolishing  the  valve  the  other  data  points  were 
obtained,  which  correlated  better  with  results  of  test  series  I.  Figure  14  shows  the  ratio  of  the  static  pressure  in  the 
jet  pipe  close  to  the  nozzle  lip  to  the  jet  total  pressure.  The  difference  between  “no  distortion”  and  “distortion”  is 
still  clearly  present. 

Figures  15  and  16  show  the  values  of  CT,  and  CT,  vs.  NPR  for  both  “distortion”  and  “no  distortion”  for 
Mm  =  0  and  #  0  respectively.  Due  to  erratic  ouput  of  the  gap  pressure  as  mentioned  in  the  previous  section,  at 
Mm  #  0  rather  a  large  scatter  appe.irs  in  the  results.  The  difference  in  thrust  coefficients,  due  to  distortion,  is 

for  Mm  =  0-ACT,  =  -.036  ±.023  and  for  Mm  *  O.ACT,  =  -.049  ±  ,009 

(12  runs)  ACT,  =  -.002  ±.013  (II  runs)  ACT,  =  -.010  +  .007 

ACT,  =  +.024  ±.007  ACT,  =  +.021  ±.005 

the  tolerance  again  indicating  the  standard  deviations. 

It  is  obvious  that  CT,  will  show  a  marked  influence  from  distortion  due  to  the  considerable  change  in  Cj 
and  the  direct  coupling  with  this  coefficient.  For  comparison  Figure  1 5  shows  the  reference  line  for  CT ,  (dist.), 
obtained  from  the  line  for  CT,  (the  same  for  both  distortion  and  no  distortion)  multiplied  by  Cj  (dist..  Mm  =  0) 
from  Figure  13. 

CT,  increases  markedly  if  the  jet  flow  total  pressure  profile  is  distorted.  This  was  clearly  shown  on  tlie  balance 
readings  when  the  distortion  valve  was  actuated. 

It  is  indicated  that  the  thrust  coefficient  CT,  has  the  least  tendency  to  change  due  to  distortion,  and  hence 
may  be  used  as  the  most  characteristic  coefficient  for  nozzle  performance  evaluations. 
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3.2  Mtch  Number  MeMuiement 

J.2.1  General 

Ai  mentioned  in  Section  2.2,  an  analytii  of  the  refen'nce  Mach  numben  is  required.  Because  these  Mach 
numbers  are  derived  from  the  static  pressure  at  the  cylindrical  part  of  the  fuselage  at  model  station  16 
(x/Didix  *  3.017)  the  possible  effects  of  jet  parameters,  tunnel  configuration  and  forebody  length  on  this  prassure 
wUI  be  discussed. 

i.  2. 2  Effect  of  Jet  Parameters 

An  analysis  of  the  pressure  distribution  on  the  cylindrical  part  of  the  model  shows  that  the  upstream  influence 
due  to  variation  of  jet  parameters  does  not  affect  model  station  14  and  stations  further  upstream  (Fig.  1 7).  With 
the  used  method  of  Mach  number  adjustment  (variation  of  diffuser  throat)  there  might  have  been  a  possibOity  that 
throat  area  variations  -  necessary  to  allow  for  the  additional  mass  flow  of  the  jei  -  would  counteract  the  upstream 
influences.  Therefore  some  additional  tests  have  been  made  with  solid  simulated  jet  plumes  which  did  not  require 
the  Mach  number  readjustments  as  necessary  for  the  real  jets.  Results  of  these  tests  are  also  presented  in  Figure  17. 

Although  the  plotted  points  show  some  scatter  there  are  no  systematic  variations.  It  is  concluded  therefrom 
that  variation  of  jet  parameters  does  not  affect  the  reference  Mach  number. 

3.2.3  Effect  of  Tunnel  Configuration 

The  partially  open  transonic  test  section  had  closed  side  walls.  The  top  wall  had  an  open  ratio  of  1 1.1%.  The 
open  ratio  of  the  bottom  will  has  been  changed  after  the  flrst  test  series  from  40.7%  (further  referred  to  as  test 
section  1)  to  1 1.1%  (test  section  11).  Figure  18  shows  that  this  variation  of  bottom  wall  open  ratio  has  a  considerable 
effect  on  the  axial  pressure  distribution  on  the  model.  Circumferential  pressure  distributions  show  that  the  flow  on 
the  model  is  essentially  axisymmetric  for  both  test  sections.  Therefore  the  changes  of  the  axial  pressure  distribution 
are  attributed  to  changing  wall  interference  effects.  This  means  that  the  reference  Mach  numbers  from  the  two  test 
sections  are  not  comparable.  Therefore  mainly  test  results  obtained  in  test  section  II  have  been  presented.  Only  the 
test  results  presenting  the  influence  of  boundary  layer  thickness  (Section  3.5)  have  been  obtained  with  test  section  I. 

3.2.4  Effect  of  Forehody  Length 

Figure  1 9  shows  axial  pressure  distributions  on  the  cylindrical  part  of  the  model  for  the  two  forebody  lengths 
as  used  in  the  tests.  This  figure  illustrates  t  at  variation  of  forebody  length  causes  a  small  change  of  the  pressure  at 
model  station  1 8.  This  pressure  change  indicates  that  the  reference  Mach  number  depends  slightly  on  forebody  length. 

3.3  Jet-Off  Boattail  Pressure  Measurements 

3. 3.  /  Effect  of  Mach  number 

Figure  20  shows  the  effect  of  Mach  number  on  the  boattail  pressure  distributions  (nozzle  A).  Schlieren  photo¬ 
graphs  of  the  flow  are  presented  in  Figure  21.  At  Mw  =  .85  weak  shocklets  appear  just  downstream  of  the  boat- 
tail  shoulder  indicating  the  presence  of  a  small  region  of  sonic  flow.  At  higher  Mach  numbers  a  shock  wave  occurs 
causing  the  steep  pressure  rise  at  ^  (Fig.20).  Furthermore  the  Schlieren  photographs  indicate  that 

boundary  layer  separation  occurs  on  the  rear  part  of  the  boattail  at  Mw  =  .90  and  M,.  =  .95  . 

A  comparison  of  pressure  distributions  on  nozzle  A  and  nozzle  B  is  presented  in  Figure  22  showing  that  the 
differences  are  very  small.  The  general  trends  are  the  same  for  both  nozzles. 

Boattail  pressure  drag  as  function  of  Mach  number  is  given  in  Figure  23  for  both  nozzles,  the  bands  enclosing 
95%  of  all  data  points. 

3.3.2  Effect  of  Boattail  Surface  Temperature 

A  comparison  of  jet-off  pressure  distributions  obtained  during  the  hot  jet  test  series  and  the  cold  jet  test  series 
reveals  that  for  nozzle  A  the  boattail  surface  temperature  systematically  affects  the  recompression  on  the  rear  part 
of  the  boattail.  Typical  examples  of  this  effect  are  shown  in  Figures  24  and  25.  Increasing  surface  temperature 
causes  the  boattail  pressures  to  decrease  which  might  be  explained  by  decreasing  boundary  layer  stability. 

It  should  be  noticed  that  the  “hot  model”  results  have  been  measured  a  few  seconds  after  a  hot  jet  measure¬ 
ment.  This  means  that  the  model  temperature  gradually  decreases  during  the  jet  off  measurement  due  to  natural 
cooling.  Moreover  the  model  temperature  has  been  measured  at  only  one  position  on  the  model  (x/D^xx  ~  -^36) 
and  only  at  the  end  of  the  measurement.  Therefore  a  quantitative  analysis  of  this  effect  has  not  been  possible  in 
the  present  test  series.  It  can  only  be  concluded  that  the  rather  limited  increase  of  the  measured  surface  temperature 
already  causes  a  clearly  different  boattail  pressure  distribution.  Therefore  a  more  detailed  study  of  this  temperature 
effect  is  reouired. 


Msl2 


3.4  Jtt-On  Boattai  fruurt  Maaaummnti 

S.  4. 1  Effect  of  Nozzle  Pressure  Ratio 

Figures  26  through  29  show  the  effect  of  nozzle  pressure  ratio  on  boattaii  prcaure  distribution  for  M«  -  .80 , 
Mm  .85  ,  Mm  *  .90  and  Mm  *  .96  respectively.  These  data  have  been  obtained  with  hot  jets  and  nozzle  A. 

AU  figures  si'ow  the  ume  trends,  i.e.  increasing  boattaii  pressures  with  increasing  nozzle  pressure  ratio.  These  trends 
are  also  found  with  cold  jets  (r.g.  Figure  30).  These  test  results  indicate  that  jet  displacement  (increasing  surface 
preuures  with  increasing  nozzle  pressure  ratio  due  to  increasing  jet  plume  angle)  is  dominating  jet  entrainment  in  the 
range  of  the  present  measurements. 

The  effect  of  nozzle  pressure  ratio  on  boattaii  pressure  distribution  as  meuured  with  nozzle  B  it  presented  in 
Figures  31  and  32  for  Mm  =  .79  and  Mm  =  .89  respectively.  The  trends  observed  from  these  figures  are  the  same 
at  for  nozzle  A,  except  that  for  the  larger  nozzle  the  influence  of  NPR  is  more  pronounced. 

It  should  be  noticed  that  the  jet  effects  are  limited  tu  the  rear  part  of  the  model  at  Mm  =  .89  due  to  the 
region  of  supersonic  flow  near  the  boattaii  shoulder.  At  Mm  =  .79  no  such  supersonic  flow  exists  and  jet  effects 
are  felt  further  upstream. 

The  effect  of  nozzle  pressure  ratio  on  boattaii  pressure  drag  is  presented  in  Figures  33  through  35. 

3.4.2  Effect  of  Jet  Distortion 

The  effect  of  jet  distortion  on  boattaii  pressure  drag  is  illustrated  in  Figures  36  and  37  for  nozzle  A  and  nozzle 
B  respectively.  Figure  36  shows  that  for  nozzle  A  no  significant  effects  of  distortion  are  found.  This  result  is  not 
surprising,  however,  because  distortion  is  not  very  pronounced  with  nozzle  A  (see  Figure  Sa;. 

With  nozzle  B  the  distortion  is  more  effective  (Fig.5b).  In  this  case  it  appears  that  the  boattaii  pressure  drag 
is  affected  by  jet  distortion  at  Mm  =  .80  (Fig.37)  only.  At  Mm  =  90  and  Mm  =  -95  no  effect  is  found.  It  is 
rather  surprising  that  the  separated  boundary  laycis  as  occur  at  the  higher  two  Mach  numbers  are  not  affected  by  a 
variation  of  jet  entrainment  (due  to  jet  distortion)  whereas  at  Mm  =  .8  when  no  separation  seems  to  occur  (cf. 
Section  3.3.1),  the  effect  is  significant  for  all  nozzle  pressure  ratios  tested  (Fig.i8),  except  for  the  lowest  NPR 
(=  1.67).  In  this  case  the  outer  part  of  the  distorted  exhaust  flow  is  subcritical  vs.  supercritical  for  the  other  cases. 
This  effect  of  distortion  is  also  indicated  by  the  external  pressures,  Figure  39.  At  Mm  =  90  the  pressure  distribu¬ 
tion  is  unaffected  by  distortion.  Figure  40. 

3.4.3  Effects  of  Jet  Temperature 

A  comparison  of  boattaii  pressure  distributions  for  hot  and  cold  jets  is  presented  in  Figures  41  and  42.  Both 
Figures  show  that  the  pressure  distributions  on  the  boattaii  differ  markedly  for  hot  and  cold  jets.  Generally  these 
changes  of  boattaii  pressure  distribution  are  considered  to  be  caused  by  two  phenomena; 

-  change  of  jet  displacement, 

-  change  of  jet  entrainment. 

A  simple  prediction  based  on  isentropic  Prandtl/Meyer  expansion  suggests  that  jet  plume  angle  Oef  displacement)  is 
larger  for  the  hot  jet  due  to  the  lower  value  of  y  .  This  is  confirmed  by  Schlieren  photographs  of  the  jets. 

The  jet  entrainment,  itself  being  of  less  importance  than  the  plume  shape  effect,  would  be  expected  to  be 
lower  for  the  hot  jets  than  for  the  cold  jets  (Ref.4).  Because  both  increasing  jet  displacement  and  decreasing  jet 
entrainment  tend  tc  cause  a  pressure  rise  on  the  boattaii  one  would  expect  that  for  the  hot  jets  boattaii  pressures 
would  be  higher  than  for  the  cold  jets,  giving  lower  drag.  This  expected  trend  is  only  partly  supported  by  the 
measured  pressure  distribution  (Figures  41  and  42)  which  show  that  just  downstream  of  the  boattaii  shoulder  the 
pressures  are  higher  for  the  hot  jets.  However,  at  the  downstream  end  of  the  boattaii  the  pressures  for  the  hot  jets 
are  about  equal  or  even  lower  than  the  pressures  for  the  cold  jets.  This  might  be  explained  by  the  effect  of  boattaii 
surface  temperature  as  described  in  Section  3.3.2.  Because  during  hot  jet  measurements  the  boattaii  surface  tempera¬ 
ture  is  considerably  higher  (T|  ^  SOO  k)  than  during  the  measurements  described  in  Section  3.3.2,  a  marked 
decrease  of  boattaii  pressures  may  be  expected  due  to  this  surface  temperature  effect. 

The  resulting  boattaii  pressure  drag  for  the  hot  jets  is  compared  with  boattaii  pressure  drag  for  cold  jets  in 
Figures  43  and  44  for  NPR  ^  3  and  NPR  “  4  respectively. 

With  NPR  ^  4  boattaii  pressure  drag  is  about  equal  for  hot  and  cold  jets  indicating  that  the  jet  temperature 
effect  (decreasing  drag)  is  compensated  by  the  opposite  boattaii  temperature  effect  (Fig.44).  With  NPR  3  it 
appears  from  Figi’.re  43  that  the  boattaii  temperature  effect  is  even  stronger  than  the  jet  temperature  effect  at 
Mm  =  .85  and  Mm  =  .9  which  may  be  due  to  earlier  flow  separation  on  the  hot  boattaii  (for  jet  off  conditions 
(low  separation  starts  at  Mm  =  9 ,  cf.  Section  3.3.1).  From  these  results  it  is  concluded  that  the  present  measure¬ 
ments  are  not  suitable  to  make  a  q  lantitative  analysis  of  jet  temperature  effects. 


3.5  louiidiry  Ltycr  EfTwti 

In  the  present  test  seriei  boundary  layer  effects  have  been  studied  by  varying  forebody  length.  Figure  45  shows 
the  measured  boundary  layer  velocity  proflIes  for  both  the  short  (L/D,„„  >=  10.63)  and  long  models  =  15). 

Some  characteristic  data  of  the  boundary  layer  are  summarized  in  Table  III.  It  should  be  noted  that  the 
boundary  layer  profiles  have  been  measured  on  a  cold  model  and  without  a  jet.  Because  during  hot  jrt  measurements 
model  surface  temperature  rises  approximately  60  deg  C  at  the  model  station  where  the  profi'es  have  been  measured, 
one  should  be  careful  when  using  the  presented  boundary  layer  data  for  an  analysis  of  hot  jet  test  results. 

The  influence  of  forebody  length  on  boattail  pressure  drag  is  illustrated  in  Figure  46  both  for  jet-off  conditions 
and  for  a  nozzle  pressure  ratio  of  approximately  2  (hot  jet).  This  Figure  shows  that  in  both  cases  an  increase  of 
forebody  length  causes  the  pressure  drag  to  decrease  at  M«  =  .9  and  at  Mw  =  .96  whereas  at  M«  =  .85  no 
significant  effect  is  found.  Typical  examples  of  boattail  pressure  distribution  for  long  and  short  forebodies  are 
shown  in  Figures  47  and  48. 

3.6  Tunnel  Wall  Interference 

As  indicated  in  Section  3.2  measured  reference  Mach  numbers  cannot  be  related  to  free  stream  conditions  due 
to  the  relatively  la^ge  model  blockage.  Because  of  the  large  model  length  the  corrections  required  to  obtain  inter¬ 
ference-free  data  (solid  blockage  and  wake  blockage  correction,  e.g.  Reference  5)  do  not  merely  consist  of  a  Mach 
number  correction.  Further  correction  terms  are  necessary  which  vary  in  axial  direction. 

Although  it  has  been  demonstrated  in  Section  3.2.1  that  variation  of  jet  parameters  (wake  blockage)  had  no 
effect  on  the  forebody  it  is  possible  that  the  wake  blockage  effects  on  the  boattail  are  changing. 

To  get  some  more  information  on  these  wall  interference  effects,  pressures  have  been  measured  on  a  solid  tunnel 
side  wall  during  the  cold  jet  test  series.  Some  typical  examples  of  wall  pressure  distribution  are  presented  in  Figures 
49  and  50. 

Figure  49  shows  that  tunnel  wall  pressures  are  very  sensitive  to  Mach  number  which  consequently  i  licates  that 
blockage  effects  depend  also  on  Mach  number. 

Figure  50  presents  the  effect  of  nozzle  pressure  ratio  on  tunnel  wall  pressure  distribution  indicating  that  wake 
blockage  effects  will  also  depend  slightly  on  nozzle  pressure  ratio  Both  Figures  show  that  the  pressure  variations 
measured  on  the  tunnel  wall  are  much  smaller  than  the  variation  .n-  ssured  on  the  model.  Because  wall  pressures 
are  induced  by  model  pressures,  this  indicates  that  flow  Field  disturba  ’ces  at  the  model  are  damped  out  rapidly  when 
moving  away  from  the  model.  Because  the  blockage  effects  on  the  mo  lel  are  in  an  analogous  way  related  to  the 
tunnel  wall  pressures,  it  seems  reasonable  to  assume  that  pressure  changes  on  the  model  due  to  varying  blockage 
effects  are  again  much  smaller  than  the  wall  pressure  variations.  This  would  mean  that  the  measured  trends  of  Mach 
and  jet  effects  on  the  boattail  pressure  distribution  are  valid.  However  these  data  cannot  be  used  as  absolute  due  to 
wall  interference. 


4.  CONCLUSIONS 

-  A  method  using  a  standardized  mass  flow  distribution  was  developed  to  detennine  the  mass  flow  averaged 
jet  total  pressure  from  mass  flow,  static  pressure  and  temperature  in  the  jet  pipe.  The  results  of  this 
method  agreed  with  values  derived  from  total  pressure  rake  measurements. 

For  nozzle  A  with  a  contraction  ratio  of  3.24  the  following  characteristics  were  determined,  the  tolerances 
indicating  the  standard  deviations: 


The  choked  discharge  coefficient  for  a  hot  jet  consisting  of 

decomposed  HjO],  without  distortion 

Cd 

=  .988  ± 

.004 

For  a  hollow  distorted  total  pressure  profile  in  the  jet  pipe 

the  discharge  coefficient  decreased 

.002  to  Cd 

=  .986  ± 

.005 

For  cold  air,  no  distortion. 

Cd 

=  .986  ± 

.004 

These  results  show  that  for  this  nozzle  the  influence  of  jet  medium  and  distortion  on  the  discharge  coefFi- 
cient  was  small. 

The  effect  of  ambient  aiistream  on  the  discharge  coefficient  resulted  in  lower  values  for  Cj  in  the  case 
of  unchoked  nozzle  pressure  ratios. 

The  thrust  coefficients  were  found  to  be  higher  than  expected,  and  no  clear  difference  was  found  between 
values  for  jet  pipe  flows  with  and  without  distorted  total  pressure  profiles. 


The  chancteiistict  of  nozzle  B  with  a  contraction  ratio  of  1 .62  were  more  clearly  influenced  by  diitortion 

Cj  (po  ditt.)  -  .978  t  .002 
Q  (dizt.)  -  .946  ±  .010 

Ambient  airflow  lowered  the  diichatfe  coefflcienta  for  unchoked  nozzle  pressure  ratios. 

The  net  thrust  forces  for  the  same  mass  (low  were  higher  for  the  distorted  flow,  resulting  in  higher  values 
of  the  reference  thrust  coefficient  CTj  ,  for  “no  distortion"  and  “distortion”.  The  thrust  coefficient  CT] 
was  found  to  be  least  sensitive  to  distortion. 

The  obtained  data  for  the  boattail  pressures  cannot  be  used  as  absolute,  due  to  the  relatively  large  blockage 
ratio  of  the  used  model/test  section  combination.  It  is  argued  however  that  the  measured  trends  are  valid. 

-  The  defined  Mach  number  was  found  to  depend  slightly  on  test  section  configuration  and  model  forebody 
length,  but  was  not  influenced  by  the  nozzle  pressure  ratio. 

For  both  afterbodies  it  was  found  that  increasing  the  Mach  number  changed  the  afterbody  pressure  distri¬ 
bution,  resulting  in  higher  pressure  drag  coefficients.  Increasing  the  nozzle  pressun  ratio  decreased  the 
afterbody  pressure  drag,  nozzle  D  being  more  sensitive  than  nuzzle  A. 

For  “jet  off’  higher  model  temperatures  were  found  to  decrease  the  pressures  on  the  rear  part  of  the  boat- 
tail,  causing  increasing  pressure  drag. 

-  For  nozzle  A  the  use  of  hot  or  cold  jet  medium  caused  a  rather  small  difference  in  afterbody  pressure 
distribution  due  to  the  opposing  effects  of  the  jet  temperature  and  the  model  surface  temperature.  A 
further  investigation  of  this  effect  is  recommended. 

-  The  influence  of  distortion  on  the  boattail  pressure  distribution  was  not  significant  for  nozzle  A,  for  nozzle 
B  at  Ma.  ~  .8  the  hollow  distortion  decreased  the  pressure  on  the  rear  part  of  the  boattail,  resulting  in 
pressure  drag. 

Thickening  the  fuselage  boundary  layer  by  increasing  the  forebody  length  for  the  model  with  nozzle  A 
decreased  the  pressure  drag. 


5.  REFERENCES 

1.  Jaarsma,  F. 

2.  Hardy,  J.M. 
Dutouquet,  L. 

3.  Smith,  K.G. 

4.  Compton,  W.B. 

5.  Gamer,  H.C. 
et  al. 


Experimental  Determination  of  Nozzle  Characteristics  and  Nozzle  Airframe  Interference. 
AGARD-LS-53,  1972. 

Etude  de  I'icoulement  dans  un  ejecteur  transonique.  I’A^ronautique  et  I’Astronautique 
No.4',  1974. 

Methods  and  Charts  for  Estimating  Skin  Friction  Drag  In  Wind  Tunnel  Tests  with 
Zero  Heat  Transfer,  A.R.C.  C.P.  824,  I9.S6. 

An  Experimental  Study  of  Jet  Exhaust  SImulailon,  AGARD  Conference  Pre-Print 
No.  1 50,  1974. 

Subsonic  Wind  Tunnel  Wall  Corrections,  AGARDograph  109,  1966. 


TABLE  1 


Co-ordiiutei  of  Boattail  Contour  and  Portion  of  Prcawre  Oriflcat  and  Thermocouplef 

la  IS"  Boattail  Ordinatca 


r/Dmix 

0 

.2075 

.025 

.2155 

.050 

.2245 

.075 

.23475 

.100 

.24575 

.125 

.2568 

.150 

.2678 

.175 

.2788 

.200 

.2888 

.212 

end  of 
dozlIc  B 

.225 

.2988 

.250 

.3085 

.275 

.3180 

.300 

.3275 

.325 

.3368 

.350 

.3458 

.400 

.3630 

.425 

.3718 

.450 

.3500 

.475 

.3580 

.500 

.3958 

1,1  ■„  -  .1. 

.4033 

.4108 

.575 

.4178 

.600 

.4248 

.625 

.4313 

.650 

.4375 

.675 

.4435 

.700 

.4499 

.725 

.4543 

.750 

.4595 

.775 

.4645 

.800 

.4695 

.825 

.4743 

.850 

.4788 

.875 

.4828 

.900 

.4863 

.925 

.4898 

.950 

.4928 

.975 

.4953 

1.000 

.4978 

Ib  Internal  Geometry  of  Nozzles 


Nozzle  A 

Nozzle  B 

.226 

.204 


Id  Internal  Mudel  Premiref 


*/®max 

.063 

270 

.125 

270 

.154 

270 

.204 

270 

.435 

45 

.505 

45 

.545 

45 

.635 

45 

.745 

45 

.845 

45 

1.025 

45 

1.265 

45 

1.385 

45 

1.515 

45 

1.515 

135 

1.515 

225 

1.515 

315 

le  Thennocouples 


external 

external 


intt.rnal 


total  pressure  rake  in  jet  pipe  at  -  = 

^max 

dividing  the  cross  !.:ection  in  9  equal  an 


Series 

1 

2 

M« 

0 

0,  0.8-0.95 

jet  medium,  Tt ,  K 

HjOa,  630 

H,0,,  630 

m* 

R. 

s*K 

390 

390 

7 

1.30 

1.30 

NPR 

1.8 -4.6 

0,  1.9 -4.6 

contr.  ratio  Ajp/Ap 

1.62-3.24 

3.24  (A) 

body  length 

- 

short  +  long 

tunnel  bottom  wall,  %  open 

- 

40.7 

Ren  (X  10‘) 

- 

1.6- 2.1 

balance  thrust  range  N 

90-300 

100-400 

TABLE  U 

Survey  of  Test  Series 


0,  0.8  -  0.95  0,  0.8  -  0.95  0,  0.8  -  0.95  0,  0.8  -  0.95 
H,O,,630  Air,  290  HjOj,630  H,O,,630 


3.24  (A) 
short 
11. 1 

1.6-2.1 


I. 62  (B) 
short 

II. 1 

1.6  -2.1 


3.24  (A) 
short 
11.1 

1.6-2.1 


100-500  100-400 


TABLE  III 

Summary  of  Boundary  Layer  Giaracteristics  at  x/Dmgv  =  2.91 


M_ 

RCd 

6* 

0 

(-) 

(-) 

(mm) 

(mm) 

.806 

1.74  X  10‘ 

.97 

.61 

.854 

1.89  X  10« 

.99 

.60 

.915 

1.91  X  10‘ 

1.09 

.64 

.943 

2.09  X  10‘ 

1.14 

.66 

.804 

1.63  X  10‘ 

1.25 

.79 

.857 

1.90  X  10‘ 

!  ^5 

.78 

.907 

2.00  X  10* 

1.J9 

.78 

.963 

2.09  X  10* 

1.36 

.80 

short  fuselage 


long  fuselage 


-E2I 


"diitortion" 


"O  dinorlion" 


0  2  4  6  a 

Area  index,  i 


0  2  4  6  8 

Area  index,  i 


Fig.4  Standardized  mass  flow  distribution  in  the  jet  pipe 
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Fig.S  Examples  of  the  total  pressure  profiles  in  the  jet  pipe  at  x/D^ax  =  and  in  the  exit  plane 


Fig.9  Jet  pipe  static  pressure  distribution  for  NPR’s  >  ~  2,  nozzle  A,  series  2  and  5 


Fig.  10  Static  pressure  in  jet  pipe  near  nozzle  exit  plane  vs.  pressure  ratio 


Fig.22  Companson  of  boattaii  pressure  distribution  on  nozzle  A  and  nozzle  B  Fig.23  Boattail  pressure  drag  coefficient  as  a  function  of  Mach 

for  Moo  =  0.900  (jet  off)  number  (jet  off) 


Fig.32  Effect  of  nozzle  pressure  ratio  on  boattail  pressure  distribution  at  Fig.34  The  effect  of  nozzle  pressure  ratio  on  boattail 

Moo  =  0.890  (nozzle  B)  (cold  jet,  nozzle  A) 
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Fig.38  The  effect  of  jet  distortion  on  boattail  pressure  drag  for  M.  =  0.80  (hot  jet,  nozzle  B) 
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Fig.39  Effect  of  jet  distortion  on  boattail  pressure  distribution  at  Moo  =  0.80  (nozzle  B) 
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Fig.42  Effect  of  jet  temperature  on  boattail  pressure  distribution  at  Fig. 44  Comparison  of  boattail  pressure  drag  for  hot  and 

Moo  =  0.95  and  NPR  «  3  (nozzle  A)  coW  jets  with  NPR  »  4  (nozzle  A) 


Fig.49  Mach  number  influence  on  tunnel  side  wall  static  pressure  distribution 
(top  and  bottom  wall  11.1%  open,  jet  of^O 


Fig.SO  The  effect  of  nozzle  pressure  ratio  on  tunnel  wall  static  pressure  distribution  at  M 

(nozzle  A,  cold  jet) 
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EFFECTS  OF  VARYING  REYNOLDS  NUMBER  AND  BOUNDARY  LAYER 
DISPLACEMENT  THICKNESS  ON  THE  EXTERNAL  FLOW  OVER  NOZZLE  BOATTAILS 

by 

Dr.D.Zonars,  James  A.Laughrey,  Douglas  L.Bowers 
Air  Force  Flight  Dynamics  Laboratory  Wright-Patterson  AFB,  Ohio  USA 


SUMMARY 

Data  for  the  10°,  15°,  and  25°  AGARD  nozzle  boattails  presented  in  this  paper  are 
from  hose  test  facilities  in  which  the  Reynolds  number  was  varied  at  constant  Mach  number 
or  whetvi  the  boundary  layer  was  varied  by  blowing  or  changing  the  length  of  the  model. 
Evaluation  and  discussion  o*'  the  data  concentrates  on  the  trends  in  pressure  drag  and  static 
pressure  distributions  when  the  external  flow  conditions  (specifically  Reynolds  number  and/ 
or  boundary  layer  displacement  thickness)  are  altered  over  the  Mach  number  range  of  0.8 
through  0.95. 

In  general  (for  Moo  <  0.90)  when  the  Reynolds  number  was  increased  or  the 
boundary  layer  displacement  thickness  was  decreased,  the  static  cressures  decreased  at  the 
beginning  of  the  boattail  (flow  expansion  region)  and  increased  near  the  nozzle  exit  (flow 
recompression  region).  The  pressure  drags  associated  with  these  changes  in  the  pressure 
distributions  varied  only  slightly  at  0.8  Mach  number,  but  increased  measurably  at  0.9  Mach 
number.  Increasing  the  Reynolds  number  or  decreasing  the  displacement  thickness  at  a  Mach 
number  of  0.95  changed  the  flow  such  that  the  expansion  was  greater  and  the  recompression 
was  less  resulting  in  a  significant  increase  in  pressure  drag.  The  flow  separated  just  down¬ 
stream  of  the  shoulder  on  the  25°  boattail  for  all  Mach  numbers  investigated  and  a  change  in 
Reynolds  number  or  displacement  thickness  did  not  noticeably  influence  the  point  at  which 
the  flow  separated  although  there  was  some  variation  on  the  level  of  pressure  in  the  separated 
zone.  Analytical  procedures  using  “viscous-inviscid  strong  interaction”  techniques  were 
applied  which  verified  the  trends  observed  in  the  experimental  pressure  data  for  the  boattails 
without  extensive  flow  separation. 


1.  INTRODUCTION 

One  of  the  objectives  of  the  AGARD  Research  Project  on  “Improved  Nozzle  Testing  Techniques  in  Transonic 
Flow”  is  to  understand  more  fully  the  effects  on  turbine  engine  exhaust  nozzle  external  flow  and  related  boattail 
drag  when  full  scale  external  flow  Reynolds  number  and  boundary  layer  properties  arc  not  duplicated. 

The  Reynolds  number  based  on  a  characteristic  geometric  dimension  and  the  boundary  layer  properties 
(profile,  upstream  history,  etc.)  must  be  duplicated  to  obtain  flow  similarity  on  a  sub  scale  model  versus  a  full  scale 
flight  test.  Thus  if  a  one-tenth  scale  model  is  used  in  a  wind  tunnel  facility,  the  unit  Reynolds  number  should  be 
ten  times  the  flight  unit  Reynolds  number  to  maintain  the  same  total  value,  based  on  a  selected  characteristic 
dimension.  In  most  wind  tunnels  the  full  scale  Reynolds  number  and  boundary  layer  properties  are  not  duplicated, 
so  it  becomes  important  to  understand  the  trends  with  Reynolds  number  variations  in  order  to  extrapolate  flight 
performance  of  the  nozzle,  and  to  develop  analytical  procedures  which  can  be  applied  at  full  scale  conditions  to 
predict  installed  nozzle  performance.  Thus  the  proper  simulation,  measurement,  and  interpretation  of  Reynolds 
number  effects  on  nozzle  boattails  in  transonic  flow  is  an  important  element  in  improving  test  techniques.  To 
approach  this  problem  from  several  aspects,  participants  in  the  AGARD  study  varied  Reynolds  number  and  external 
flow  properties  in  various  ways.  One  method  was  to  vary  the  tunnel  stagnation  pressure  which  effectively  alters  the 
Reynolds  number  the  model  external  boundary  layer  profile  at  the  same  external  Mach  number.  Another  way  of 
changing  the  boundary  layer  properties  of  the  flow  over  the  nozzle  boattail  was  to  inject  additional  air  in  the  boundary 
layer  tangential  to  the  model  surface  upstream  of  the  shoulder  of  the  nozzle  boattail.  The  boundary  layer  thickness 
was  also  varied  by  changing  the  length  of  the  model  nacelle  to  which  the  no/zle  was  attached. 

The  nozzle  afterbodies  investigated  during  this  study  were  the  AGA^D  contours  described  in  References  2  to  9 
that  were  tested  in  several  different  facilities  to  address  several  test  tech  .lique  problems  in  transonic  flow.  The  results 
presented  in  this  paper  are  from  those  facilities  where  Reynolds  number  could  be  varied  at  constant  Mach  number 
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or  where  the  boundary  layer  thickneu  wu  varied  by  either  boundary  layer  blowing  or  changini  the  length  of  the 
model.  The  boundary  layer  displacement  thickness  divided  by  model  maximum  diameter  is  the  How  parameter  used 
to  correlate  the  data  and  determine  trends  (pressure  drag  and  static  pressure  coefficient  distribution)  obtained  by 
the  various  procedures,  since  all  methods  eff.ctively  change  the  boundary  layer  displacement  thickness  ahead  of  the 
nozzle  boattail. 

This  paper  concentrates  on  the  trends  in  pressure  drag  and  static  pressure  distribution  when  the  external  flow 
conditions  are  altered  for  Mach  numbers  of  0.8  through  0.95.  A  comparison  of  data  obtained  in  different  facilities 
or  on  different  models  is  made  only  if  the  model  (nacelle  pod  and  nozzle  boattail)  being  considered  is  the  same  ur  is 
geometrically  scaled.  Most  of  the  data  presented  are  for  the  AGARD  15”  boattail  nozzle  contour;  however,  some 
drag  and  pressure  distribution  trends  are  given  for  the  10°  and  25”  boattails.  Nozzle  pressure  ratio  was  held  constant 
at  a  representative  value  for  turbine  engines  for  the  comparisons. 

Also  included  in  the  paper  is  a  limited  comparison  of  experimental  and  analytically  determined  pressure 
distributions  for  selected  flow  conditions  on  the  10°  and  15°  boattail  nozzles.  The  analysis  used  is  a  viscous-inviscid 
strong  interaction  prodecure  developed  by  Bower'  wherein  the  viscous  flow  properties  are  calculated  by  an  integral 
theory  for  the  compressible  turbulent  boundary  layer  that  takes  into  account  separated  flow  regions. 

The  authors  of  this  paper  would  like  to  acknowledge  the  efforts  of  Dr. W.W.  Bower  of  McDonnell  Aircraft 
Company,  St.Louis,  Missouri,  in  the  theoretical  analysis,  Mr.Lawrence  LGaligher  of  AEDC  (ARO),  Captain  Robert 
Lock  and  Mr.Phillip  Everling  of  AFFDL  for  their  support  in  data  analysis,  and  Mr.G.K.Richey  of  AFFDL  for  his 
review  and  suggestions.  Also,  the  efforts  of  Mr.L.R.Harper  of  Rolls  Royce,  Ltd.  in  supplying  data  on  the  effects  of 
mass  iixlertinn  on  hniindary  *tytr  development  are  gratefully  acknowledged. 


2.  TEST  FACILITIES  AND  MODELS 

Data  presented  in  this  paper  was  obtained  in  various  AGARD  facilities’  ’ .  As  stated  in  the  introduction,  only 
the  dau  whkb  (epKwnu  aartMlons  (n  RcynoUa  numha  (Ac)  or  huundsry  (aycr  ddplaccnicrJ  Uktclirim  h 
discussed.  United  States  data  for  the  AGARD  project  “Improved  Nozzle  Testing  Techniques  in  Transonic  Flow”,’ 
was  obtained  in  the  Arnold  Engineering  Development  Center  (AEDC)  16  Foot  Propulsion  Wind  Tunnel,  Tullahoma, 
Tennessee,  the  16  Foot  Transonic  Wind  Tunnel  at  NASA  Langley  Research  Center,  Langley  Air  Froce  Base,  Virginia, 
and  the  Lockheed-Georgia  (USA)  Compressible  Flow  Facility  (CFF),  Marietta,  Georgia.  Data  from  the  NASA  Langley 
facility  were  not  used  in  this  paper  since  the  wind  tunnel  Reynolds  number  of  model  boundary  layer  properties  were 
not  varied  at  a  particular  Mach  number.  The  data  from  this  tunnel’  is  certainly  valuable  for  other  parts  of  the  entire 
AGARD  study.  The  AEDC  PWT  I6T  facility  is  a  continuous  flow,  closed  circuit  wind  tunnel  and  has  porous  walls 
in  the  16  Ft  x  16  Ft  x  40  Ft  test  section  wM  a  Mach  number  range  of  0  2  to  1  6  The  AEDC  AGARD  nuzzle 
models  were  strut  mounted  to  the  tunnel  floor  (Fig.l)  and  were  instrumented  with  external  static  pressure  otiflees 
and  boundary  layer  rakes.  Overall  model  length  was  146.934  inches  (373.21  cm)  and  the  maximum  diameter  was 
9.b6  Inehes  US.04  em*.  TMs  modet  fc  wtemd  to  In  tWs  p«pet « the  “fvA  ««*«’'  AHX'  moiW.  lu  «  whAed 
investigation  supporting  the  AGARD  study,  another  model  was  built  which  is  approximately  one-sixth  scale  of  the 
full  scale  AEDC  model  (15°  boattail  only).  This  model  was  tested  in  the  same  16  foot  wind  tunnel  and  the  20  inch 
(50.8  cm)  by  28  inch  (71.12  cm)  Lockheed-Georgia  Compressible  Flow  Facility  (CFF).  The  AEDC  sub  scale  model 
was  mounted  on  a  sting  supported  strut  (see  Figure  2)  in  the  AEDC  I6T  tunnel  and  on  a  floor  strut  in  the 
Compressible  Flow  Facility.  Primary  instrumentation  was  external  static  pressure  orifices  on  the  nozzle  boattail. 

The  model  length  is  22.247  inches  (56.51  cm)  and  the  maximum  diameter  is  1.54  inches  (3.91  cm).  The  unit 
Reynolds  numbers  (Re/ft)  was  varied  on  both  full  scale  and  sub  scale  models  from  1.0  x  10‘  to  6.0  x  10”  at  AEDC 
and  from  6.  x  10*  to  50.  x  10*  in  the  CFF.  The  AEDC  full  scale  model  included  the  10.  15,  and  25  degree  AGARD 
contours.  All  AEDC  models  simulated  the  exhaust  plume  with  530”  R  high  pressure  air. 

Additional  data*  for  the  AGARD  contours  at  0.8  Mach  number  was  provided  by  the  Air  Force  Aerospace 
Research  Laboratory  at  Wright-Patterson  Air  Force  Base,  Ohio,  USA.  The  30  inch  (76.2  cm)  long,  3  inch  (7.62  cm) 
maximum  diameter  model  was  sting  mounted  from  the  rear  with  a  cylindrical  sting  and  was  also  tested  in  the 
Lockheed-Georgia  Compressible  Flow  Facility  (CFF).  The  unit  Reynolds  number  (Re/ft)  range  was  6.0  x  10*  to 
50.0  X  10* .  Primary  instrumentation  was  external  static  pressure  orifices. 

Data  used  in  this  paper  from  the  United  Kingdom  was  obtained  in  the  open  circuit  ejector  driven  wind  tunnel 
at  the  Rolls  Royce  Limited  (RR)  Bristol  Engine  Division.  All  three  AGARD  boattail  shapes  (10,  15,  and  25  degree 
contours)  were  forward-sting  mounted  in  the  slotted  octagonal  test  section’-*.  The  model  maximum  diamc  "as 
101.6  mm.  The  boattail  approach  boundary  layer  was  changed  by  blowing  high  pressure  air  tangential  to  the  sting 
surface  approximately  462.88  mm  ahead  of  the  boattail  exit.  Tunnel  Reynolds  number  was  approximately  1.2  x  10* 
per  mm.  Instrumentation  consisted  primarily  of  external  static  pressure  orifices  on  the  nozzle  boattail,  external 
boundary  layer  rakes,  a  jet  total  pressure  rake,  and  tunnel  wall  static  pressures. 

Data  used  in  this  paper  for  the  AGARD  15°  contour  from  France  was  obtained  from  the  ONERA  studies’ 
which  used  an  open  circuit  wind  tunnel  with  the  model  mounted  on  a  forward  sting.  The  tunnel  test  section  was 
rectangular  (800  x  900  mm)  with  perforated  top  and  bottom  walls.  The  model  maximum  diameter  was  80  mm. 


The  sting  boundary  layer  was  changed  by  the  tangential  blowing  of  high  pressure  air.  The  two  blowing  locations 
used  were  286  mm  (S|)  and  628  inm  (S])  ahead  of  the  nozzle  exit.  The  throat  height  of  the  blowing  slot  was 
varied  from  0.5  to  I.S  mm.  Instrumentation  included  internal  and  external  static  pressure  orifices  and  total  pressure 
rakes. 

From  the  Netherlands,  data  for  the  AGARD  15°  contour  was  provided  by  NLR*  from  tests  in  a  270  mm  square 
slotted  transonic  test  section  of  a  continuous  flow  wind  tunnel.  The  model  had  a  maximum  diameter  of  80  mm  and 
was  mounted  by  two  side  struts  and  braced  by  two  wires.  The  test  section  static  pressure  was  adjusted  to  I  at¬ 
mosphere  for  all  test  conditions.  The  model  jet  flow  was  provided  by  liquid  hydrogen  peroxide.  Instrumentation 
was  a  single  component  thrust  balance,  external  static  pressure  orifices,  sting  boundary  layer  probes,  and  internal 
total  pressure  measurements.  The  boundary  layer  thickness  just  upstream  of  the  boattail  was  changed  by  increasing 
the  length  of  the  model  forebody  ahead  of  the  support  struts  by  350  mm. 

The  German  participants  in  the  AGARD  study  (MBB  and  DFVLR)  conducted  tests  on  the  10°  AGARD  boat- 
tail*  but  there  were  no  variations  in  Reynolds  number  or  boundary  layer  displacement  thickness.  This  data  will  not 
be  used  for  the  discussions  in  this  paper. 


3.  DISCUSSION  OF  EXPERIMENTAL  DATA 

This  section  of  the  paper  will  discuss  the  Reynolds  number  and/or  boundary  layer  displacement  thickness  effects 
which  were  obtained  during  the  AGARD  study  by  three  different  techniques.  One  technique  was  to  vary  tunnel  test 
conditions  which  varies  the  unit  Reynolds  number  while  maintaining  Mach  number  constant.  The  other  two  tech¬ 
niques  of  varying  boundary  layer  displacement  thickness  were  injection  of  high  pressure  air  upstream  of  the  nozzle 
boattail  or  changing  the  length  of  the  model  while  maintaining  the  same  wind  tunnel  test  conditions.  The  format  of 
the  data  presentation  in  this  section  is  to  discuss  first  the  details  of  the  flow  field  at  a  given  Mach  number  and  for  a 
given  boattail  shape  as  Reynolds  number  and/or  displacement  thickness  is  varied.  I'he  effect  of  the  Reynolds  number 
or  displacement  thickness  changes  on  the  flow  field  will  then  be  discussed  in  terms  of  the  drag  determined  by  a 
pressure-area  integration  of  the  pressure  distributions  on  the  model.  The  AEDC  data,  which  varied  unit  Reynolds 
number  is  examined  first.  Data  from  RR,  ONERA  and  NLR  will  then  be  reviewed  and  consistent  trends  in  the  data 
from  the  various  facilities  will  be  discussed. 

An  indication  of  the  effect  of  a  Reynolds  number  change  or  displacement  thickness  variation  on  the  flow  over 
the  AGARD  boattail  shapes  may  be  observed  by  examining  the  changes  in  the  static  pressure  and  the  projected  area 
ds  a  function  of  lerigth  along  the  boattail.  This  gencial  relationship  is  shown  in  Figure  3  tsec  Appendix  for  cAplanation 
of  the  terms).  On  the  initial  part  of  the  boattail,  there  is  an  expansion  as  the  flow  begins  to  turn  around  the  shoulder 
of  the  boattail.  The  negative  pressure  coefficient  region  downstream  of  the  shoulder  combined  with  the  aft  facing 
projected  area  of  the  boattail  contribute  to  the  total  pressure  force  acting  on  the  boattail.  As  the  flow  continues 
over  the  external  boattail  surface,  it  begins  to  recompress  toward  positive  Cp  values  as  the  flow  turns  back  to  the 
hurtzontaf  streait,  directi'vfi.  fn  ftie  TCvtiTipiessiun  Ttgi  ni  tire  pruJitct  of  a  postWve  L'p  wHh  tm  aft  fadng  pt^jecWxl 
area  is  a  contribution  to  thrust  on  the  boattail.  The  relative  areas  of  thrust  and  drag  production  for  a  typical  con¬ 
dition  at  M  =  0.9  using  measured  pressure  distributions  from  the  AEDC  facility  on  the  three  AGARD  boattail  shapes 
are  shown  on  Figure  4.  It  is  important  to  consider  the  contribution  of  both  the  static  pressure  and  area  changes  to  the 
total  nozzle  boattail  force.  The  total  projected  area  (Ap)  is  the  same  for  all  three  boattails.  The  relative  levels  of 
the  thrust  and  drag  contributions  are  affected  by  the  viscous-inviscid  interaction  associated  with  a  change  in  Reynolds 
number  or  a  change  in  the  boundary  layer  displacement  thickness  upstream  of  the  nozzle  boattail  surface  and  how 
the  boattail  projected  area  varies  in  the  axial  direction. 

AEDC  (US)  DATA 

Data  was  obtained  for  all  three  AGARD  contours  (10,  IS,  and  25  degree  boattails)  at  Mach  numbers  of  0.6.  0.8, 
0.9,  0.95.  1.1,  and  1.5.  The  unit  Reynolds  number  was  varied  from  1.0  x  10‘  to  5.0  x  10°  per  foot  which 
corresponds  to  Reynolds  numbers  of  12.0  x  10‘  and  60.0  x  I0‘  based  on  a  total  model  length  of  approximately 
12  feet.  Although  nozzle  pressure  ratio  (Ptj/Poo)  was  varied  from  jet  off  to  pressure  ratios  of  approximately  20, 
the  analysis  will  concentrate  on  a  nozzle  pressure  ratio  of  approximately  3.0,  which  is  representative  of  the  nozzle 
exit  conditions  for  a  fairly  low  bypass  turbo-fan  engine.  Only  data  at  Mach  numbers  of  0.8,  0.9  and  0.95  will  be 
discussed  in  this  paper.  Reference  2  contains  data  at  all  Mach  number  which  were  tested.  A  recent  calibration  at 
various  Reynolds  numbers  of  the  AEDC  16T  tunnel  indicates  that  the  levels  of  Cp  presented  in  this  paper  may  be 
shifted  slightly.  The  calibration  change  results  only  in  a  slight  change  in  poo  and  thus  the  relative  pressure  distribu¬ 
tion  behaviour  with  various  Reynolds  numbers  does  not  change  substantially  from  that  described  herein. 

The  pressure  distribution  over  the  15°  boattail  at  Mach  number  0.8,  nozzle  pressure  ratio  of  approximately  3.0. 
and  a  variation  in  Reynolds  number  from  1.0  x  10*  to  5.0  x  10*  per  foot  is  shown  on  Figure  5.  As  Reynolds 
number  increases  there  is  a  decrease  in  the  boundary  layer  displacement  thickness  approaching  the  nozzle  boattail. 

The  data  shows  an  increased  expansion  on  the  shoulder  near  X/o^y^x  =  1-0,  and  increased  recompression  on  the 
aft  part  of  the  nozzle  boattail.  Increased  expansion  near  the  shoulder  tends  to  increase  overall  nozzle  drag:  increased 
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recompreuion  on  the  aft  boattail  surface  tends  to  decrease  drag  (increase  thrust)  on  this  part  of  the  boattail  and  re¬ 
duce  overall  drag  of  the  nozzle  model.  These  offsetting  trends  of  pressure  distribution  on  the  contribution  tc  the 
total  boattail  preuure  force  tend  to  give  only  a  slight  increase  of  nozzle  boattail  preuure  drag  with  increasing  Reynolds 
number  at  this  Mach  number. 

Data  for  the  1 5°  AGARD  boattail  at  0.9  Mach  number  is  shown  on  Fig.6.  As  Reynolds  number  increases 
(displacement  thickness  decreasing)  there  is  an  increase  in  expansion  at  X/d  ~  shoulder,  with  a 

slight  shift  downstream  of  the  point  of  minimum  pressure.  There  is  generally  increased  recompression  with  in¬ 
creasing  Re  on  the  aft  part  of  the  boattail;  particularly  at  Re  =  S.O  x  10* /ft.  At  intermediate  Reynolds  numbers 
of  1.75  and  2.S  million  per  foot  there  is  little  change  in  the  recompression  region  but  an  increase  in  expansion  near 
the  shoulder,  which  tends  to  increase  total  drag  relative  to  the  1.0  x  10*  per  foot  case.  At  a  Re  of  S.O  x  10* 
per  foot  the  effect  of  the  increased  recompression  is  favorable  and  results  in  a  slight  decrease  in  boattail  pressure  drag 
coefficient. 

As  is  shown  on  Figure  7,  the  pressure  distribution  trends  are  somewhat  different  at  a  Mach  number  of  0.9S. 

Here,  as  Reynolds  number  increases,  or  as  boundary  layer  displacement  thickness  decreases,  there  is  very  little  change 
in  pressure  distribution  (no  increased  expansion)  on  the  shoulder  of  the  boattail  and  a  decrease  in  pressure  in  the  re¬ 
compression  region  except  for  the  flow  condition  where  Re  is  S.O  x  10* /ft.  This  tends  to  increase  drag  on  the 
boattail  surface  at  increased  Reynolds  number.  However  the  corresponding  drag  coefficient  at  Re  =  S.O  x  10* /ft  is 
approximately  equivalent  to  the  2.S  million  per  foot  flow  drag  coefficient.  At  Mach  number  0.9S  there  is  a  weak 
shock  on  the  boattail  surface  at  (observed  from  Schlieren).  The  shock-boundary  layer  interaction  un- 

doubtediy  becomes  more  pronounced  as  the  unit  Reynolds  number  is  increased  (increase  lii  tunnel  stagnation  pressure). 

An  example  of  the  flow  on  the  10°  AGARD  boattail  shape  is  shown  on  Figure  8  for  a  Mach  number  of  0.9,  a 
nozzle  pressure  ratio  3.0  and  over  a  range  of  Reynoids  number.  The  effect  of  increasing  Reynolds  number  (decreasing 
displacement  thickness)  appears  to  be  primarily  in  the  recompression  region  of  the  boattail  surface  with  a  small  in¬ 
fluence  on  the  flow  at  the  shoulder  region.  The  increased  recompression  on  a  small  projected  area  results  in  a  slight 
decrease  in  pressure  drag  for  the  boattail  while  the  small  influence  at  the  expansion  region  with  a  larger  projected 
area  contributes  to  a  slight  increase  in  boattail  drag  coefficient  as  Reynolds  number  is  increased.  As  shown  in  Figure  8, 
this  is  generally  verified  by  the  pressure  area  integrations  for  this  case,  although  the  variations  are  rather  smail. 

For  the  25°  AGARD  boattail  shape,  data  is  shown  in  Figure  9  at  M  =  0.95  .  As  Reynolds  number  increases 
from  1.0  X  10*  to  S.O  x  10*  per  foot,  there  is  an  increased  expansion  near  the  shoulder  and  a  decrease  in  pressure 
in  the  recompression  zone  on  the  aft  surface  of  the  boattail,  which  both  contribute  to  an  increase  in  drag.  Since  the 
flow  in  the  boattail  is  almost  entirely  separated,  the  pressure  is  nearly  constant  on  the  boattail  surface  from 
X/dmm  -^S  to  the  nozzle  exit.  There  is  a  slight  effect  of  Reynolds  number  on  the  pressure  level  in  this  region,  with 
the  effect  being  that  as  Reynolds  number  increases  the  pressure  coefficient  is  slightly  more  negative.  The  total  con¬ 
tribution  of  the  pressure  force  is  a  drag  since  the  static  surface  pressures  are  never  greater  than  the  free  stream  pressure. 
As  shown  on  Figure  10,  there  is  a  somewhat  conflicting  trend  of  drag  with  Reynolds  number  amt  points  out  the  rather 
unique  quality  of  the  viscous-inviscid  interaction  for  a  particular  boattail  geometry  and  flow  condition.  At  a  Reynolds 
number  of  1.75  million  there  is  a  decrease  in  pressure  near  the  shoulder  of  the  boattail.  This  contributes  to  an  in¬ 
crease  in  drag  at  this  Reynolds  number.  As  the  Reynolds  number  is  increased  further  to  2.5  x  10* /ft  there  is  some¬ 
what  less  expansion  on  the  shoulder  resulting  in  a  slight  decrease  in  drag.  At  a  Re  of  5.0  x  10*/ft  the  flow  has  less 
recompression  near  the  nozzle  exit  contributing  to  a  slight  increase  in  drag.  The  behaviour  in  the  reconipression  region 
for  this  model  is  similar  at  Mach  0.95  and  shows  a  slight  decrease  in  the  Cp  level  as  Reynolds  number  is  increased. 

All  of  the  data  on  the  25°  boattail  indicates  that  most  of  the  flow  on  the  boattail  surface  just  downstream  of  the 
shoulder  is  separated.  There  is  strong  evidence  of  a  shock  associated  with  the  separation  on  this  model  and  the  effect 
of  Reynolds  number  variation  is  to  slightly  alter  the  viscous-inviscid  interaction.  The  point  at  which  flow  separation 
occurs  does  not  appear  to  change  significantly  as  Reynolds  number  is  changed  although  there  is  some  influence  on 
the  level  of  pressure  in  this  separated  zone  as  the  external  flow  conditions  are  varied. 

A  summary  of  the  variation  in  pressure  drag  on  all  three  AGARD  hoattails  is  shown  in  Figures  11,  12,  and  13 
for  Mach  numbers  of  0.8,  0.9,  and  0.95  and  illustrates  the  general  trends  discussed  above. 

Changing  the  Reynolds  number  by  changing  total  flow  conditions  (tunnel  stagnation  pressure)  as  was  done  in 
the  case  of  the  AEDC  tests  of  the  AGARD  models  has  the  following  influence  on  the  viscous-inviscid  interaction: 

(a)  At  Mach  0.8,  there  are  somewhat  offsetting  trends  >.i  the  pressure  distributions.  That  is,  as  Reynolds 
number  increases  (displacement  thickness  decreases)  there  is  increased  expansion  over  the  shoulder  con¬ 
tributing  to  drag,  and  increased  recompression  on  the  aft  part  of  the  boattail  contributing  to  reduced  drag. 

The  net  effect  is  a  slight  increase  in  drag  with  Reynolds  number. 

(b)  At  Mach  0.9,  the  trend  is  toward  very  little  change  of  the  pressure  in  the  aft  recompression  region,  and  an 
increased  expansion  near  the  shoulder  of  the  boattail,  resulting  in  a  slight  increase  in  drag  with  Reynolds 
number.  - 

(c)  At  Mach  0.95,  the  trend  is  toward  a  very  small  change  in  the  pressure  distribution  in  the  expansion  region 
near  the  shoulder,  but  a  decrease  in  pressure  in  the  recompresions  region  contributing  to  an  increase  in  drag 
at  this  Mach  number  as  Reynolds  number  is  increased. 
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'‘.though  the  mechanisms  of  the  viscid-inviscid  interaction  are  slightly  differer  for  the  three  Mach  numbers,  the 
trend  is  toward  a  slight  increase  in  pressure  drag  with  increased  Reynolds  number  foi  the  10"  and  15°  boattails. 

At  the  highest  Reynolds  numbers  in  some  cases,  there  is  a  slight  decrease  in  pressure  drag  as  a  result  of  increased  re¬ 
compression.  For  the  25°  boattail,  results  are  some,  mes  conflicting  but  show  a  trend  of  increased  pressure  drag  as 
the  Reynolds  number  is  increased  from  1.0  x  10* /ft  followed  by  a  slight  decrease  and  then  increase  at  the  higlier 
Reynolds  numbers.  The  important  i)oint  is  that  the  boundary  layer  displacement  thickness  is  being  influenced  by 
Reynolds  number  (ie.  a  decrease  in  displacement  thickness  with  an  increase  in  Reynoiui>  number)  which  results  in 
an  alteration  of  the  inviscid  flow  streamlines  as  Reynolds  number  is  changed.  Then,  depet  'ing  upon  the  basic  shape 
of  the  boattail,  the  pressure  distribution  may  be  altered  in  a  favorable  or  unfavorable  manner  (decrease  or  increase 
in  drag). 

AEDC  1 5°  Boattail  sub  scale  model  data 

The  15°  AGARD  boattail  configuration  wa:>  also  constructed  in  a  sub  scale  model  approximately  1/6  scale  of  the 
exhaust  nozzle  pod  arrangement  discussed  above.  This  model  is  22  inches  (55.88  cm)  in  length,  and  was  run  at 
AEDC  at  the  same  tunnel  test  conditions  as  the  larger  model.  The  Reynolds  nuD*-  ;rs  based  on  model  length  varies 
from  approximately  2.0x10*  to  10.0x10*  as  unit  Reynolds  n.  .Tiber  varies  from  1.0  xlO*  to  5.0x10° 
per  foot.  The  Reynolds  number  based  on  length  of  the  larger  model  is  between  12.0  x  10*  and  60.0  x  10*  . 
Blockage,  based  on  the  cross-sectional  area  of  the  model,  plus  its  support  system  is  approximately  0.1 1  percent  in 
the  AEDC  1 6  foot  tunnel.  The  sub  scale  model  also  u.nderwent  tests  at  the  Lockheed-Georgia  Compres.sibIe  Flow 
Facility,  which  is  a  blow-down  wind  tunnel  capable  of  a  Reynolds  number  based  on  length  of  1 20.0  x  1 0*  .  This 
data  from  AEDC  and  the  high  Reynolds  number  facility,  makes  it  possible  to  examine  Reynolds  number  effects  on 
the  same  model  over  a  very  wide  range  of  Reynolds  numbers. 

Pressure  distributions  on  the  15°  sub  scale  model  at  0.8  Mach  number  are  shown  in  Figures  (14a)  and  (14b).  In 
the  expansion  region,  the  sub  scale  data  in  both  the  AEDC  16  Foot  Wind  Tunnel  (14a)  and  the  Compressible  Flow 
Facility  (14b)  show  essentially  the  same  behaviour  as  the  larger  model  The  CFF  data  in  the  recompression  region 
shows  increased  pressure  with  increased  Reynolds  number.  Tlie  suh  'cale  data  in  the  16  Foot  Wind  Tunnel,  however, 
shows  decreased  pressure  with  increased  Reynolds  number.  Pressu.e  data  is  not  available  on  this  model  near  the  exit 
of  the  boattail  since  the  installation  of  pressure  instrumentation  in  this  region  on  the  smaller  scale  model  was  very 
difficult.  A  comparison  of  the  pressure  drag  on  the  sub  scale  model  with  the  pressure  drag  on  the  full  scale  model 
where  the  pressure  distribution  is  truncated  at  ^lou,\x  ~  0.2  is  shown  in  the  lower  part  of  Figures  14(a)  and 
14(b).  it  is  important  to  note  that  the  trend  of  pressure  drag  with  Reynolds  number  based  on  total  model  length 
is  continuous  and  smooth  between  the  small  scale  and  large  scale  model  at  Mach  0.8. 

The  pressure  distribution  and  pressure  drag  on  the  sub  scale  model  are  shown  on  Figures  15(a)  and  15(b)  for  a 
Mach  number  of  0.9.  All  tests  show  similar  trends  in  the  expansion  region.  In  the  recompression  region  however, 
the  16  Foot  wind  tunnel  data  for  the  sub  scale  model  again  shows  decreasing  pressure  with  increasing  Reynolds 
number.  Variation  of  pressure  drag  with  Reynolds  number  based  on  a  truncation  of  the  “full  scale”  data  is  shown 
on  Figures  1 5(a)  and  1 5(b)  and  indicates  a  very  good  correlation  between  the  pressure  drag  on  the  sub  scale  model 
and  pressure  drag  on  the  larger  model  Figure  16  compares  the  actual  pressure  distribution  for  the  sub  scale  and  larger 
model  at  a  comparable  Reynolds  number  based  on  total  model  length.  As  can  be  seen  from  Figure  1 6,  there  is  very  good 
agreement  of  the  pressure  distributions  for  the  different  models  and  test  arrangements. 

Data  was  also  taken  on  the  sub  scale  inoilel  at  0.95  Mach  number,  and  is  shown  in  Figures  17(a)  and  17(b).  At 
this  Mach  number,  there  is  a  si  bstantial  differei'ce  in  pressure  distribution  of  the  aft  part  of  the  boattail  between  the 
sub  scale  and  “full  scale”  models.  Pressure  coefficients  for  the  sub  scale  and  “full  scale”  models  are  comparable  in 
the  expansion  region.  However,  there  are  significant  differences  upstream  of  the  boattail  shoulder.  The  lower  pressure 
in  the  recompiession  region  results  in  a  large  pressure  drag  at  Reynolds  number  based  on  model  length  of  slightly  less 
than  10.0  x  10*  as  shown  on  the  figure.  This  data  is  being  examined  fu'ther  to  determine  the  effect  at  this 
particular  Mach  number.  As  stated  previously,  the  interaction  between  the  external  flew  and  the  boundaiy  layer  of 
the  modtl  is  very  sensitive  to  location  of  shock  waves  in  transonic  flow  and  the  rate  of  change  of  displacement 
thickness  with  distance.  In  general,  the  sub  scale  data  seems  to  substantiate  the  trends  observed  on  the  larger  scale 
model  with  variations  in  Reynolds  number. 

High  Reynolds  number  (ARL)  data 

In  a  related  study  sponsored  by  the  Air  Force  Aeronautical  Research  Laboratory  (ARL),  the  AGARD  boattail 
shapes  were  tested  in  the  higli  Reynolds  number  Lockheec-Georgia  Compressible  Flow  Facility  (CFF)  at  0.8  Mach 
number.  With  thi  .  facility,  variations  of  Reynolds  number  based  on  length  of  up  to  127.0  x  10*  are  possible  with 
this  model  which  was  30  inches  (76.2  cm)  in  length.  The  model  was  sting  mounted  from  the  rear  with  a  cylindrical 
plume  being  used  as  the  sting.  This  technique  has  been  uacd  by  many  investigators  and  corresponds  to  a  nozzle 
pressure  ratio  for  a  convergent  nozzle  where  exit  static  pressure  equals  ambient  static  pressure.  Variation  of  the 
pressure  distributions  for  the  15°  boattail  contour  at  three  different  Reynolds  numben  is  shown  on  Figure  18.  At 
0.8  Mach  number,  the  data  indicates  a  similar  variation  of  pressure  distribution  to  the  AEDC  data.  As  Reynolds 
number  based  on  model  length  is  increased  from  15.0  x  10*  to  127.0  x  10*  there  is  an  increase  in  expansion 
near  the  shoulder  and  an  increase  in  pressure  level  on  the  recompression  surface  near  the  nozzle  exit.  Comparison 


of  the  pressure  distribution  on  this  boattaii  in  the  Compressible  Flow  Facility  with  the  “full  scale"  data  from  ABDC 
is  shown  in  Figure  19.  There  is  good  agreement  between  the  AEDC  model,  which  has  a  flowing  jet,  and  the  ARL 
model  which  uses  a  solid  cylindrical  plume  to  simulate  the  jet  efflux.  Data  taken  over  the  wider  range  of  Reynolds 
number  on  this  model  appears  to  validate  the  interpretation  of  the  AEDC  data.  That  is,  at  a  Mach  number  of  0.8, 
increasing  Reynolds  number  (or  decreasing  boundary  layer  displacement  thickness)  results  in  increased  expansion 
near  the  shoulder  of  the  boattaii  and  increased  recompression  on  the  aft  portion  of  the  boattaii. 

The  pressure  distributions  on  the  AP.L  model  for  the  10°  and  25°  AGARD  contours  at  Macii  number  0.8  is 
presented  in  Figures  20  and  21  respectively.  With  increasing  Reynolds  number  for  the  10°  model  the  pressure  drag 
decreases  slightly.  The  higlier  Reynolds  numbei  pressure  data  indicates  slightly  more  expansion  but  a  significantly 
higher  recompression.  These  combined  effects  produce  a  lower  pressure  drag  coefficient  for  the  higher  Reynolds 
number  flow  condition.  Increasing  the  Reynolds  number  on  the  25°  model  (Fig.21),  alters  the  pressure  distribution 
such  that  the  pressure  drag  coefficient  is  decreased.  While  the  pressured  are  comparable  in  the  recomprcssicn  region, 
the  lower  Reynolds  number  flow  has  lower  pressures  in  the  expansion  region  and  correspondir''!y  more  pressure  drag 
than  for  high  Reynolds  number.  The  trends  for  both  the  10°  and  15°  small  scale  contours  tesud  in  the  Compressible 
Flow  Facility  correspond  to  the  AEDC  data  at  tlic  0.8  Mach  number  flow  condition. 

Rolls  Royce  (UK)  data 

Both  the  United  Kingdom  through  Rolls  Royce,  Ltd.  (RR)  Bristol  Engine  Division,  and  France  through  ONERA, 
conducted  wind  tunnel  studies  of  the  effect  of  boundary  layer  injection  on  nozzle  boattaii  riuw’’‘'‘^  Boundary 
layer  injection  effectively  simulates  an  increase  in  the  Reynolds  number  of  the  flow  by  decreasing  the  boundary  layer 
displacement  thickness.  Although  the  mechanisms  for  changing  displacement  thickness  are  different,  the  change  in 
pressure  distributions  on  the  boattaii  is  about  the  same.  A  comparison  of  the  pressure  distributions  for  the  natural 
boundary  layer  (no  blowing)  and  the  blown  boundary  layer  is  shown  on  Figure  22  for  the  RR  test  of  the  1 5°  boattaii 
at  0.8  Mach  number.  Displacement  thickness  for  the  natural  boundary  layer  is  2  0  mm  measured  just  upstream  of 
the  nozzle  boattaii  shoulder  while  displacement  thickness  for  the  blown  boundary  layer  is  0.98  mm  at  the  same  station. 
The  decreased  displacement  thickness,  which  is  equivalent  to  an  increase  in  Reynolds  number,  shows  an  increased  ex¬ 
pansion  near  the  shoulder  and  increased  compression  on  the  aft  surface  of  the  boattaii.  These  two  effects  are 
essentially  off-setting  so  that  the  pressure  drag  remains  unchanged  at  0.8  Mach  number.  In  Figure  23  a  comparison 
is  made  of  the  pressure  distributions  on  the  15°  boattaii  for  the  natural  and  blown  boundary  layer  at  a  Mach  number 
of  0.91.  The  thinner  boundary  layer  associated  with  flow  injection  results  in  an  increased  expansion  near  the  shoulder 
but  very  little  change  on  the  flow  in  the  recompressio  i  zone.  The  difference  in  pressure  distribution  near  the  shoulder 
contributes  to  a  substantial  increase  in  pressure  drag  for  this  model.  The  data  shown  on  Figure  24  indicates  that  at  a 
Mach  number  of  0.95,  with  and  without  blowing,  the  major  change  in  pressure  distribution  occurs  in  the  aft  region 
of  the  nozzle  (recompression  zone).  With  the  thinner  boundary  layer  (blowing)  the  flow  recompresses  to  a  lower 
pressure.  This  was  observed  at  0.95  Mach  number  on  other  models  tested  during  this  investigation  and  is  most  likely 
related  to  the  boundary  layer  interaction  with  the  shock  wave  which  is  present  on  the  model  at  approxi¬ 

mately  0.75.  The  lower  pressures  in  the  recompression  zone  result  in  an  increase  in  pressure  drag  at  0.95  Mach 
number.  The  effect  of  displacement  thickness  changes  by  boundary  layer  blowing  on  the  AGARD  25°  boattaii  is 
shown  on  Figures  25  and  26.  Although  the  flow  is  separated  just  downstream  of  the  boattaii  shoulder,  the  effect  of 
boundary  displacement  thickness  variations  is  still  evident.  For  the  natural  boundary  layer  condition  the  flow  re¬ 
compresses  more  than  the  blown  boundary  layer  case,  which  is  consistent  with  the  associated  changes  in  unit  Reynolds 
number.  The  two  different  boundary  layer  thicknesses  result  in  flow  separation  at  slightly  different  boattaii  locations 
with  a  resultant  diiference  of  the  pressure  level  in  the  region  of  separated  flow  A  summary  of  the  variation  of  the 
pressure  drag  with  Mach  number  for  the  natural  and  blown  boundary  layer  flow  conditions  is  give''  on  Figure  27 
which  indicates  tliat  ttieie  generally  is  an  increase  in  pressure  drag  for  tlie  tliiiiner  boundary  layei.  This  could  be  off¬ 
set  in  some  cases  by  reduced  friction  drag  associated  with  the  thinner  boundary  layer  but  in  most  cases  the  variation 
in  pufcuir  drag  vxlU  ftpodun  '  .Cu  sauU*  « In  «ti  it/nam.  k.  ilaig  <i  tlw  hozxtxd  wOh  Uw  thanikr 
layer. 

It  is  concluded,  in  the  case  of  the  RR  data,  that  the  variation  of  displacement  thickness  on  the  viscous-inviscid 
interaction  on  the  AGARD  boattails  is  similar  in  character  to  the  effect  of  a  variation  of  Reynolds  number  which  was 
observed  on  the  AEDC  “full  scale”  and  sub  scale  models.  For  a  wind  tunnel  which  cannot  vary  Reynolds  number, 
the  technique  of  varying  displacement  thickness  to  simulate  a  change  in  Reynolds  number  may  be  a  valuable  test 
to  investigate  nozzle  shapes  in  the  transonic  regime. 

ONERA  (France)  data 

Boundary  layer  displacement  thickness  was  also  varied  in  tests  conducted  in  the  ONERA  facility  on  the  15° 
boattaii  by  using  mass  injection  at  a  location  well  upstream  of  the  shoulder  of  the  boattaii.  In  addition  to  the  nati'.al 
boundary  layer,  the  boundary  layer  profile  was  varied  by  using  two  throat  heiglits  in  the  injection  channel.  These 
are  referred  to  on  the  figures  as  e  =  0.5  (millimeters)  and  e  =  1.5  (millimeters).  At  the  higher  injection  rates 
associated  with  e  =  1.5  there  is  a  greater  reduction  in  the  displacement  thickness.  Results  from  these  tests  in  which 
the  boundary  layer  had  recovered  to  a  typical  turbulent  boundary  layer  profile  at  the  measurement  station  just  up¬ 
stream  of  the  nozzle  shoulder  were  used  to  assess  the  effect  of  displacement  thickness  variation  on  nozzle  boattaii 
pressure  and  drag  coefficients.  Results  from  the  ONERA  test  at  0.8  Mach  number  of  the  15°  boattaii  are  shown  on 
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Figure  28.  Decreuing  displacement  thickness  by  mass  irtjection  produces  increased  expansion  at  the  shoulder  and 
increased  compression  on  the  aft  surface  of  the  boattail,  simiiar  to  the  results  observed  in  the  RR  test  of  the  blown 
versus  natural  boundary  layer.  This  results  in  a  slight  change  in  pressure  drag  with  the  decreased  boundary  layer 
thickness  (e  =  I.S) .  At  Mach  number  0.9  (Fig.29)  similar  trends  to  that  observed  with  increasing  Reynolds  number 
are  shown  with  the  reduced  displacement  thickness  associated  with  boundary  layer  ir\jection.  That  is,  at  M  =  0.9 
there  is  little  change  of  the  flow  on  the  boattail  in  the  aft  recompression  region,  but  an  increased  expansion  near 
the  shoulder  which  resultr;  in  an  increased  pressure  drag.  For  a  Mach  number  of  0.95  (Fig.30)  the  pressure  level  in 
the  recompression  region  decreases  when  the  displacement  thickness  decreases.  This  is  the  same  trend  observed  in 
the  AEDC  and  RR  data,  verifying  the  nature  of  the  viscous-inviscid  interaction.  A  summary  of  the  pressure  drag 
variation  with  Mach  number  for  the  ONERA  15°  boattail  at  various  displacement  thickness  conditions  is  shown  in 
Figure  31  and  in  general  shows  the  same  trends  observed  from  the  AEDC  and  RR  data. 

In  summary,  injecting  air  into  the  boundary  layer  ahead  of  the  boattail  shoulder  and  thus  decreasing  displacement 
thickness  is  very  similar  to  an  increase  in  unit  Reynolds  number.  The  general  trend,  subsonically,  for  the  1 0°  and  1 5° 
AGARD  boattails  is  greater  expansion  at  the  boattail  shoulder  and  greater  recompression  at  the  boattail  exit  for  the 
thinner  blown  boundary  layer.  The  25°  AGARD  contour  for  the  thinner  boundary  layer  cases  has  greater  flow  ex¬ 
pansion  over  the  boattail  shoulder  and  not  as  much  recompression  at  the  boattail  exit. 

NLR  (Netherlands)  data 

Another  method  of  varying  displacement  thickness  entering  the  boattail  region  is  to  change  the  length  of  the 
forebody.  This  procedure  was  used  at  NLR‘  in  the  Netherlands  to  assess  the  effect  of  different  external  conditions 
on  the  nozzle  boattail.  Two  lengths  of  forebody  were  investigated;  one  which  was  850  mm  in  letigth  and  the  other 
which  was  1 200  mm  in  length.  Boundary  layer  profile  measurements  were  obtained  only  at  jet  off  conditions  for  the 
NLR  tests.  Values  of  of  0.0124,  0.0136,  and  0.0143  were  determined  for  the  model  with  the  short  fore¬ 

body  at  Mach  numbeis  of  0.85,  0.90,  and  0.95  respectively.  With  the  long  forebody  installed  and  at  tiie  same  respec¬ 
tive  Mach  numbers,  the  values  of  were  0.0157,  0.0162,  and  0.0I7I.  For  a  turbulent  boundary  layer, -where 

the  displacement  thickness  varies  approximately  with  the  1/5  power  of  the  change  in  Reynolds  number,  this  change 
in  model  length  results  in  about  a  7%  calculated  change  in  displacement  thickness  upstream  of  the  boattail.  Data 
from  the  NLR  facility  on  the  15°  AGARD  boattail  shape  at  Mach  number  0.9  is  shown  in  Figure  32.  The  effect  of 
a  decreased  5*  just  upstream  of  the  shoulder  of  the  boattail  is  to  increase  the  expansion  near  the  shoulder,  but 
with  no  significant  change  on  the  pressure  in  the  recompression  region.  This  is  similar  to  trends  observed  at  0.9 
Mach  number  with  variations  in  unit  Reynolds  number  or  variations  in  displacement  thickness  due  to  injection.  The 
increased  expansion  near  the  shoulder  results  in  an  increased  pressure  drag  for  this  condition.  Data  shown  in  Figures 
33  and  34  for  Mach  numbers  of  0.855  and  0.%5  respectively,  indicato  that  there  is  some  influence  of  the  change  in 
displacement  thickness  on  the  pressure  distributions.  However,  the  variations  are  rather  small  and  this  is  reflected  in 
the  Sin  all  ch^.  <  ifl  thg  CCf.fftcicati  la  giiocitL  the  ttenda  sacio  tr  validate  the  dUAckr  of  the  viatxsit-uivi»;id 
interaction  at  these  Mach  number  which  has  been  observed  previously.  At  0.965  Mach  number,  the  primary  effect  of 
the  decreased  displacement  thickness  (short  fuselage)  is  to  decrease  the  pressure  in  the  recompression  region.  A 
summary  of  the  pressure  drag  variation  versus  Mach  number  for  the  long  and  the  short  forebody  is  show  in  Figure 
35  and  indicates  a  slight  increase  in  pressure  drag  with  the  thinner  displacement  thickness  of  the  short  forebody. 


4.  ANALYSIS  OF  THE  VISCOUS-INVISCID  INTERACTION 

The  experimental  data  obtained  under  this  AGARD  investigation  indicates  that  changing  Reynolds  number  and/ 
or  displacement  thickness  alters  the  viscous-inviscid  interaction  of  the  flow  over  the  nozzle  boattail.  Trends  with 
Reynolds  number  may  be  discerned,  but  cannot  be  expected  to  hold  for  other  model  geometries  or  other  upstream 
boundary  layer  conditions.  There  seems  to  be  a  rather  unique  quality  to  the  interaction  between  the  boundary  layer 
and  the  inviscid  flow  which  must  be  considered  for  a  given  model  or  nozzle  shape.  The  primary  benefit  of  examining 
variations  with  Reynolds  number  from  the  experimental  data  is  to  gain  a.i  understanding  of  the  interaction  between 
the  boundary  layer  and  the  inviscid  flow  to  guide  development  of  analysis  procedures  that  can  be  used  to  predict  the 
viscous-inviscid  interaction  at  higher  Reynolds  numbers. 

This  section  briefly  describes  an  analytical  procedure  which  has  been  used  to  help  validate  the  trends  observed 
in  the  experimental  data  and  to  provide  additional  insight  into  the  nature  of  this  rather  complex  interaction.  Although 
this  method  compares  favorably  with  the  trends  observed  from  the  AGARD  model  data,  there  is  a  need  for  improved 
analytical  procedures,  particularly  if  shock  waves  are  present  on  the  external  surface  of  the  boattail. 

Bower'  has  developed  a  “viscous-inviscid  strong  interaction  theory”  which  is  capable  of  predicting  the  pressure 
distribution  over  axisymmetric  bodies  in  transonic  flow  with  a  supersonic  exhaust  plume.  The  procedure  is  unique 
in  that  it  can  successfully  handle  a  region  of  separated  flow.  The  separated  flow  regions  are  analyzed  through  a  two 
layer  integral  technique  similar  to  reference  1 1,  but  modified  for  turbulent  compressible  boundary  layers.  The 
analysis  as  applied  to  exhaust  nozzles  assumes  the  total  flow  field  is  composed  of  three  component  flow  fields,  namely 
the  outer  inviscid  flow,  the  inner  viscous  flow,  and  the  supersonic  exhaust  plume.  The  shape  of  the  exhaust  plume  is 
computed  by  the  Method  of  Characterist'^s,  with  the  inviscid  flow  Held  calculated  as  in  reference  10. 
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The  pressure  distribution  over  the  body  is  calculated  by  interating  on  the  boundary  layer  displacement  thickness 
until  an  eiTective  body  contour  is  determined  which  produces  the  same  pressure  distribution  from  both  the  inviscid 
flow  procedure  and  an  inverse  boundary  layer  procedure.  Figure  36  shows  that  when  a  conventional,  weak  interaction 
theory  is  used,  which  combines  a  standard  integral  boundary  layer  analysis  with  an  inviscid  procedure  such  as  that 
of  reference  10,  the  boundary  layer  displacement  thickness  diverges  on  the  first  iteration,  making  further  analysis 
impossible.  This  situation  occurs  because  separation  is  predicted  based  on  the  initial  inviscid  pressure  distribution. 

This  pressure  distribution  is  never  felt  by  the  flow  as  it  goes  over  the  boattail.  The  strong-interaction  theory  gives 
results  typically  as  shown  on  Figure  36  which  shows  a  boundary  layer  thickening  near  the  boattail  exit  and  its  effect 
on  the  converged  pressure  distribution. 

Figures  37  to  39  compare  the  strong  interaction  theory  with  experimental  data  from  AEDC  tests  of  the  “full 
scale”  10°  and  15°  AGARD  boattail  configurations  at  0.8  Mach  number.  The  theory  predicts  the  essential  character 
of  the  viscous-inviscid  interaction  discussed  in  Section  3.0  and  compares  very  favorably  with  the  actual  level  of  Cp  , 
particularly  for  the  10°  boattail.  For  the  15°  boattail,  the  theory  predicts  somewhat  higher  Cp  values  in  the  aft 
recompression  region  of  the  boattail,  which  may  be  related  to  nozzle  plume  effects.  Comparing  Figures  38  and  39, 
the  theory  predicts  an  alteration  of  the  viscous-inviscid  flow  ’  iteraction  for  the  two  different  Reynolds  numbers. 

There  is  better  agreement  between  theory  and  data  at  unit  Reynolds  number  of  1.0  x  10°  per  foot. 

The  theoretical  prediction  of  Reynolds  number  effect  on  pressure  distribution  for  the  1 5°  boattail  is  shown  on 
Figures  40  (M  =  0.9)  and  41  (M  =  0.8)  .  Figure  40  shows  that,  as  Reynolds  number  is  increased,  there  is  increased 
expansion  near  the  shoulder  with  a  decreased  5*  .  This  is  the  same  trend  shown  by  the  experimental  data,  except 
that  experimentally  this  behaviour  occurred  at  0.8  Mach  number.  Similar  results  are  shown  on  Figure  41  except 
that  the  interaction  in  the  expansion  region  near  the  shoulder  does  not  change  substantially  with  increased  Reynolds 
number.  The  theory  is  definitely  showing  that  there  is  an  interaction  between  the  boundary  layer  and  the  inviscid  flow 
and  that  as  Reynolds  number  increases,  6*  is  reduced  as  expected,  but  also  changes  in  the  slope  d6*/dx  occur  at 
critical  points  on  the  model  which  influence  the  pressure  distribution. 

The  application  of  the  strong  interaction  theory  to  the  ACARU  contours  was  made  with  no  modifications  of 
the  parameters  in  the  integral  boundary  layer  technique.  Further  refinement  of  the  analysis  could  yield  improved 
results  for  the  15°  boattail. 


5.  SUMMARY  AND  CONCLUSIONS 

Data  obtained  in  support  of  the  AGARD  research  program  on  “Improved  Nozzle  Testing  Techniques  in  Transonic 
Row”  has  provided  valuable  information  concerning  exhaust  nozzle  boattail  performance.  In  particular,  the  Reynolds 
number  variations  from  tests  at  AEDC  at  AEDC  and  the  boundary  layer  variations  from  test  data  obtained  at  RR, 
ONERA,  and  NLR  have  yielded  similar  nozzle  boattail  performance  trends  as  the  displacement  thickness  of  the 
boundary  layer  approaching  the  nozzle  boattail  shoulder  was  changed.  In  general,  the  experimental  data  indicates 
the  following  trends  for  the  AGARD  10°  and  15°  contours: 

(a)  At  a  Mach  number  of  0.8,  increasing  Reynolds  number  or  decreasing  5*  increases  the  expansion  at  the 
boattail  shouldei  and  the  recompression  at  the  boattail  exit.  These  effects  tend  to  be  compensating  and 
the  pressure  drag  increases  only  slightly. 

(b)  At  0.9  Mach  number,  increasing  Reynolds  number  or  decreasing  5*  produces  only  small  changes  in  the 
recompression  region  but  increases  the  expansion  near  the  boattail  shoulder.  These  combined  effects 
yield  an  increased  pressure  drag. 

(c)  Inc'asing  the  Reynolds  number  or  decreasing  6*  at  a  Mach  number  of  0.95  alters  the  flow  such  that 
expansion  is  greater  and  recompression  is  less  resulting  again  in  a  higher  nozzle  pressure  drag. 

For  the  25°  boattail  contour,  the  data  indicates  that  the  flow  on  the  surface  is  separated  just  downstream  of 
the  s.houider.  There  is  evidence  of  a  shock  associated  with  this  separation,  and  changing  the  Reynolds  number  in- 
fluenc.^  this  viscous-inviscid  interaction.  The  point  at  which  flow  separation  occurs  does  not  appear  to  change 
signiflci  ntly  as  Reynolds  numbe;  is  changed  although  there  is  some  variation  on  the  level  of  pressure  in  the  separated 
zone. 


Analytical  procedures  using  “viscous-inviscid  strong  interaction”  techniques  were  applied  which  verified  the 
trends  in  the  experimental  pressure  data  and  yield  comparable  results  to  the  experiments  for  boattails  without  ex¬ 
tensive  flow  separation.  Further  efforts  are  required  to  refine  the  analytical  procedures  and  extend  them  to  cases 
with  strong  shock-boundary  layer  interactions. 

From  the  data  and  analysis  presented  in  this  paper,  it  is  clear  that  the  effect  of  Reynolds  number  or  boundary 
layer  displacement  thickness  variations  on  the  transonic  flow  over  a  given  nozzle  shape  must  be  addressed  in  terms 
of  a  lather  complicated  interaction  of  the  viscous  and  inviscid  flow,  which  may  under  certain  conditions  include  the 
presence  of  shock  waves.  Changing  Reynolds  number  or  5*  alters  the  basic  interaction  between  the  viscous  and 
in-viscid  flow  which  under  certain  conditions  may  result  in  an  increase  in  drag,  while  at  other  conditions  it  may  result 
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in  a  decrease  in  drag.  Some  of  the  data  (e.g.  AEDC  subscaie)  indicates  that  other  factors,  such  as  model  mounting 
techniques,  tunnel  wall  and  blockage  effects,  might  also  influence  the  magnitude  of  the  pressure  data  and  the  absolute 
value  of  the  drag  coefficients. 
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APPENDIX 

DERIVATION  OF  PRESSURE  DRAG  FORMULAS 


The  pressure  drag  (Dp)  of  a  nozzle  boattail  is  the  net  force  due  to  a  local  free-stream  pressure  difference 
(Pl  ~  Pm)  that  acts  on  the  total  projected  area.  The  total  projected  area  (Ap)  is  simply  the  change  in  cross- 
sectional  area  of  the  boattail  length,  hence; 


Dp  =  -  f  (Pl  -  P«)dAL  =  -  f  (Pl  -  P-)dAL  dX 
^  •'  T=0  d)f 


where  T  =  —  and  the  subscript  L  denotes  locai  conditions  on  the  boattail.  The  pressure  difference  is  related 
*^MAX 

to  the  pressure  coefficient,  i.e. 

“  (Pl  ~  Pm)  /  ^M 
thus  the  pressure  drag  can  be  expressed  in  terms  of  Cp^ 

-  -  C-o 

The  pressure  drag  coefficient  is  defined  as; 


qM  A  Ref 

which  in  terms  of  Cpj^  becomes 

Co.  =  -  /  *  Cp.  d(AL/ARef)dX  where  ArcF  =  ^^D^ax) 

^  •'■X=0  4 

The  local  projected  a.ea  (non-dimensionalized  by  reference  area)  associated  with  the  local  pressure  coefficient  can  be 
defined  as: 


Apl 


d(  At/ARef) 
dX 


and  teh  local  pressure  drag  coefficient  associated  with  this  locai  projected  area  is  then  defined  as: 

d(AL/AR.f) 

<^PPl  -  Apl  -  Cpj^  - — - 


These  are  the  parameters  shown  in  Figures  3  and  4.  The  total  pressure  drag  coefficient  then  becomes: 


C, 


Dp 


r  “ 

=  ~  I  <-Dp 

■'x=o  P 


dT 
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Likewise  the  total  projected  area  (non-dimeniionalized  by  reference  area)  ia  given  by: 
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Fig.4  Relative  areas  of  thrust  and  drag  for  AGARD  contours 
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Fig.  7  Reynolds  No.  variation,  AEDC  15°  boattail. 
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Fig.8  Reynolds  No.  variation,  AEDC  10°  boattail,  M  =  .9 


1-F 


SVM  »T 


o 

a 


lo! 


.10 

.10 


NPR 

XO 

XO 

XO 


Fig.  1 1  Pressure  drag  summary  with  Reynolds  No. 
AEDC  10°,  15°,  25’  boattails  M  =  .8 


Fig.  1 2  Pressure  drag  summary  with  Reynolds  No. 
AEDC  10’,  15’,  25’  boattails,  M  =  .9 
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Fig.  16  Pressure  distribution  comparison,  AEDC  full  scale  and  subscale  IS  boattail,  M 
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Fig.  1 7(a)  Reynolds  No.  variation,  AEDC  15“  subscale  boattail,  M  =  .vs 
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Fig.  1 7(b)  Reynolds  No.  variation,  CFF  1 5“  subscale  boattail,  M  =  .95 
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Fig.  19  Reynolds  No.  variation  AEEIC  and  ARL  15' 
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Fig.20  Reynolds  No.  variation  ARL  10°  boattail, 
M  =  .8 


Fig.22  Displacement  thickness  variation  RR  15 
boattail,  M  =  .8 
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Fig.21  Reynolds  No.  variation  ARL  25®  boattail, 
M  =  .8 
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Fig.23  Displacement  thickness  variation  RR  1 5 
boattail,  M  =  .91 
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Fig.24  Displacement  thickness  variation  RR  15° 
boattail,  M  =  .95 


Fig.26  Displacement  thickness  variation  RR  25 
boattail,  M  =  .93 


0.7$  0.8  0.8$  ao  ao! 

Wm 


Fig.27  Pressure  drag  summary  RR  10  ,  15  ,  25 
boattail 
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Fig.25  Displacement  thickness  variation  RR  25' 
boattail,  M  =  .8 
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Fig.28  Displacement  thickness  variation  ONERA  15“ 
boattail,  M  =  .8 
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Fig.30  Displacement  thickness  variation  ONERA  15® 
boattail,  M  =  .95 
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Fig.29  Displacement  thickness  variation  ONERA  1 5 
boattail,  M  =  .9 


$YM  IT  M.  NPR 
O  b*  NATURAL  3.5 

0  15®  BLOWN,  l•.5  3.5 

A  15®  BLaVN,  l•L5  5.0 


.10  .15  .W  .« 

Ml 


Fig.31  Pressure  drag  summary  ONERA  15®  boattail 
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Fig.32  Displacement  thickness  variation  NLR  15° 
boattail,  M  =  .9 


Fig.33  Displacement  thickness  variation  NLR  IS* 
boattail,  M  =  .855 
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Fig.36  Comparison  of  theoretical  pressure  distributions 
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Fig.37  Comparison  of  measured  and  analytical  pressure  distributions 
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Fig.38  Comparison  of  measured  and  analytical  pressure  distributions 


Fig.39  Comparison  of  measured  and  analytical  pressure  distributions 
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Fig.40  Reynolds  No.  variation,  M  =  0.9 
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DESCRIPTION  OF  THE  AGARD  NOZZLE  AFTERBODY  EXPERIMENTS  CONDUCTED 
BY  THE  ARNOLD  ENGINEERING  DEVELOPMENT  CENTER 

by 

L.L.Gatigher,  F.M.Jackson  and  C.E.Robinson 
AEDC,  Tennessee,  USA 


INTRODUCTION 

A  comprehensive  test  program  was  conducted  at  the  Propulsion  Wind  Tunnel  Facility  of  the  Arnold  Engineering 
Center  (AEDC),  Arnold  Air  Force  Station,  Tennessee,  USA,  and  Lockheed  Georgia  Compre&>ible  Flow  Facility, 
Marietta,  Georgia,  USA,  in  partial  support  of  the  AGARD  research  project  on  “Improved  Nozzle  Testing  Techniques 
in  Transonic  Flow".  Program  emphasis  was  directed  toward  evaluation  of  Reynolds  number  and  exhaust  plume 
temperature  effects  on  nozzle  afterbody  pressure  drag.  Reynolds  number  effects  were  obtained  by  varying  both 
model  scale  and  wind  tunnel  pressure  level.  At  AEDC,  Ethylene®/air  combustor,  installed  in  the  nozzle  flow  tube, 
was  used  to  provide  hot  exhaust  products  which  very  closely  duplicate  the  exhaust  products  of  JP-4  burned  in  air. 
Ignition  was  accomplished  by  injecting  a  small  quantity  of  tri-ethyl  borane  (a  pyrophoric  fuel)  into  the  combustor 
flameholder.  Nozzle  afterbody  pressure  drag,  determined  from  pressure  integration,  was  obtained  at  freestream  Mach 
numbers  o**  0.6,  0.8,  0.9,  0.95,  l.l,  and  l.S.  Reynolds  number  (based  on  model  length)  and  nozzle  total  pressure- 
to-free-stream  static  pressure  ratio  was  varied  from  2  x  I0‘  to  62  x  10‘  and  from  jet-off  to  a  maximum  of  22, 
respectively,  depending  upon  the  free-stream  Mach  number.  Fuel/air  ratio  was  varied  from  0  to  0.05,  which  corres¬ 
ponds  to  an  exhaust  plume  total  temperature  range  from  SOb’K  to  approximately  I889°K.  Model  angle  of  attack 
was  zero  degrees  at  all  test  conditions. 

To  evaluate  the  effect  of  test  section  wall  porosity  on  the  performance  of  transonic  wind  tunnels  the  walls  were 
modified  for  wall  porosities  of  2  and  4  percent  in  addition  to  the  normal  6  percent,  through  the  Mach  number  range 
from  0.6  to  0.95. 


TEST  FACILITY  -  AEDC  16T  PWT 
General  Description 

The  PWT  16  Ft  Transonic  Wind  Tunnel  is  a  continuous-flow  closed  circuit  tunnel  which  can  be  operated  at 
Mach  numbers  from  0.2  to  1.6.  The  tunnel  has  a  test  section  40  ft  (12.19  m)  long  and  16  ft  (4.88  m)  ;iquare  with 
6  percent  porosity  walls.  The  test  section  side  wails  can  be  either  converged  or  diverged  1°.  The  general  arrangement 
of  the  test  section  and  the  perforated  wall  geometry  is  shown  in  Figure  I . 

Tunnel  I6T  is  a  variable  density  tunnel  which  is  operated  within  a  stagnation  pressure  range  of  120  psfa  to  a 
maximum  of  4000  psfa  (5.75  x  10’  Newton/m’  to  1.92  x  10’  Newton/m’),  depending  upon  the  Mach  number.  The 
stagnation  temperature  can  be  varied  from  a  minimum  of  about  27°C,  dependent  upon  available  cooling  water  tempera¬ 
ture,  to  a  maximum  of  72°C. 

The  Tunnel  I6T  main  compressor  is  a  constant  speed,  three  stage,  axial  flow  compressor  with  variable  stator 
blades.  The  compressor  drive  system  consists  of  four  motors  with  a  power  rating  of  1.61  x  10*  watts. 

Supersonic  Maclt  numbers  are  generated  by  a  flexible,  two-dimensional  Laval  nozzle.  Test  section  flow  removal 
is  required  to  prerent  tunnel  choking  in  the  transonic  range.  Although  the  tunnel  is  equipped  with  diffuser  flaps,  an 
auxiliary  compressor  system  (PES)  is  utilized  for  necessary  plenum  suction.  The  PES  consists  of  ten  compressors 
which  are  driven  by  motors  with  a  total  power  rating  of  1.34  x  10*  watts.  The  PES  is  also  utilized  for  tunnel 
pressure  level  control.  Additional  details  with  regard  to  Tunnel  I6T  and  its  capabilities  are  presented  in  Reference  I. 

Tunnel  Operating  Procedures 

Various  Mach  numbers  in  Tunnel  I6T  are  established  by  regulation  of  compressor  speed,  pressure  ratio,  nozzle 
contour,  and  the  plenum  pressure.  Mach  numbers  below  0.55  are  obtained  by  operating  the  compressor  drive  motors 
subsynchronously.  Auxiliary  flow  removal  is  utilized  at  Mach  numbers  above  0.75  and  supersonic  nozzle  contours 
are  utilized  at  M  >  1 .05  . 
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During  conduct  of  tests,  the  stagnation  pressure  and  temperature  can  be  held  within  ±  S  psf 
(±  2.39  X  10’  Newton/m’)  and  11°  F,  respectively.  The  Mach  number  is  determined  from  previous  tunnel  calibrations 
as  a  function  of  test  section  wall  angle  and  measured  plenum  and  stagnation  pressures.  The  Mach  number  is  normally 
controlled  within  1 0.002. 

Tunnel  Calibration 

The  calibration  of  the  I6T  Tunnel  is  based  on  the  measured  pressure  differential  across  the  test  section  walls  at 
various  operating  conditions.  As  a  matter  of  procedure,  a  plenum  chamber  Mach  number  equivalent  is  defined  based 
on  plenum  chamber  and  stagnation  pressure  environments.  The  calibration  can  therefore  be  expressed  as  a  function 
of  the  difference  between  the  free  stream  and  plenum  chamber  Mach  numbers.  These  data,  for  all  possible  tunnel 
operating  conditions,  are  incorporated  into  the  on-line  data  reduction  routine  for  each  test  program.  During  testing, 
the  plenum  chamber  Mach  number  is  determined  from  current  measurements  and  is  used  to  compute  the  free-stream 
Mach  number.  Both  centerline  and  wall  static  pressure  distributions  have  been  obtained  during  tunnel  calibrations. 
Comparisons  of  such  data  show  good  agreement,  such  that  with  proper  procedures  either  may  be  utilized  to  define 
the  tunnel  calibration. 

For  the  special  tunnel  calibration  conducted  in  support  of  the  AGARD  study,  a  6.S-in  (16.51  cm)  diameter 
static  pressure  pipe  was  used  to  obtain  the  centerline  Mach  number  distributions  from  tunnel  station  —  S.8  ft  to 
48.2  ft  (—1.77  meters  to  14.69  meters).  The  pipe  included  a  total  of  75  static  orifices.  The  calibration  installation 
is  illustrated  in  Figure  I. 

During  the  calibration,  centerline  Mach  number  distributions  were  obtained  for  wall  porosities  of  2,  4,  and  6 
percent  at  Mach  numbers  from  0.5  to  1.6.  Corks  were  utilized  to  modify  the  wall  porosity  from  the  normal  6-percent 
configuration.  The  effects  of  Mach  number,  porosity,  test  section  pressure  ratio,  and  test  section  wall  angle  upon  the 
centerline  Mach  number  distributions  were  determined  at  a  stagnation  pressure  of  1600  psfa  (7.66  x  10°  Newton/m’). 
Limited  data  were  ilso  obtained  to  indicate  the  effects  of  Reynolds  number  on  the  tunnel  calibration. 

Although  the  tunnel  was  calibrated  at  various  porosities,  all  of  the  AGARD  nozzle  afterbody  testing  at  AEDC 
was  conducted  with  a  porosity  of  6.0  percent.  Typical  Tunnel  I6T  calibration  data  at  porosity  of  6.0  percent  are 
presented  in  References  2  and  3.  It  is  noted  that  the  centerline  Mach  number  distributions  obtained  during  the 
special  calibration  at  a  porosity  of  6.0  percent  compared  well  with  those  obtained  during  previous  calibrations. 
Variation  of  test  variables,  including  porosity,  had  no  signifleant  effect  upon  the  distributions  for  the  test  regime 
over  which  the  AGARD  models  were  tested. 

With  regard  to  the  tunnel  Mach  number  calibration,  the  special  calibration  data  at  1600  psfa 
(7.66  X  10°  Newton/m’)  and  a  zero  test  section  wall  angle  agreed  within  ±0.001  witii  the  Reference  2  calibration. 

The  tunnel  calibration  data  (at  M  =  0.6  and  0.8)  indicates  that  the  free-stream  Mach  number  increases  slightly  with 
increasing  Reynolds  number.  For  the  range  of  Reynolds  numbers  covered  during  the  AGARD  nozzle  afterbody  test 
program,  the  special  calibration  agrees  with  Reference  2  Mach  numbers  within  ±0.0025.  Because  this  agreement 
was  within  the  data  precision  and  repeatability  and  since  only  limited  calibration  data  at  various  Reynolds  numbers 
was  available,  the  Reference  2  calibration  was  used  to  conduct  the  AGARD  tests. 

Following  the  conduct  of  the  AGARD  tests,  analysis  of  the  data  revealed  that  some  trends  in  model  afterbody 
drag  with  Reynolds  number  could  possibly  be  attributed  to  the  tunnel  calibration.  The  errors  attributed  to  use  of 
the  Reference  2  calibration  and  neglecting  the  effects  of  Reynolds  number  on  M«,,  Poo  ,  and  Q«  were  less  than 
0.4,  0.2,  and  0.6  percent,  respectively.  These  small  errors  are  about  the  same  order  of  magnitude  as  errors  associated 
with  instrumentation  precision.  For  most  test  programs  in  the  AEDC/PWT  wind  tunnels,  such  errors  are  not  signifi¬ 
cant.  However,  for  testing  of  bodies  such  as  those  used  in  the  AGARD  program,  the  error  in  static  pressure  can 
induce  an  error  in  afterbody  drag  as  high  as  1 5  percent  at  the  highest  Reynolds  number.  As  a  consequence  of  these 
results,  an  additional  Tunnel  1 6T  calibration  was  conducted  with  Reynolds  number  as  a  primary  variable.  Results 
of  this  calibration  are  presently  being  applied  to  data  obtained  from  prior  tests  to  determine  if  there  are  any  changes 
in  the  nozzle  drag  trends  with  Reynolds  number. 


TEST  FACILITY  -  LOCKHEED  GEORGIA  COMPRESSIBLE  FLOW  FACILITY 

The  Compressible  Flow  Facility  (CFF)  is  a  blowdown  transonic  wind  tunnel  with  a  test  section  that  has  a  20  in 
(50.8  cm)  X  28  in  (71.12  cm)  cross-section  and  is  72  in  (182.88  cm)  long.  The  facility  is  capable  of  unit  Reynolds 
numbers  from  6  to  50  x  10*  Re/Ft  (19.7  to  164.0  x  10*  Re/M).  The  perforated  walls,  with  60  degree  inclined  holes, 
can  be  varied  from  0  to  10  percent  porosity.  Flow  from  the  13,000  cubic  foot  (368.12  m’)  storage  vessels  passes 
through  a  contraction/nozzle  to  accelerate  :he  flow  approaching  the  test  section.  Both  the  rectangular  test  section 
and  the  diffuser  flap  are  enclosed  in  the  plenum  chamber.  A  variable  diffuser  with  a  re-entry  flap  section  and  an 
adjustable  second  throat  provides  Mach  number  control  in  the  subsonic  and  transonic  speed  ranges.  A  fixed  diffuser 
directs  the  flow  from  the  variable  diffuser  to  the  exhaust  stack. 
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Figure  2  shows  the  model  installed  in  the  CFF.  A  deKription  of  the  model  Is  included  in  the  next  section. 

Test  section  Mach  number  was  set  by  meuuring  wall  static  pressures  upstream  of  the  model  using  a  tunnel  empty 
calibration.  The  tunnel  stagnation  and  test  section  wall  static  pressures  were  measured  with  transducers  with  an 
accuracy  of  O.OS  percent.  The  scanivalves  used  to  measure  external  model  pressures  had  an  accuracy  of  0.2S  percent. 


AGARD  TEST  PROGRAM  -  AEDC 
Test  Article  Description 

An  existing  axisymmetric  pod  model  was  modified  to  satisfy  requirements  for  both  cold  and  hot  exhaust  testing 
with  the  three  AGARD  external  afterbody  configurations  with  boattail  angles  of  10,  IS,  and  2S  degrees.  The  model 
had  a  length  of  12.25  ft  (374  cm)  a  maximum  diameter  of  9.86  in  (25.04  cm)  and  a  14  degree  half-angle  conical 
nose.  A  boundary-layer  trip  consisting  of  O.OSS  in  (0.14  cm)  diameter  steel  spheres  spot-welded  to  a  trip  ring  at  a 
circumferential  spacing  of  four  sphere  diameters  was  located  l-ft  (30.48  cm)  aft  of  the  cone  vortex.  The  model  was 
mounted  on  a  tapered  strut  with  an  average  aft  sweep  angle  of  35  degrees.  The  strut  thickness-to-chord  ratio  varied 
from  0.053  at  the  model  to  0.088  at  the  tunnel  floor.  The  maximum  cross-sectional  area  of  the  model/strut  anange- 
ment  was  equivalent  to  0.88  percent  of  the  wind  tunnel  test  section  cross-sectional  area.  A  sketch  of  the  model  is 
presented  in  Figure  3. 

High  pressure  air  was  used  to  simulate  the  nozzle  exhaust  for  the  cold-flow  portion  of  testing.  For  the  hot-flow 
portion  of  testing,  high  pressure  air  was  used  as  an  oxidizer  for  the  combustion  of  Ethylene®.  Water  cooling  require¬ 
ments  for  the  hot-flow  nozzle  and  combustor  liner  resulted  in  decreasing  the  nozzle  exit  diameter  from  3.982 
(10.1 1  cm)  to  3.228  in  (8.2  cm).  Therefore,  the  nozzle  base  area  was  equivalent  to  6.52  percent  of  the  model  maxi¬ 
mum  cross-sectional  area  for  the  hot-flow  nozzle  as  compared  to  0.93  percent  for  the  cold-flow  nozzle.  Both  nozzle 
configurations  were  convergent  nozzles.  All  nozzles  had  approximately  102  static  pressure  orifices  mounted  on  their 
external  surface. 

A  0. 1 5 1 4  sub-scale  model  of  the  existing,  large-scale,  cold-flow  model  with  the  1 5  degree  boattail  configuration 
was  fabricated  to  investigate  the  effects  on  aftbody  drag  caused  by  tunnel  wall  porosity  variations  and  by  varying 
unit  Reynolds  number.  The  sub-scale  model  support  strut  was  also  a  scale  model  of  the  large-scale  support  stiut. 
Primary  instrumentation  consisted  of  21  surface-mounted  static  pressure  orifices  which  were  installed  on  the  nozzle 
boattail  to  provide  a  more  precise  pressure-integrated  drag  value.  The  sub-scale  model  was  tested  in  the  AEDC  1 6T 
tunnel  and  the  Lockheed  Georgia  CFF. 

Experimental  Procedure  and  Sample  Results  -  AEDC 

The  data  acquisition  procedure  consisted  of  (I)  setting  desired  free-stream  Mach  number  based  on  tunnel  calibra¬ 
tions  and  Reynolds  number,  (2)  varying  nozzle  total  pressure-to-free-stream  static  pressure  ratio  (NPR)  from  jet-off 
to  a  maximum  of  22,  depending  on  the  Mach  number,  and  (3)  setting,  if  required,  a  desired  fuel/air  ratio.  Nozzle 
pressure  ratio  surveys  for  the  hot  flow  model  were  conducted  primarily  at  constant  fuel/air  ratios  of  0,  0.015,  0.025, 
and  0.040;  which  correspond  to  nozzle  exhaust  total  temperatures  of  approximately  550°  R,  1550°R,  2150°R,  and 
2900°  R.  respectively.  Two  data  reduction  techniques  were  employed  to  calculate  nozzle  boattail  pressure-integrated 
drag;  one  was  based  on  all  of  the  boattail  surface  pressure  measurements  and  the  other  based  on  individual  rows  of 
pressure  measuvements  along  the  nozzle  boattail. 

Results  are  presented  in  the  form  of  (1)  pressure  coefficient  as  a  function  of  model  station,  and  (2)  nozzle 
boattail  pressure  drag  coefficient  as  a  function  of  nozzle  total  pressure-to-free-stream  static  pressure  ratio.  Drag 
coefficient  was  normalized  with  free-stream  dynamic  pressure  and  maximum  cross-sectional  area  based  on  a  model 
diameter  of  9.80  in  (25.04  cm).  Sample  data  results  are  presented  in  Figures  4  and  5,  and  more  thoroughly  discussed 
elsewhere  in  this  report. 
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CONTRIBUTION  OF  THE  NATIONAL  AERONAUTICS  AND  SPACE 
ADMINISTRATION  LANGLEY  RESEARCH  CENTER 

by 

William  B.Compton,  III  and  Jack  F.Runckel 
Langley  Research  Center.  Hampton,  Va.,  USA 


1.  INTRODUCTION 

A  spei  ial  international  effort  has  been  organized  by  the  Propulsion  and  Energetics  Panel  of  AGARD  to  improve 
nozzle  testing  techniques  in  transonic  flow.  The  program  is  designed  to  demonstrate  the  influence  of  the  experimental 
apparatus  on  tett  results,  and  to  determine  the  importance  of  the  parameters  to  be  simulated.  As  a  result  of  the 
effort,  three  noz.'les  were  designed  and  tested  on  single  nacelle  models  in  wind  tunnels  of  several  nations  belonging 
to  the  North  Atlantic  Treaty  Organization. 

As  part  of  the  contribution  of  the  United  States  of  America  to  the  program,  all  three  of  these  nozzles  were 
investigated  in  the  Langley  16-foot  transonic  wind  tunnel  at  the  National  Aeronautics  and  Space  Administration's 
Langley  Research  Center.  Langley  Research  Center  also  contributed  theoretical  calculations  of  the  jet  plume  boundary 
and  afterbody  pressures.  The  calculations  were  obtained  using  an  iterative  solution  which  combined  the  inviscid 
Douglas  Neumann  method'  for  the  external  flow  with  the  method  of  characteristi.;s  for  the  flow  in  the  jet  plume. 

For  the  investigation,  the  nozzles  were  mounted  on  a  single  nacelle  model  15.24  centimeters  in  diameter  and  162.56 
centimeters  long.  Tests  were  made  at  free  stream  Mach  number  from  0,4  to  1.2,  and  at  Reynolds  niimhers  per  meter 
from  7.38  million  to  13.78  million  depending  on  the  Mach  number.  Four  types  of  data  were  recorded:  afterbody 
pressure  di  ta,  afterbody  force  data,  model  boundary  layer  data,  and  tunnel  wall  pressure  data.  The  ratio  of  jet  total 
pressure  to  free  stream  static  pressure  ranged  up  to  8.5.  A  brief  description  of  the  wind  tunnel,  model,  and  test 
procedure  follows. 


2.  WIND  TUNNEL 

The  Langley  16-foot  transonic  tunnel  is  a  single-return  atmospheric  wind  tunnel  with  a  slotted  transonic  test 
section.  The  Mach  number  is  continuously  variable  from  0.20  to  1.30.  An  exterior  view  of  the  facility  is  shown 
in  Figure  1  and  a  schematic  diagram  in  Figure  2. 

The  test  section,  -shich  extends  from  tunnel  station  39.77  meters  to  station  41.76  meters  is  an  octagonal  cylinder 
vented  to  a  surroundii  .g  plenum  through  slots  at  the  corners  of  the  octagon.  Air  is  removed  from  the  plenum  by  an 
exhauster  to  obtain  Mach  numbers  of  1.05  or  greater.  The  slots  at  liie  corners  of  the  test  section  walls  are  shaped 
for  a  minimum  axial  gradient  of  Mach  number  in  the  test  section.  The  test  section  walls  are  diverged  up  to  0°  45' 
to  further  minimize  the  axial  Mach  number  and  pressure  gradient.  The  predetermined  wall  divergence  setting  is  a 
function  of  Mach  number  and  dew  point. 

Extensive  calibrations  of  the  test  section  have  been  made  using  a  center  line  probe  and  wall  flat  pressure  measure¬ 
ments.  At  the  worst  conditions,  the  average  test  section  axial  Mach  number  gradient  is  less  than  ±0.0016  per  meter. 
This  gives  an  axial  pressure  gradient  normalized  by  the  free-stream  total  pressure  of  0.0010  per  meter.  There  is 
generally  very  good  agreement  between  the  center  line  and  wall  Mach  number  distributions  except  where  the  curva¬ 
ture  of  the  wall  between  the  test  section  and  diffuser  causes  the  local  Mach  number  on  the  wall  to  exceed  the  center 
line  Mach  number.  Measurements  have  been  made  of  the  length  of  run  of  laminar  flow  on  a  highly  polished  10° 
cone.  These  measurements  (see  Reference  2)  indicate  that  longer  runs  of  laminar  flow  were  obtained  in  the  Langley 
16-foot  transonic  tunnel  than  in  the  other  wind  tunnels  investigated.  A  long  run  of  laminar  flow  indicate^  a  low 
level  of  airstream  turbulence. 

The  basic  wind  tunnel  reference  measurements  are  airstream  stagnation  pressure  and  temperature,  and  plenum 
static  pressure.  Test  section  airstream  Mach  number  is  a  calibrated  function  of  airstream  stagnation  pressure  and 
plenum  static  pressure.  The  absolute  error  of  the  calibration  is  believed  to  be  no  more  than  AMoo  =  ±  0.005  .  For 
more  information  on  the  tunnel,  see  Reference  3  which  presents  a  detailed  description  of  the  tunnel,  the  tunnel 
calibration,  and  the  tunnel  equipment. 
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3.  MODEL 

The  three  AGARD  nozzles  were  tested  on  a  single  nacelle  model  with  an  ogive  nose.  The  model  was  15.24 
centimeters  in  diameter  and  162.56  centimeters  long  with  the  nozzles  installed.  The  model  was  supported  from  the 
nose  by  a  sting-strut  arrangement  which  positioned  the  center  line  of  the  model  on  the  center  line  of  the  tunnel.  A 
photograph  of  the  model  installed  in  tiie  tunnel  is  presented  in  Figure  3.  Figure  4  shows  a  detailed  sketch  of  the 
model  and  support  system.  The  double  cross-hatched  portion  of  the  model  aft  of  the  metric  break  at  station  67.31 
is  supported  by  the  strain  gage  balance. 

Room  temperature  air,  which  was  used  for  the  jet  exhaust,  is  introduced  into  the  metric  portion  of  the  model 
through  eight  sonic  nozzles  equally  spaced  radially  around  a  central  core.  The  two  flow  smoothing  plates  have  a 
lattice-work  of  sharp  edged  holes  drilled  in  an  equilateral  triangular  pattern.  The  jet  total  temperature  and  pressure 
were  obtained  from  a  rake.  No  jet  exit  total  pressure  profiles  were  measured,  however  the  jet  total  pressure  profiles 
at  the  rake  are  uniform  (see  Figure  5).  Figure  6  presents  cross-sectional  area  distributions  of  the  model  and  support 
system.  The  blockage  of  the  model  and  support  system  was  0.148  percent  of  the  test  section  cross-sectional  area. 


4.  TEST  PROCEDURE 

At  the  Langley  16-foot  transonic  tunnel,  afterbody  pressure  data,  afterbody  force  data,  and  model  boundary 
layer  and  tunnel  wall  pressure  data  were  measured.  Separate  tunnel  runs  were  made  for  the  three  groups  of  data. 
During  a  tunnel  run,  the  free  stream  Mach  number  was  set  and  held  constant  while  data  were  recorded  at  several 
discrete  values  of  jet  pressure  ratio.  Data  were  taken  at  the  highest  Mach  numbers  first,  and  then  at  progressively 
lower  Mach  numbers  to  keep  the  variation  in  the  tunnel  stagnation  temperature  small.  Pressures  on  the  model  and 
wind  tunnel  wall  were  measured  with  individual  strain  gage  pressure  transducers  calibrated  to  an  accuracy  of  ±0.75 
percent  of  the  capacity  of  the  gage.  Temperatures  were  measured  with  iron-constantan  swaged  wire  thermocouples 
which  had  an  accuracy  of  ±  0.6  Kelvin.  Wind  tunnel  parameters  were  measured  with  the  standard  tunnel  instrumenta¬ 
tion  described  in  Reference  3. 

Since  the  Langley  16-foot  transonic  wind  tunnel  is  an  atmospheric  tunnel,  the  values  of  the  tunnel  free-stream 
parameters  are  a  function  of  the  atmospheric  conditions.  Thus  the  free-stream  Reynolds  number  varied  during  the 
investigation.  Figure  7  presents  the  band  of  Reynolds  numbers  encountered.  Reference  4  indicates  that  for  this 
band  width,  at  subsonic  speeds  the  effect  of  Reynolds  number  on  afterbody  pressures  and  drag  should  be  very  small. 

Afterbody  pressures  were  measured  at  the  recommended  locations.  Figure  8  presents  pressure  coefficients  for 
both  the  top,  bottom,  and  side  rows  of  afterbody  pressure  orifices  for  the  1 5°  boattailed  nozzle.  The  support  strut 
creates  a  narrow  wake  at  the  bottom  of  the  model  in  which  there  is  a  decrement  in  total  pressure.  The  top  row  of 
pressures  are  considered  to  be  the  row  least  affected  by  the  strut. 

The  boundary  layer  on  the  model  surface  was  measured  with  a  rake  at  model  station  123.18  at  radial  locations 
of  0°  (top),  180°  (bottom),  and  247.5°.  The  15°  boattailed  nozzle  was  installed  on  the  model  when  these  measure¬ 
ments  were  made.  Boundary  layer  profiles  are  presented  in  Figure  9.  The  boundary  layer  on  the  bottom  of  the 
model  is  slightly  thicker  and  has  a  different  shape  than  the  top  and  side  boundary  layers.  The  top  boundary  layer 
changed  very  little  with  Mach  number;  also,  the  boundary  layer  was  not  significantly  affected  by  changing  the  jet 
pressure  ratio.  At  a  free-stream  Mach  number  of  0.90,  the  boundary  layer  displacement  thickness  and  momentum 
thickness  on  top  of  the  model  were  respectively  .012  and  .009  times  the  model  maximum  diameter. 

When  the  force  balance  data  was  being  recorded,  only  the  pressure  instrumentation  necessary  to  the  proper 
interpretation  of  this  data  was  retained.  Therefore,  restraints  across  the  balance  wen  kept  to  a  minimum.  Figure  10 
presents  a  plot  of  nozzle  discharge  coefficient  and  thrust  normalized  by  ideal  thrust  \  ersus  jet  total  pressure  ratio. 

The  data  is  for  static  conditions,  zero  free-stream  Mach  number.  The  measured  thrust  is  close  to  the  calculated 
theoretical  ideal  convergent  nozzle  thrust. 

Static  pressures  were  measured  on  the  tunnel  test  section  wall  at  a  radial  location  of  225°  looking  upstream. 
Tunnel  wall  Mach  numbers  were  computed  from  these  pressures  and  the  tunnel  total  pressure.  During  the  AGARD 
nozzle  test,  the  accuracy  of  the  wall  pressures  based  on  gage  accuracy  was  ±  293  newtons/meter’  which  resulted  in 
a  wall  Mach  number  accuracy  of  approximately  ±0.005.  In  addition,  the  condition  of  the  tunnel  wall  orifices  was 
poor  (chipped  paint  near  the  orifices,  etc.).  Differences  between  these  tunnel  wall  Mach  numbers  with  the  model 
installed,  and  those  with  the  tunnel  empty,  are  shown  in  Figure  II.  No  pressure  signature  of  the  model  on  the 
wall  can  be  discerned  at  subsonic  speeds,  and  most  of  the  data  lies  within  the  free-stream  Mach  number  accuracy 
band  which  is  also  AM*  =  ±  0.005  .  Therefore  tunnel  wall  effects  on  the  model  pressure  and  force  measurements 
should  be  insignificant  at  subsonic  speeds.  At  a  free-stream  Mach  number  of  1.2,  disturbances  emanating  from  the 
model  nose  appear  on  the  wall  between  tunnel  stations  41.15  meters  and  42.06  meters.  Boundary-re flected- 
disturbance  lengths  measured  in  the  Langley  16-foot  transonic  tunnel  indicate  that  these  disturbances  should  be 
reflected  far  behind  the  model. 
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Fig.  1  The  1 6-foot  transonic  wind  tunnel  at  NASA  Langley  Research  Center, 
Hampton,  Virginia,  United  States  of  America 
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Fig.2  Anangement  of  the  Langley  16-foot  transonic  wind  tunnel.  (All  dimensions  are  in  meters) 


Fig.  3  Photograph  of  NASA-Langley  Research  Center  model  installed  in  the 
Langley  16-foot  transonic  wind  tunnel 
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Fig.4  Sketch  of  the  NASA-Langley  Resear  -h  Center  model. 
(All  dimensions  are  in  centimeters  unless  .herwise  noted) 
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Fig.S  Jet  internal  total  pressure  profiles  for  the  NASA-Langley  Research  Center  model. 
(The  profiles  were  measured  at  the  internal  rake  location.  M,.  ==  0 ) 
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Fig.6  Cross-sectional  area  distributions  of  the  NASA-Langley  Research  Center  model  and  support. 

(The  15“  AGARD  nozzle  is  installed) 
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Fig.9  Boundary  layer  profiles  for  the  NASA-Langley  Research  Center  model  with  the  IS”  AGARD 
nozzle  installed.  (The  profiles  were  measured  at  model  station  123.18,  Ptj/pao  =  3.0) 
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Fig.  10  Discharge  coefficient  and  thrust  normalized  by  ideal  thrust  for  the  10”  AGARD 
nozzle  installed  on  the  NASA-Langley  Research  Center  model.  (M«,  =  0 ) 
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Fig.  1 1  Incremental  Mach  number  measured  on  the  Langley  16-foot  transonic  tunnel  wall. 
v  =  Mw, model  installed  ~  tunnel  empty  measurements  were  taken  at  a  radial  location  of  225 
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THE  INFLUENCE  OF  MODEL  EXTERNAL  GEOMETRY 

by 

L.R.Haiper  and  W.J.Lewis 

Rolls-Royce  (1971)  Limited  (Bristol  Engine  Division) 


SUMMARY 

The  results  of  tests  carried  out  under  the  AGARD  (PEP)  collaborative  programme  are 
discussed  in  terms  of  the  influence  of  model  external  geometry.  Three  aspects  are  con¬ 
sidered;  (i)  the  variation  of  drag  and  drag  rise  Mach  number,  which  are  shown  to  correlate 
with  boattail  chord  angle,  (ii)  the  sensitivity  of  drag  measurement  to  boundary  layer  thick¬ 
ness,  where  an  increase  in  thickness  is  found  to  decrease  the  effective  body  curvature. 

(iii)  tunnel  interference,  which  is  found  to  have  no  measureable  effect  on  pressure  drag  for 
blockages  between  0.2%  and  7%,  although  high  blockages  introduce  difficulties  in  definition 
of  tunnel  static  pressure. 

The  overall  conclusion  is  that  results  obtained  in  the  various  facilities  are  in  good 
agreement  and  the  techniques  in  current  use  are  generally  satisfactory,  at  least  up  to  about 
Mach  0.95,  although  correct  simulation  of  boundary  layer  thickness  is  sometimes  necessary. 


NOTATION 

A  cross  sectional  area 

Cp  pressure  drag  coefficient 

Amax 
p  local  —  Pco 

C„  pressure  coefficient  - 

P  J  7  P- 

D  diameter 

M  Mach  number 

P  total  pressure 

p  static  pressure 

Re  Reynolds  number 

X  distance  from  nozzle  exit  plane 

60.95  boundary  layer  height  at  which  velocity  is  957r  of  free-stream  velocity. 
.Subscripts 

oo  in  free-stream 

max  at  model  maximum  diameter 

j  in  jet  at  nozzle  exit 

dr  drag  rise 


1.  INTRODUCTION 

Earlier  papers  in  this  series  have  described  the  tests  carried  out  by  several  organisations  of  the  three  single  nozzle 
axisymmetric  afterbodies  whose  profiles  are  compared  in  Eig.  I.  The  results  of  these  tests  are  discussed  here  in  terms 
of  the  influence  of  model  external  geometry.  For  the  purpirses  of  this  paper  model  geometry  will  be  taken  to  refer 
only  to  the  afterbody  since  the  influence  of  forebody  geometry  and  the  interaction  between  forebody  and  afterbody  is 
discussed  separately. 
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The  aim  of  the  present  exercise  is  to  improve  the  capability  of  accurate  drag  measurement.  The  way  in  which 
tunnel  or  technique  imperfections  affect  the  accuracy  of  drag  meuurement  may  vary  with  the  type  of  afterbody 
shape  being  tested  so  the  first  objective  has  been  to  relate  the  drag  characteristics  of  the  models  to  their  geometry. 
This  has  been  done  by  use  of  a  simple  shape  parameter  so  that  a  correlation  could  be  obtained  which  used  data  f^rom 
a  wide  range  of  sources  in  addition  to  the  present  tests  and  so  that  the  results  should  be  fairly  general. 

One  of  the  ways  in  v/hich  the  model  test  environment  often  differs  from  that  experienced  in  flight  is  that  the 
boundary  layer  on  the  model  may  be  uru'epresentatively  thick.  The  way  in  which  the  drag  of  the  three  afterbodies 
varied  with  boundary  layer  thickness  has  been  examined,  using  data  from  tests  in  which  the  boundary  layer  was 
blown,  with  the  aim  of  assessing  the  influence  of  model  geometry  on  the  sensitivity  of  drag  to  boundary  layer  thick¬ 
ness.  The  results  of  this  exercise  should  be  of  assistance  in  deciding  whether  correct  boundary  layer  simulation  is 
necessary  in  any  particular  test  application. 

Considerations  of  cost  and  other  practicitl  limitations  often  lead  to  afterbody  models  being  tested  at  considerably 
higher  model/tunnel  blockages  than  are  usually  recommended.  The  present  series  of  tests  of  similar  models  in  a  wide 
range  of  tacilities  has  provided  the  opportunity  to  assess  whether  high  blockage  iests  are  valid  and  what  are  their 
limitations. 


2.  THE  INFLUENCE  OF  MODEL  GEOMETRY  ON  DRAG 

Although  the  drag  of  three  dimensional  bodies  cannot,  in  general,  he  predicl.-d  with  high  confidence  there  are 
rules  by  which  estiiuates  can  be  made  for  reasonably  simple  classes  of  afterbody  shape;.  One  such  rule  is  that  drag 
increases  and  drag  rise  Mach  number  falls  as  the  body  is  made  less  slender.  Variou.-  parameters  are  available  to  define 
“slenderness",  for  axisymmetric  bodies  the  boattail  chord  angle  is  convenient. 

Drag  coefficient  at  Mach  numbers  below  drag  rise  and  drag  rise  Mach  number  are  plotted  against  boattail  chord 
angle  in  Fig.2  using  results  from  the  tests  of  the  three  AGARD  models  together  with  data  from  a  wide  range  of 
geometries  tested  elsewhere.  While  it  is  recognised  that  drag  is  also  dependent  on  other  features  of  the  afterbody 
shape  such  as  final  boattail  angle,  maximum  curvature  and  nozzle  exit  area  to  maximum  cross  sectional  area  ratio,  it 
can  be  seen  that  these  correlation  bands  are  in  fact  quite  narrow  and  can  be  used  at  least  for  preliminary  estimates 
of  drag  characteristics  for  this  class  of  afterbody.  This  type  of  estimate  may  be  useful  in  deciding  whether  or  not  it 
would  be  necessary  to  represent  a  realistically  thin  boundary  layer  in  any  particular  model  test  programme  since  it 
will  be  shown  in  the  next  section  that  boundary  layer  thickness  is  greater  importance  near  and  above  the  drag  rise 
Mach  number. 


3.  THE  INFLUENCE  OF  MODEL  GEOME  TRY  ON  SENSITIVITY  TO  BOUNDARY 

LAYER  THICKNESS 
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practical  importance.  In  many  model  test  arrangements  the  afterbody  is  supported  on  a  long  sting,  while  even  when  the 
model  is  strut  mounted  it  frequently  has  an  unrepresentatively  long  forebod^.  In  addition  Reyno'ds  number  is  usually 
significantly  lower  than  at  full  scale.  As  a  result  in  most  model  tests  the  boundary  layer  is  two  or  three  times  as 
thick  as  the  equivalent  flight  value.  There  are  methods  whereby  the  boundary  layer  thickness  can  be  reduced  by, 
blowing  or  by  suction,  but  these  involve  considerable  complication  of  the  test  arrangement.  Therefore  it  is  worth 
determining  how  significant  is  the  effect  of  boundary  layer  thickness  on  drag  and  whether,  at  least  for  certain  classes 
of  geometry  or  ranges  of  test  conditions,  it  is  possible  to  measure  drag  to  adequate  accuracy  without  boundary  layer 
control. 

The  effect  of  boundary  layer  thickness  has  been  examined  at  Rolls-Royce,  and  in  a  similar  programme  at  ONERA, 
in  tests  of  an  afterbody  mounted  on  a  long  support  sting  where  the  boundary  layer  thickness  could  be  reduced  by 
blowing.  Pressure  distributions  on  the  three  models  with  and  without  blowing  are  plotted  in  Fig.3.  The  effect  of  a 
thick  boundary  layer  can  be  seen  to  be  to  reduce  the  rate  of  flow  deflection  over  the  afterbody  so  that  below  drag 
rise  (Figures  3(a)  and  (b))  both  the  peak  suction  and  the  maximum  recompression  are  reduced.  It  is  found  that  these 
two  effects  nearly  cancel  so  that  there  is  little  change  in  drag  in  (his  regime.  Above  the  drag  rise  Mach  number 
(Figures  3(c)  and  (d))  the  peak  suction  is  again  reduced  and  this  now  causes  the  supersonic  expansion  and  recom¬ 
pression  losses  to  be  less  severe  so  that  a  higher  recompression  level  is  reached  at  the  end  of  the  afterbody.  Therefore 
at  this  condition  a  thick  boundary  layer  causes  a  significant  reduction  of  drag. 

These  effects  are  clearly  shown  for  the  three  AGARD  afterbodies  in  Figure  4  where  it  can  be  seen  that  up  to 
the  drag  rise  Mach  number  changes  in  boundary  layer  thickness  caused  little  change  in  drag  but  at  higher  Mach 
numbers  the  drag  coefficient  was  increased  by  about  0.01  when  the  boundary  layer  was  blown. 

When  making  the  decision  whether  it  is  necessary  to  represent  a  realistically  thin  boundary  layer  the  first  step 
is  to  determine  whether  one  is  going  to  be  attempting  to  make  measurements  in  the  drag  rise  regime.  Correlations 
such  as  those  in  the  first  part  of  this  paper  might  be  helpful  here.  If  the  answer  is  yes  then  the  next  question  is 
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jiist  how  accurate  must  these  measurements  be.  The  results  presented  here  have  shown  that  reducing  the  95% 
boundary  layer  thickness  from  the  typical  mode!  test  value  of  10%  of  body  diameter  to  3%,  which  is  more  typical 
of  flight  conditions,  caused  an  increase  of  drag  coefficient  of  about  0.0 1  for  each  of  the  three  model  geometries. 

A  note  of  caution  is  needed  regarding  the  extern  which  flight  conditions  are  simulated  by  use  of  a  blown 
model  support  sting.  Although  blowing  reduces  the  thickness  of  the  model  boundary  layer  the  unit  Reynolds  number 
in  the  test  environment  remains  unchanged  so  that  the  Reynolds  number  based  on  boundary  la:  'r  momentum  thick¬ 
ness  is  made  even  smaller  relative  to  the  flight  value.  In  a  marginally  separating  situation,  as  described  for  example 
in  Reference  1 ,  it  is  found  that  decrease  of  Reynolds  number  increases  the  extent  of  separation  and  so  increases  drag. 
Therefore  there  appears  to  be  a  risk  that  in  some  cases  reduction  of  boundary  layer  thickness  to  the  equivalent 
flight  value  could  cause  the  drag  measured  on  the  model  to  be  considerably  higher  than  in  flight. 

It  seems  clear  that  when  dealing  with  an  afterbody  where  the  flow  is  likely  to  be  marginally  separating  the  test 
environment  should  simulate  the  full  scale  viscous  flow  conditions  as  closely  as  possible. 


4.  THE  INFLUENCE  OF  BLOCKAGE  ON  TUNNEL  INTERFERENCE 

The  significance  of  tunnel  interference  has  long  beer,  a  source  of  considerable  anxiety  to  those  engaged  in  after¬ 
body  drag  measurement.  In  the  field  of  whole  aircraft  model  testing  blockages  not  exceeding  a  few  tenths  of  a  per¬ 
cent  are  usually  recommended  and  in  some  rases,  of  course,  large  wind  tunnels  are  available  for  afterbody  tests. 
However  in  many  cases  cost  considerations  lead  to  the  use  of  rather  small  tunnels  and  the  need  to  be  able  to  represent 
quite  fine  mechanical  details  o  i  the  model,  together  with  the  usual  desire  to  maintain  as  high  a  Reynolds  number  as 
possible,  result  in  a  relatively  Urge  model.  As  a  result  tests  frequently  are  carried  out  at  blockages  of  seven  percent. 
The  programme  of  tests  of  the  AGARD  models  in  a  wide  range  of  test  facilities  has  provided  an  unusually  good 
opportunity  of  assessing  whether  high  blockage  tests  are  valid  and  what  are  their  limitations. 

Figure  S  shows  the  drag  of  the  1 5°  boattail  as  measured  in  a  number  of  wind  tunnels  with  blockages  ranging 
fiom  0.2%  to  7%.  While  there  is  some  scatter  in  these  results,  particularly  at  higher  Mach  numbers,  the  agreement 
is  generally  quite  good  and  there  seems  to  be  no  distinct  trend  of  variation  of  drag  or  drag  rise  Mach  number  with 
blockage,  llir  indication  of  these  results  is  that  for  the  facilities  and  test  conditions  considered  tunnel  interference 
has  not  been  significant.  A<  .<  lurther  confirmation  Figure  6  compares  the  pressure  distributions  measured  on  the 
15°  boattail  in  the  various  fa.  4itirs  Apart  froiu  sor.ie  varialiori  in  the  pressure  clow  to  the  end  of  the  boattail, 
which  does  not  seem  to  be  related  to  blockage,  the  various  sets  of  data  are  seen  to  be  in  veiy  close  agreement. 
Similarly  close  agreement  has  been  found  throughout  the  Mach  number  range  and  in  the  distribution  measured  on 
the  10°  and  25°  boattails. 

As  well  as  the  expefilfieinal  d.iTa  Figure  6  includes  a  distribution  calculated  lor  the  IS  modbl  in  anltJTlntic 
stream  using  an  inviscid  impressible  anslysic  procedure^ .  This  is  seen  to  correspond  qui*e  closely  with  the  experi¬ 
mental  results  apart  from  an  exaggerated  perturbation  part-way  down  the  boattail  and  near  the  end  of  the  boattail 
where  the  analysis  predicts  a  very  high  ax-onipression  which  in  reality  is  terminated  by  viscous  effects.  This  analysis 
vvas  also  used  to  predict  the  pressure  distribution  in  an  infinite  stream  along  a  surface  correspondi.:^  to  the  position 
of  the  tunnel  wall  in  the  Rolls-Royce  fe- ts.  These  distributions  are  compared  with  the  experimental  measurements 
in  Figure  7  where  it  can  be  seen  ilic  measured  pressures  on  the  tunnel  wall  near  the  afterbody  location  vary  a 
great  deal  mere  than  would  i.e  p.-essurc  field  in  the  same  region  in  an  infinite  si. earn.  This  large  variation  in  tunnel 
wall  static  pressure  .provides  iiie  main  diliiculty  in  accurate  drag  measurement  i.i  higii  blockage  tunnels,  that  of 
specifying  the  correc  t  tunne'  staiic  pr.  ssure  to  be  used  as  the  datum  against  which  the  pressure  coefficients  and 
pressure  drag  are  leferred.  L.ai,Te  absolute  errors  can  easily  arise  if  tiie  reference  pressure  is  measured  in  a  region  in¬ 
fluenced  by  th?  .'i  )lel  pressoK  .'eld.  Ii  the  Rolls-Royce  tests  the  tunnel  static  datum  pressure  has  been  taken  as 
the  mean  ot  terc.-  statics,  as  indicated  tii  Figure  7  which  are  considered  to  be  downstream  of  the  tunnel  entry  effects 
but  upstream  of  the  afterbody  field. 


5.  CONCLUSIONS 

The  results  of  model  tests  of  three  axisymmetric  afterbodies  in  a  number  of  different  wind  tunnels  have  been 
examined  in  terms  of  the  influence  of  model  external  geometry. 

The  variation  of  drag  with  afterbody  geometry  has  been  shown  to  be  in  accord  with  the  trend  for  drag  lo  in¬ 
crease  and  drag  rise  Mach  number  to  decrease  as  the  body  is  made  less  slender.  It  is  found  that  drag  and  drag  rise 
Mach  number  can  be  correlated  quite  well  with  boattail  chord  angle  for  a  wide  range  of  afterbody  geometries  in 
addition  to  those  tested  in  this  exercise. 

Incease  of  boundary  layer  thickness  has  been  shown  to  decrease  the  effective  cinvature  of  the  afterbody.  At 
speeds  below  the  drag  rise  Mach  number  for  any  particular  geometry  this  modifies  the  afterbody  pressure  distribution 
but  has  little  effect  on  the  pressure  drag.  Above  the  drag  rise  Mach  number  drag  coefficients  measured  with  a 
boundary  layer  thickness  typical  of  model  test  conditions  were  about  0.01  lower  than  when  the  boundary  layer 
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thickness  was  reduced  to  a  value  typical  of  flight  conditions. 

Comparison  of  results  obtained  in  various  wind  tunnels  covering  blockage  ratios  from  0.2%  to  7%  failed  to  show 
any  discemable  effect  of  tunnel  interference  at  least  for  Mach  numbers  up  to  about  0.9  to  0.9S.  At  high  blockages 
static  pressure  varies  considerably  along  the  tunnel  wall  and  it  becomes  crucial  to  select  a  reference  static  pressure 
which  is  substantially  free  from  the  influence  of  the  afterbody  pressure  field. 

The  overall  conclusion  is  that  results  obtained  in  the  various  facilities  are  in  good  agreement  and  the  techniques 
of  afterbody  drag  measurement  in  current  use  are  generally  satisfactory  although  correct  simulation  of  boundary 
layer  thickness  is  sometimes  necessary. 


6.  SOURCES  OF  DATA 

The  results  presented  in  this  paper  have  been  taken  from  various  contributions  to  the  AGARD  collaborative 
programme,  particularly  those  from  Rolls-Royce  (1971)  Ltd.,  U.K.-,  Air  Force  Flight  Dynamics  Laboratory  (WPAFB), 
U.S.A.,  O.N.E.R.A.,  France,  and  National  Aerospace  Laboratory  (NLR),  the  Netherlands. 


7.  REFERENCES 

1.  Bowditch,  D.N.  Inlet-engine-nozzle  wind  tunnel  test  techniques.  Inlets  and  Nozzles  for  Aerospace 

Engines.  AGARP  CP-91-71  Paper  7,  1971. 

2.  Mason,  J.G.  Flow  Synthesis  by  Singularities.  Two-dimensional  and  A  xlsymmetric  Problems. 

Rolls-Royce  (1971)  Ltd.,  D.E.D.  Report  lAR  99801  April  1968. 


(g)  R.R.  TESTS  OF  A6AHD  10*  BOATUIL.  TESTS  OF  ACARD  l5*mTTAIL. 


No  ■  010 
- 


o 
O  X 

-4  1  s 


No  ■ 

OBO 

^TS 

-3-9  0  x> 

X 

lAL 

9 

0 

6 

X 

0 

X 

o 

X 

o 

)| -WITHOUT  BLOWING 
o  WITH  BLOWING 

re^  RB. TESTS  OFACARD  I5*B0ATTAIL  TESTS  OF  ACARD  2S*B0ATTAIL. 


N«  .0-95 


X  0 
X  o 


'LOCAL 


»  •  WITHOUT  BLOWING 
O' WITH  BLOWING 


Mo  s  0  80 
V.  «  3  9 


«.  WITHOUT  BLOWING 
0  •  WITH  BLOWING 


N  l’2  10 


Fig.3  Effect  of  boundary  layer  blowing 
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Fig.7  Tunnel  wail  static  pressure  distributions 


INFLUENCE  DU  TAUX  DE  DETENTE  DU  JET  SUR  LES  COEFFICIENTS  DE  PfRFORMANCE 
D'UN  ARRIERE-CORPS  MONOFLUX  AGARD  DE  MACH  0,60  A  MACH  0,9). 

par  Bernard  MECHIN*e(  JeaifMarie  HARDV** 


R6»uiii6 

Dans  le  cadre  de  I'^iude  entrep'ise  par  I'AGARD,  la  synthase  des  r^suliais  eip6rinteniaui  rclatifs  k  t'lnfluence  des  rondiiions 
f6n6ra(rices  du  jei  sur  la  trafn^e  des  dilf6rents  arri^re-corps  esi  pr^senlfe.  L'inlluence  du  laua  de  detente  sut  les  pri  sions  de  r^iretnt 
et  les  d6collenients  de  la  couche  Itmile  esc  analys6e.  Cette  6iude  esi  efleciu^  pout  difl6renies  6paisseurs  de  couche  limite,  certains 
montaies  pemiettani  le  conirdle  de  celle-ci  par  un  soufflage  tangentiel. 

INFLUENCE  OF  THE  JET  PRESSURE  RATIO  ON  THE  PERFORMANCE  OF  AN  AGARD  SINGLE  FLOW  AFTERBODY 

IN  THE  0.60-0.9^  MACH  RANGE 


Summary 

Within  the  scope  of  an  AGARD  study,  the  synthesis  of  the  eiperimenial  data  concerning  the  effect  of  |ei  stagnation  conditions  on  the 
drag  of  various  afterbodies  is  presented.  Jet  pressure  ratio  effect  on  boattail  pressure  and  on  boundary  layer  separation  is  analysed.  Ttiis 
study  is  made  for  several  values  of  the  boundary  layer  thickness,  taking  into  account  the  fact  that  some  test  rigs  make  its  control  possible 
by  means  of  tangential  blowing. 

Notations 

M  :  nombre  de  Mach  de  I'dcoulemeni  eiteme  k  I'infini  a^nont 
p  :  pression  statique  de  I'^coulement  eiteme  k  I'infini  amoni 
P|  :  pression  gdn^ratrite  du  flui  interne  de  la  tuyere 
P  /  p  ;  taus  de  detente 
p  :  pression  eiteme  sur  le  rdtreint. 

Cp  :  coefficient  de  pression  sur  le  r^treint 


Cpp  :  coefficient  de  trafn6e  de  pression 

R  :  nombre  de  Reynolds  de  I'dcoulement  eiteme  rapport^  au  diamitre  Dn/^du  maitre  couple. 

*DMAZ 

1.  Introduction 

Un  programme  d'dtudes  sur  les  techniques  d'essai  d'arri6re-coips  de  rdvoluiion  en  6coulemeni  transaonique  a  M  prop  i6  par  I'AGARD 
aui  diffdrents  organismes  de  recherche  des  pays  membres  de  ce  groupe  :  NASA  et  AEDC  aui  USA,  Rolls-Royce  (BED)  en  irande- Bretagne, 
NLR  aui  Pays-Bas,  DFVLR  en  Allemagne  et  ONERA  er  France.  Chacun  de  ces  organismes  a  rtaliat  la  totality  ou  une  paitie  seulement 
du  programme  initial  ;  les  essais  ainai  effeclu6s  dans  les  diffdtentes  souffleries  transaoniques  donnent  la  possibility  de  caractyrirrer  les 
diffyrentes  techniques  utilishes  et  de  micui  comprendre  le  rftle  joay  par  les  divers  paramytres  entrant  en  ligne  de  compte,  aussi  bien  ceui 
qui  aont  liys  su  fonciiohneawnl  de  Uarrihre  corps  (taui  de  dytente,  tempyrature  du  jet,  disioraions  du  jet,  nombre  de  Mach)  qua  ceui  qui 
sont  inhyrents  au  montage  et  k  la  aoufflerie  utilisye  :  couche  limite,  montage  sut  mil  laiyral  ou  en  dard  amoni,  nombre  de  Reynolds  de 
I'ycoulemeni  eiteme,  obstruction  de  la  veine. 

La  synihese  pryseniye  dans  ce  document  ne  conceme  que  I'influence  du  laui  de  dyieni  e  sur  les  coefficients  caraciyristiques  de 
I'arriyre-.corps  ;  coefficient  de  pression,  coefficient  de  irafnye.  L'influcnce  des  aui  res  paramytres  fondameniaui  (nombre  de  Mach,  nombre 
de  Reynolds,  coudie  limite  ...)  esi  ytudiye  par  ailleurs  par  les  suites  pniticipants  au  programme  d'yiides  et  (sit  I'objei  de  documents  de 
synihyse  particuliers. 


*lngynieur  de  Recherche  1  I'ONERA. 

**  Chef  du  Service  Tuyhres  1  la  SNECMA. 
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2.  Mow gei 

2.!  •  L*«  d'owi  utilisd*  ddcrili  n  ddcail  dmi  Im  rdMtcaces  [1  i  61.  Us  appaitirsacoi  k  deux  csid|ories  : 

.  Lcs  ■oMsfcs  sur  atis  laldftui  (AEDC,  NASA,  NLR)  oi  Is  SMficnc  se  (reuvc  plscde  A  I'eicrdautd  svsJ  d'un  fusesu  tsuni  d'uae 
e|ivc  k  I'sMos<,  I'aiseaiblc  du  smaia|c  sc  i  rouvaat  siasi  dsas  Is  seise. 

.  Les  aMMSges  ca  dard  aiaoai  (ONERA,  RoUs  Royce,  OFVLR)  oA  la  asquctic  esc  disposde  A  I'exirAauid  aval  d'ua  dard  dost  I'origine 
sc  iiouvc  dsas  la  diaaibre  de  iraaquillisatiaa.  Lcs  aMaiagca  dc  ce  type  aoM  d'ailleurs  auais  d'un  disposiiif  dr  voulflage  tangeniiel  dc 
la  couchc  liailc. 

Lea  schdaMs  d'cnseaible  dc  ces  sKiacages  aoai  rcprdscacds  aur  lcs  figures  1  A  6. 
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Les  irois  lypcs  dc  iiiii|uriie!i  uiilist.'s  !>oni 
sch^inaiis^s  sur  la  figure  7. 


CQWy«*i>«ATlON  Q  , 
I'fV.FCCaiATlON  •  I  »V 
COMFl&URAriOM  e  a  25* 


ftf.  6  •  Monrsya  DfVLR. 


i,  f 


ftg.  7  ‘  Sch*mo  ti%%  trots  moquottos  ufilisoos. 


d  :  an9i«  du  cone  •qu<vdi*r>f 
2. 2  •  Couches  limties 

Les  couches  limiies  mei<ur^s  sur  les  mon(a.{cs  k  des  nombres  de  Mach  de  0,6  et  0,9  sont  repr6sent6es  sur  les  fi|ures  8  ec  9.  L'effct 
du  soufflage  tartgendel  de  la  couche  litnice  obse.v^  sur  les  montages  Rolls-Royce  et  ONER  A  esc  de  r^uire  sensiblement  les  ^aisseurs 
carac(6ris(iques  de  la  couche  limice  tout  en  consctvant  un  proiil  de  vicesses  r^gulier.  Ce  disposiiif  permet  done  de  coniroler  efficacemenc 
la  couche  limite  et  de  compenser  ainsi  un  ^paississement  de  celie-ci  du  k  la  grande  longueur  du  montage.  Les  dissym^ries  observ6es 
pour  les  couches  limites  du  montage  ONERA  one  recemment  ^t6  consid6rabtemcnt  r^duites  par  une  amelioration  des  carenages  du  montage 
dans  sa  pariie  amont. 
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!  i  j  Fig.  8  •  Covcha  limito  fAEDC,  NLR,  Ro//i-Royc»l. 
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VI 


3.  Cof  dtt  rfiultm 

Sw  In  fi|iircs  10  ei  II  loM  repr4icat4et  let  vMiMioai  du  coclficicat  dc  ptrtaioa  lur  ti  luydre  13*  obcenuce  par  tea  dilldrents 
orgaaiamt  poar  lea  aoabrea  dc  Mach  0,80  ei  0,93  et  pour  ua  laui  dc  dd«w  c  oMyco  coaipria  eat  re  2,3  ei  3.  A  Mach  0,8,  lea  poiara  obreoua 
ac  rcgroupcat  aur  uae  coiirhe  uaique.  Touiefoia  daaa  lea  eaaaia  MLR  la  ddccaie  ear  auiua  pronoaede  ei  la  recoapreaaioa  recardde  par 
rapport  aai  aairca  eaaaia,  cc  qui  peui  a'eipliqbcr  par  la  forte  ealcur  du  rant  d'ahatruccioa  (7  %).  Cea  eaaaia  aoai  par  ailleura  effeciada  ea 
gaa  chaud  (Ti  >  630*K). 

A  Mach  0,93  I'apparilioa  d'ua  choc  et  d'ua  ddcolleatent  de  caraetdee  iaaiafcle  provoque  dc  ld|drea  diffdreacea  k  la  (oia  au  aiveau  it  la 
poailioa  du  choc  el  dc  la  rdpanitioo  dc  prcaaioa  daaa  la  aoac  ddcolldc. 

L'iaflueacc  du  taut  de  ddtcoie  aur  lea  cocffideaia  de  prcaaioo  rcaie  cooiparable  eat  re  loua  lea  eaaaia.  C'eai  le  acul  p  iiai  qui  ear 
aaalyad  d«ia  cetic  aoie,  riaflucacc  dca  coadiiiona  paniculidrea  d'caaai  deyaai  dire  ciaaiiudc  par  ailleura. 


CP 


M,-0,8 


2,5  3,0 


4.  laflueacc  du  caua  dc  ddteare  aur  Ic  cocffidcal  dc  prcaaioa 

Paiai  lea  rdauliaia  diapoaihlea,  aoua  a«oaa  rctcau  priacipalcuMai  ccua  ohieaua  pat  I'AEDC  aur  lea  itoia  aiaqaciiea  10*,  13*  et  23* 

car  ila  oat  dtd  eilcctada  poar  uae  large  gamac  de  laui  de  ddicatc  (P|/ p^  coapria  caire  I  et  12)  a«ec  dea  laaqueitea  diapoaaai  de  i rda 
aoaibreuaea  priaca  dc  prcaaioa.  Lea  rdaaliata  uiiliada  poar  chacaac  de*  laydtea  k  dca  aoaihrec  de  Mach  de  0,60,  0,80  et  0,93  aoai  regroupd* 
aar  Ic*  figarc*  12  k  13  (eaaaia  ONERA  fig.  12,  eaaaia  AEDC  fig.  13  k  13). 

4.1.  Taydrea  10*  et  13*  (fig.  12  k  14) 

•  L'effcl  di  taui  de  ddtcalc  aar  le  cocfficicai  de  prcaaioa  eat  d'acetoftte  acaaihlcaMar  le  aiveaa  dc  la  recoaiprt  aaio*  loraque  Ic 
laai  dc  ddtcaic  aagaaaic,  ccci  pat  effet  polcaiici  dl  k  ’a  prdicacc  du  jet,  laai  qa'il  o' y  a  pat  ddcolleoMai  dc  la  coachc  liauic.  Cci  effci 
a'cai  aaaaihic  qae  daaa  la  leac  o6  le  gradicai  dC^/di  eat  poaitif. 

-  Cet  effet  eat  d'aataai  plaa  iaicaac  qae  Ic  aoaihre  dc  Mach  cMdiieai  cat  4le*4.  Vert  reiirdaiid  da  rdtrciai  raccroiaacoMai  do  laai 
de  recoaiprcaaiaa  eat  aaaald  : 

•  aait  par  effat  d'catrafacawai  qai  acc4l4te  rdcaaleaMoi  prochc  (cap)iraiioa  ralahlc  daaa  teat  lea  caa  aaaf  data  celai  dc  la  laydrc  13*  k 
~  0^3).  Dea  aaadagea  dc  rdcoulaacal  aa  auiaiaage  dc  la  paioi  tcraicai  adeestairea  poar  coafinact  cede  hypothdar  ; 


•  loii  par  uac  leadaacc  au  dKollcawat  de  la  couche  liaiiic.  II  acaibtc  coairfoia  qac  ce  pbdaoaidae  toil  davaiiia|c  lU  k  I'apparition 
d'ua  choc  coaMae  Ir  ■oeire  Ic  ralemiiacaKat  de  la  recoapreaaioa  aa  pied  da  choc  tvi  le  rdirciai  10*  h  >  0,9).  Sar  le  rdcieiai  I)*, 
aa  aitaie  ooabre  de  M<ch.  le  ddcollraKai,  oai  pan  da  choc,  reste  drahti  ear  loai  le  rdirciai. 
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4.2.  T«y4tt2>  (fi|.  I» 

•  La  irit  fraadc  coerbw*  m  d4bac  4c  rltftiit  fail  affarafirc  aa  ckoc  dreii,  mim*  I  Mach  0,6.  Poar  cc  aeabcc  4c  Mach,  Ic  choc  cat 
aaiai  4'aac  iccoapicaaioc  fOiulilrc  4om  Ic  aiacaa  44pca4  4a  laai  4c  44(aMc. 

'  D4a  qae  M^  «  0,10,  il  apparafi  m  aval  da  choc  aa  prafil  4c  prcaaioa  plat  caraccdriatiqae  d'ua  dcoaleaMM  44colU. 

•  A  Mach  0,9)  ic  aivcaa  4c  rccoaprcaaioa  cac  iafMwrh  criai  ohtaav  4  Mach  0,00  ct  paaac  par  aa  MiaiMaai  poar  aa  laai  4c  44tcacc 
voiaia  4c  7.  Ccitc  dvolaiioa  peat  a'cipUqacr  par  aa  4chaa|c  cacrc  I'cMct  4c  (Ct  aar  I'OcoalcaMat  petaeticl  ct  I'cMcc  d'cacraiacaicac  prd- 
poa44raat  aaa  (aiblaa  tau  4c  ddicacc,  ca  raiaoa  4a  l'4caa4ac  4a  la  coac  4c  adlaaic.  Cca  hypochhaca  4cMa4craicai  4|alaaiaac  i  itre 
vdrifidca  par  4ea  aoa4a|ca  dc  I'dcoalcaMat  «  pardcolicr  aa  aval  4b  plan  4e  aortic. 


).  laflacacc  4b  taai  dc  44tcatc  car  la  cocWicicat  4c  trafadc  4t  prcaaloo 

Lc  coefficient  4c  trafndc  4c  prcaaioa  cat  calcaid  par  iatdgration  4c  la  rdpaitition  dc  prcaaioa  aur  I'artidrc-corpa  cooaiddrd.  La 
prdciaioa  ohtcoae  ddpead  dtroitcacat  4u  noaihre  dc  priaca  dc  presaien  diaponihlea  pour  la  ■caarc.  A  cc  tittc  lea  caaaia  AEDC  paraiaacat 
lea  plua  prdcis  cu  dpard  an  praad  noaibrc  dc  priaca  dc  prcaaioa  inatalldca. 

L'dvelatien  dc  cc  cocfficicat  dc  trafadc,  ra  foactioo  da  (aaa  4e  ddtcBtc,eat  rcprdacatdc  pour  cheque  tuydre  ct  pour  dca  noaibrea  dc 
Mach  dc  0,80,  0,90  ct  0,9)  aur, lea  fipurca  16  k  24. 

L'aaalyae  dc  cca  rdaultata  penaet  dc  prdciaer  cc  dc  coafitBcr  lea  obaervationa  ddjh  faitea  prdcddeauacai  pout  I'dvolucioo  dca  coeffi- 
cieaca  C^. 

).l.  Tuydrea  10»  ct  l)>  -  Fifurca  16  d  21. 

Ceaaic  pour  lea  oocfficicata  Cp,  le  coefficieac  de  trafadc  diniaue  de  faqoa  iaipoiteace  lotaque  I'oa  peace  dele  coafifuratioa 
aaaa  jet  k  aa  caui  de  ddteace  de  2.  Cet  effet  cac  d'autaac  plua  aMrqud  que  I'aaglc  dc  cardae  eat  plua  faible. 

La  irdide  reace  cnaaicc  aeaaibleiacnt  coaacancc  catre  P]/p^  •  2  et  PJ/p^  >  4  puia  ddciotk  rdpulidreaeat  loraque  le  taua  de  ddtentc 
croft.  Ellc  dcvicac  adiacive  pour  uae  valeur  cuffiaaaimcec  dlevde  du  caui  de  ddteate. 

Sur  lea  fiiurea  19  ct  21  aoec  reprdaeatdca  d|aleaeot  lea  variatioaa  de  obccau  pour  la  tuydre  1)*  avec  lea  laoecaiea  Rolla-Roycc 
cc  ONERA  avec  ec  aaaa  aouEla|e  de  la  couche  Unite.  A  Mach  0,8  (fig.  19)  la  valeur  de  ohteau  avec  ec  aaaa  aoufflage  aooc  trda  voi> 
aiaea  catre  ellea,  d  la  diaperaioo  dca  neaurea  ptda.  A  Mach  0,9)  (fig.  21)  le  aouffiage  augnente  le  Cj^.  La  forte  diaperaioa  dea  rdaultata 
Caere  lea  diffdreacea  aouffleriea  traduic  lc  rdpercuaaioa  aur  le  de  pcticea  diffdrencca  aotannenc  aur  la  poaitioa  du  choc  done  I'eiiatence 
a  ltd  aigaalde  prdcddcMaeat.  Cet  diffdreacea  soar  ctibucairea  d'effeta  d'obatraccion  de  vcine  rt  de  couche  Unicea  variablea  auivaar  lea 
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Pit.  17  •  Tuydra  10*  (Mach  =  0,90). 

6  . 

4  . 

2  . 

0  . 

¥ 

• 

♦ 

•  •  • 

M^-0,95 

• 

♦ 

♦ 

AEOC 

.6 

"•Dmou** 

0,62 

1.44 

EVOLUTION  DU  COEFFICIENT 

2  ) 

1  1  ■  11 

4  5  6  7  6 

1 

9 

«  11  12 

EN  FUNCTION  DE  P^/p„. 

•• 

-4  . 

-6  . 

Fig.  18  •  Tuyita  10*  (Mach 

=»  0,95). 

♦ 

II-B7 


de  I'dvolucion  de  cc  coefficient  en  fonciion  du 
(aux  de  ddtente  esc  commune  auz  dtffdrenis  essais. 
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Fig.  21  .  Turin  »5*  (Much  =  0,95i. 
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Fig.  22  •  Turin  25°  fMoch  =  0,80). 
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6.  ComImImi 


QmI^ms  imdMCM  |4a<r«lca  pmvMi  lirt  d4|i|4tt  4ta  MMit  affacta^s  daaa  diffircaiaa  iaw.allMiMi  cencefatai  I'inriuaace  du 
laai  da  ddtaaca  da  jat  aar  l'dcoala«aa<  aatama  aatoar  d'aa  arri4ra>cerpa. 

1)  Laa  coadiiioas  part  icalidraa  daa  diffdrtacat  iaatallaiioaa  foac  apparaftre  da  faiUaa  dcaita  aar  lea  aaleara  abaoluea  dea  coafficienta 
aMaarda,  aaia  na  awdifiaai  paa  I'daoluiiea  da  caa  |raadaara  aa  foaetioa  da  taat  da  ddtaata. 

2)  L'Mtt  da  laaz  da  ddtaata  aar  la  coaffleiaat  da  praaaJoa  aat  aaitoat  aanaiUe  loraqua  la  jet  coaME4aca  k  a'dtablir. 

3)  La  uai  da  ddtaata  a'a  d'affat  qua  aar  la  partia  da  I'arridra-cjtpa  fonaaat  rdtreiat,  at  e'affacta  paa  la  rdpartitioa  daa  praaaioaa  an 
aaMal  du  cboc  qui  apparail  aui  noaibraa  da  Mach  aaffiaaiMaaat  dlavda  :  la  choc  aat  ld|drcaMiit  UMxIilid  an  intanaied,  ce  qui  aa  traduit  par 
daa  dcatta  aiaiblaa  da  i  rafnda. 

4)  Dana  la  caa  d'un  dcoulcn:cnt  non  ddcolld  aur  la  rdtraint,  una  aupaiantation  du  taui  da  ddtaote  tend  k  aufaMnlar  la  raconipretaioa. 

3)  Dana  la  caa  d'un  dcoulamant  ddcolld  an  aval  du  choc  la  niveau  da  praraion  da  la  zona  ddcollde  coiaaienca  par  ddcroftre  qiinnd 
Pj/p^  croft,  puis  augnente  k  partic  d'un  certain  niveau,  tssaz  dlavd,  du  taui  da  ddtenta. 

Das  hypoihdsaa  ont  dtd  Ibnauldea  pour  aipiiquer  laa  diKdraoiaatandancas.  Leur  diacussion  qui  pourrait  (tre  un  prolongemeni  normal 
da  cetia  dtuda,  ndceaaitarail  una  analyae  plus  approfondia  da  I'dcoulenent  pur  Jaa  aondagas  dea  rdgiona  proches  da  la  aoriia  du  jet,  at 
dvantuallamanl  par  I'intaoduction  da  tuydraa  convarganiaa  divargentaa  patmeitant,  paralldlament  aui  aaaais  an  gaz  chaud,  da  faira  verier 
las  conditions  d'entraincment  at  da  racollamenl  aur  la  frontidra  du  jat. 
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INFLUENCE  OF  JLT  PARAMETERS: 
NOZZLE  THKUST  AND  DISCHARGE  COEFFICIENTS 

by 

CC.Groothoff 

National  Aerospace  Laboratory,  NLR, 

Thf  Netherlands 


SUMMARY 

Internal  flow  and  nozzle  characteristics  were  analysed  as  part  of  the  program  co¬ 
ordinated  by  the  AGARD  ad  hoc  study  group.  All  available  data  were  used  in  a  comparison 
of  the  nozzle  discharge  and  thrust  coefficients  and  jet  pipe  wall  static  pressures  of  similar 
model  configurations.  It  was  found  necessary  to  take  into  account  the  distortion  of  the 
total  pre.ssure  profiles  in  the  jet  pipe.  The  mass  flow  averaged  total  pressure  was  used  in 
the  calculations.  The  distortion  coefficient  DCM  proved  to  be  a  useful  tool  in  the  compa¬ 
rison  of  the  mass  flow  averaged  total  pressure  with  the  1-D  isentropical  total  pressure, 
derived  from  mass  flow,  temperature  and  static  pressure. 

The  discharge  coefficients  that  were  found  in  the  range  of  nozzle  pressure  ratios  of 
about  1.3  to  12  were  in  good  agreement.  For  the  specified  nozzle  A  the  discharge 
coefficient  Cj  =  .986  .  For  this  nozzle  configuration  with  a  contraction  ratio  of  3.24 
hardly  any  influence  on  Cj  of  jet  medium  or  distortion  was  found.  F.xternal  air  flow 
did  influence  Cj  ,  mainly  through  the  boattail  overpressure  near  the  nozzle  lip.  The  thrust 
coefficients  were  found  to  be  difficult  to  compare,  one  set  of  data  however  shows  an 
inexplained  higher  level  (about  I  -  2%).  Nozzle  B  (contraction  ratio  1 .62)  showed  more 
influence  of  distortion  in  the  jet  flow.  The  values  for  the  choked  nozzle  discharge  coeffi¬ 
cients  were  Cj  =  .978  (no  dist.)  and  Cj  =  .946  (dist.) .  Distortion  was  also  found  to 
influence  the  wall  static  pressures  in  the  jet  pipe.  The  distortion  coefficient  DCM  enabled 
comparison  of  the  results  of  the  various  institutes  which  cooperated  in  the  program. 


LIST  OF  SYMBOLS 
A  area,  m’ 

Ap  geometric  exhaust  area,  corrected  for  nozzle  wall  temperature,  m’ 

B  factor  in  Equation  (5),  Section  3 

P  poo 

C.  static  pressure  coefficient,  - 

q* 

C(j  nozzle  discharge  coefficient,  see  list  of  definitions 

CT  nozzle  thrust  coefficient,  see  list  of  definitions 

c*  specific  velocity,  m/s 

D^mx  maximum  model  diameter,  mm 

DCM  distortion  coefficient.  Section  3 

F  thrust,  N 

i  number  of  i’b  concentric  jet  pipe  area 

k  factor  in  Equation  (5).  Section  3 

Moo  free  stream  Mac'i  number 

m  mass  flow,  kg/s 

NPR  nozzle  pressure  ratio  PfApoo 
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q» 

R«D„ 

R 

r 

T 

X 

a 

P 

y 

V 

p 

Subscripts 

av 

<L 

ex 

f 

i 

id 

j 

jP 

/ 

meis 

n 

t 

I.  1,  2,  3 

OO 

* 


total  number  of  equal  concentric  jet  pipe  arau 
prenure,  N/m’ 

free  stream  dynamic  prenure  i7PbiMi.  ,  S/m? 
nozzle  Reynolds  number 
m* 

gas  constant  — — 
s’K 

distana’  from  node!  centreline,  mm 
temperature  K 
veiocity,  m/s 

distance  from  exit  of  nozzle  A  .  upstream  is  positive,  m 

nozzle  convergence  half  angle,  degrees 

mixing  parameter  of  Reference  10 

ratio  of  specific  heats 

viscosity,  mV* 

density,  kg/m^ 

average 
on  centreline 

external  near  nozzle  exit  plane  x/Dn,,*  =  056  (nozzle  A)  or  =  .27  (nozzle  B) 

flat,  according  to  I  -  D  isentropical  calculation 

index 

ideal 

jet 

Jet  pipe 

internal  near  nozzle  lip  at  =  .063  (nozzle  A)  or  =  .204  (nozzle  B) 

measured 

nozzle 

total 

different  definitions  of  CT 
free  stream 

critical  throat  condition 


LIST  OF  DEFINITIONS 


C(j  nozzle  discharge  coefficient  =  — 

tbjd 

c*  ' m 

For  supercritical  pressure  ratios  Cj  =  -  where  the  specific  velocity 

Ptj  •  An 


For  subcritical  pressure  ratios 


thrust  coefficient  as  used  in  Reference  7  CTo  =  CT]  -t- 


(upstream  force  is  positive) 


CTo 

CT, 

CT, 

CT, 


I'mesf 

nozzle  A 
nozzle  B 


p 

thrust  coefficients  =  - — 

Fid(1.2or3) 

The  ideal  thrust  1 ,  2,  or  3  is  based  on 


pressure  drag 

Fid, 


-  I ;  actual  p,^  and  Ap  ,  derived  is  [h|d 

-  2;  actual  p,^  and  ih  ,  derived  is  A^  *  Cj 

-  3:  actual  rh  and  A^  .  derived  is  p,^ 

with  suffices  I,  2  or  3  omitted,  the  used  equation  for  the  maximum  attainable  thrust  after  complete 
expansion  to  the  ambient  pressure  is 


CT,  =  CT,  X  Cj 


measured  thrust  force  =  measured  balance  force  -  pressure  drag  --  friction  -  gap  pressure  correction 
(upstream  force  is  positive) 


exhaust  nozzle  defined  by  AGARD  coordinates,  contraction  ratio  3.24,  see  Table  I 


exhaust  nozzle  with  contraction  ratio  1.62,  see  Table  I 


1.  INTRODUCTION 

The  AGARD  ad  hoc  study  group  PEP/04  on  “Improved  Nozzle  Testing  Techniques  in  Transonic  Flow"  has  been 
formed  to  investigate  the  relevant  parameters  which  affect  the  performance  of  nozzle  and  afterbodies  at  transonic 
speeds.  Several  institutes  coordinated  their  research  in  this  project,  mostly  using  essentially  the  same  afterbody  and 
nozzle  configurations.  Comparison  of  the  results  of  analogous  experiments  would  yield  a  frame  of  reference,  while 
the  special  topics  that  were  investigated  by  the  different  institutes  would  extend  the  range  of  parameters. 

Several  groups,  cooperating  in  this  prt  jram,  have  accepted  to  compile  and  discuss  th**  results,  each  concentrating 
on  one  topic  of  relevance  in  the  afterbody  nozzle  performance  testing.  The  part  that  discusses  the  influences  of  jet 
parameters  on  the  afterbody  and  nozzle  performance  was  shared  between  DFVLR  (Germany)  and  NLR  (the 
Netherlands).  These  groups  agreed  that  DFVLR  would  concentrate  on  the  external  boattail  pressure  distribution 
while  NLR  would  deal  with  internal  nozzle  phenomena.  This  report  is  the  NLR  contribution  to  the  data  analysis 
and  complementary  to  the  DFVLR  report. 

The  internal  jet  pipe  flow  and  nozzle  characteristics  constitute  an  important  area  in  the  assessment  of  jet  engine 
performance. 

The  nozzle  discharge  coefficient  affects  the  exhaust  total  pressure  and  hence  the  thermodynamic  cycle  of  the 
engine,  while  the  engine  gross  thrust  is  proportional  to  the  nozzle  thrust  coefficient. 

The  flow  in  the  jet  pipe  of  real  jet  engines,  particularly  at  afterburning,  and  also  of  turbofan  engines,  is  not 
homogeneous.  Generally,  the  total  pressure  and  total  temperature  are  non-uniform  (distorted),  the  flow  may  contain 
swirl  and  the  turbulence  level  is  usually  high.  The  degree,  to  which  these  inhomogeneities  affect  the  nozzle  characteris¬ 
tics,  depends  on  the  nozzle  geometry,  contraction  ratio  of  the  nozzle  and  the  external  flow  field  in  which  the  jet 
exhausts.  In  this  analysis  only  the  influence  of  jet  flow  total  pressure  distortion  could  be  included,  as  swirl  or 
turbulence  have  not  been  investigated  in  this  program. 

In  order  to  establish  the  nozzle  characteristics,  the  primary  jet  parameter,  i.e.  the  jet  total  pressure,  must  be 
defined.  In  a  distorted  flow  this  requires  a  special  approach. 

The  tested  conical  convergent  nozzle  configurations  (except  of  Reference  2)  constituted  a  simplified  representa¬ 
tion  of  an  actual  exhaust  system  of  a  non-afterburning  engine  (nozzle  A)  and  of  an  afterburning  engine  (nozzle  B). 
Nozzle  B  is  also  representative  for  a  fan  engine  nozzle  as  regards  to  the  contraction  ratio.  The  model  of  Reference 
2  simulated  to  a  larger  degree  the  exhaust  system  of  an  actual  engine  nacelle. 

The  measuring  and  flow  definition  station  at  the  entry  of  the  jet  pipe  may  be  considered  to  coincide  with  the 
engine  end  face,  generally  constituting  the  split  line  between  the  responsibility  ot  the  engine  manufacturer  and  the 
airframe  designer. 
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Thil  report  diMUSXt  the  influence  of  wme  jet,  nozzle  and  external  flow  parameters  on  the  internal  nozzle 
characteristici  and  jet  pipe  presiures,  u  compiled  from  the  results,  gathered  by  the  different  participants  in  this 
program.  Some  of  the  data  that  have  been  received  are  published  elsewhere  in  this  AGARDograph  (References  I, 
2,  J),  others  (References  4,  5,  6,  7,  1 2)  were  made  available  as  preliminary  results  or  ii.  private  communication. 


2.  INVESTIGATED  NOZZLES  AND  PARAMETERS 

2.1  Nozzle  Geometry 

Although  the  investiption  of  the  different  study  groups  have  been  performed  using  essentially  the  same  nozzle 
and  jet  pipe  configuration,  some  differences  are  noted.  In  Table  I  and  Figure  I  the  dimensionless  jet  pipe  and  nozzle 
shapes  are  given.  In  Table  II  the  nozzle  size  is  given  along  with  other  parameters.  It  may  be  noted  that  the  location 
of  the  static  pressure  orifices  in  the  jet  pipe,  of  the  thermocouple  and  of  the  total  pressure  rake  were  specified  in 
this  program  (Table  I).  Most  configurations  essentially  conformed  to  this  specification. 

Nozzle  A  is  the  standard  nozzle  according  to  AGARD  specifications.  Nozzle  B  has  a  twice  as  large  nozzle  area 
and  wu  derived  from  nozzle  A  with  a  1 5°  boattail  angle  by  “cutting  off'  an  appropriate  length  and  fairing  the 
exhaust  inner  contour  with  a  straight  cone  into  the  jet  pipe.  This  resulted  in  a  nozzle  convergence  half-angle  ol  4° 
vs.  f  for  nozzle  A.  Nozzle  B  can  therefore  be  considered  as  the  opened,  reheat,  position  of  nozzle  A  in  case  the 
nozzle  is  supposed  to  be  a  convergent  conical  iris  nozzle.  The  dimensionless  contours  of  the  nozzles  of  References 
5  and  7  are  only  sliiihtly  different  from  nozzle  A  and  will  be  considered  to  be  the  same. 

The  model  assembly  of  Reference  2  simulated  the  engine  nacelle  of  the  HFB  32DCJ610  jet  eng-’i.',  incorporating 
a  hot  primary  jet  and  a  cold  secondary  jet.  The  tests  with  this  nozzle  however  have  been  focussed  more  on  external 
efi'ects,  impeding  comparison  of  the  internal  characteristics  of  this  nozzle  with  the  others. 

The  boattail  and  nozzle  external  contours  will  not  be  discussed  here,  as  these  will  be  related  to  the  internal 
phenomena  mainly  through  the  external  nozzle  lip  pressure  p^^  .  This  pressure  will  be  taken  into  account  when  the 
effect  of  ambient  airflow  is  discussed. 

2.2  Jet  Parameters 

In  Table  II  a  survey  is  given  of  the  relevant  jet  parameters  and  dimensions  of  the  models  that  were  used. 

The  data  which  could  be  used  in  the  present  analysis  on  internal  phenomena  were  scarce,  because  most  results 
dealt  with  external  nozzle  phenomena  such  as  afterbody  pressure  distribution  and  afterbody  drag.  From  the  supplied 
data  results  could  be  deduced  concerning  the  following  jet  flow  parameters;  nozzle  pressure  ratio,  total  pressure 
distortion,  jet  medium,  Reynolds  number  and  axial  static  pressure  distribution. 

Main  emphasis  in  the  data  analysis  will  be  on  NPR  and  total  pressure  distortion,  both  closely  connected  to  the 
flow  delivered  from  the  engine.  The  use  of  the  different  jet  simulation  media  as  listed  in  Table  II  gives  an  indication 
how  internal  nozzle  characteristics  are  affected  if  the  engine  combustion  gases  are  simulated  with  an  other  gas,  for 
example  by  cold  air  as  is  often  done  in  wind  tunnel  tests.  Other  jet  parameters  such  as  turbulence,  swirl  and  tempera¬ 
ture  distortion  may  also  be  of  relevance  for  assessing  the  performance  of  nozzles,  but  have  not  been  considered  in 
the  program.  Nozzle  leakage  and  lip  edge  curvature  will  also  affect  nozzle  performance  (Reference  8  and  9  respectively) 
but  are  not  considered  either.  The  data  that  were  available  and  could  be  used  for  a  comparison  of  the  nozzle  charac¬ 
teristics  and  jet  pipe  total  pressure  determination  are  surveyed  in  Table  III.  More  details  of  the  experimental  facilities, 
models  and  instrumentation  used  by  the  different  research  groups,  can  be  found  elsewhere  in  this  AGARDograph. 
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3.  DETERMINATION  OF  THE  JET  TOTAL  PRESSURE 

For  the  determination  of  the  nozzle  characteristics  knowledge  of  the  jet  total  pressure  is  essential.  It  had  been 
proposed  by  the  AGARD  study  group  that  in  this  test  program  if  possible  the  jet  total  pressure  should  be  derived 
from  the  measured  mass  flow,  static  pressure  and  gas  temperature  in  the  jet  pipe.  In  a  jet  flow  with  a  total  pressure 
profile  distortion  however,  the  determination  of  a  valid  mean  jet  total  pressure  from  these  parameters  poses  some 
special  problems. 

The  average  p^^  that  must  be  determined  should  be  a  characteristic  property  of  the  jet  flow,  i.e.  it  must  be 
independent  of  the  axial  location  where  the  measurements  are  made.  It  must  not  change  its  value,  except  due  to 
viscous  losses,  if  the  cross  .sectional  area  of  the  jet  pipe  is  changed. 

The  area  averaged  jet  total  pressure  will  not  satisfy  this  requirement.  During  expansion  the  cross  section  area 
of  a  stream  tube  with  a  higher  total  pressure  will  decrease  less  than  that  of  a  stream  tube  with  a  lower  total  pressure. 
This  means  that  the  area  averaged  total  pressure  of  a  distorted  flow  will  increase  in  a  contraction.  However  per 
stream  tube  the  moss  flow  and  the  lotal  pressure  remain  the  same  in  a  contraction.  Hence  the  total  pressure  mass 
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averaged  over  all  stream  tubes  will  remain  constant  and  might  therefore  be  a  proper  means  of  averaging,  at  least 
superior  to  area  averaging. 


In  Part  I  of  this  AGARDograph  a  method  is  described  (Rif.3)  to  derive  the  mus  flow  averaged  total  pressure 
for  distorted  velocity  proHles,  if  the  mass  flow  distribution,  the  man  flow,  the  static  prenure  and  the  temperature  in 
the  jet  pipe  are  known.  The  description  method  defines  the  man  flow  averaged  jet  total  prenure  as; 
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where 


Ptj  =  Pjp 


i  +  t 
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Knowledge  of  the  mass  flow  distribution 


can  be  obtained  by  measuring  the  total  pressures  with  a  rake  during 


a  run  (Refs  1 ,  5)  or  by  preliminary  tests  (Refs  3,  4.  6).  In  Figure  2  the  mass  flow  distributions  in  the  jet  pipe  are 
given  as  derived  from  the  different  sources.  It  was  found  that  these  distributions  for  each  test  set-up  and  model  were 
fairly  constant.  An  example  of  accompanying  total  pressure  profiles  is  given  in  Figure  3. 


if  the  total  pressures  are  calculated  according  to  the  mass  averaging  procedure,  for  distorted  flows  it  is  found 
that  these  values  are  different  from  the  values  obtained  from  a  one-dimensional  isentropic  calculation  that  assumed 
the  profile  to  be  flat.  This  is  illustrated  for  the  simplified  example  as  shown  in  Figure  4.  If  in  case  1  (flat) 
diriii  =  Aih]  ,  and  in  case  II  (distortion)  Arh|  =  S  Ath]  (Ami  +  Am]  =  constant) ,  then  Equations  (I)  and  (2)  yield 
Pjj  =  2.06  X  10*  N/m’  (case  1)  and  pj.  ==  2.08  x  10*  N/m*  (case  II) .  Hence  a  correction  of  1%  would  be  necessary 
on  a  I  D  isentropically  derived  Pi^  to  obtain  the  mass  flow  averaged  pj  ,  if  distortion  is  present.  It  can  also  be 
t  any  distortion  will  lead  to  an  increase  in  the  ratio  of  total  to  static  pres'.ii 


seen  that  any 


pressure  in  the  jet  pipe. 


The  parameter  to  describe  the  distortion  in  the  jel  pipe  mass  flow  distribution  used  here  is  the  DCM,  the  distor- 
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tion  coefficient,  mass  flow  averaged.  Based  on  the  presence  of  the  factor  I - )  in  Equation  (2),  it  is  defined  as 
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(3) 


or  more  general 


A  r 

DCM  =  /p’U^dA  -  I  . 
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For  low  subsonic  Mach  n'lmbers  in  the  jet  pipe  flow  it  can  be  shown  that  a  relation  exists  between  DCM  and  the 
correction  that  is  necessary  to  obtain  the  mass  averaged  pj.  from  pj^j^  : 


Ptj  =  Pt|,( 


1  +  DCM 


kB 


1  +  B> 


(5) 


where 


k  = 


i=i  v  m  /i 


m’  RT.. 

and  B  =  - 
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It  can  be  deduced  that  the  factor  k  has  a  value  of  3  if  the  surplusses  and  deficits  of  the  mass  flow  distribution 
balance  as  compared  to  the  average  value.  If  the  mass  flow  distribution  profile  is  very  peaky,  for  instance  if  in 
A|  Aihi 

Figure  4  —  =  .5  and  — 7-  =  1.5  ,  the  factor  k  is  somewhat  different  from  3,  in  this  case  k  =  3.4  .  The 
A]  Aih) 


factor  B  primarily  depends  on  the  effective  contraction  ratio  Ajp/A* 


Figure  5  illustrates  the  described  relation  between  p,.  ,  pj.|.  and  DCM  .  Data  of  5  AEDC  (air)  and  5  NLR 


(decomposed  H,Oj)  test  runs  with  nozzle  A  were  used  to  determine  the  ratio 


Pti 


Ptjf 


for  the  distortion  profiles  of 


Mi 


Figure  2.  It  is  found  that  the  data  points  are  close  to  the  lines  representing  Equation  (5)  with  k  =  3  and  B 

Ajp 

derived  from  the  test  data.  The  sonic  throat  area  A*  ,  which  is  used  in  the  parameter  ,  is  related  to  Ptj|. . 

Only  the  NLR  distortion  profile  shows  some  discrepancy,  with  respect  to  k  =  3  .  Here  k  is  approximately  3.3  due 
to  the  peaky  mass  flow  distribution  profile. 


For  nozzle  B  with  a  contraction  ratio  Ab,/An  =  1.62  the  ratio  is  much  larger.  For  a  choked  nozzle, 

^  Pt)f 

^  =  1.141  for  a  tXTM  =  .338  .  Equation  (S)  with  k  «  3  would  yield  a  less  precise  correction  due  to  the  higher 

/  p 

jet  pipe  Mach  number  (  for  the  given  example  — ^  =  1. 1 16  ,  see  insert  < 

V  Pt^ 


;  of  Figure  5^ . 


It  may  be  noted  that  for  low  subsonic  Mach  numbers  in  the  jet  pipe  the  distortion  coefficient  DCM  is  related 
to  the  mixing  parameters  P  in  Reference  10,  i.e.  P  -  DCM  +  I  . 

In  the  following  sections  the  jet  total  pressures  p,^  are  expressed  as  the  mass  flow  averaged  values,  using  either 
the  calculation  method  of  Reference  3  or  Figure  S. 


4.  NOZZLE  D' ’'CHARGE  COEFFICIENTS 

4.1  General  Remarks  on  Data  Presentation 

m  A* 

The  definition  of  the  nozzle  discharge  coefficient  used  here  is  — ,  not  —  as  is  sometimes  preferred.  For 

"'id  An 

supercriti  ;al  nozzle  pressure  ratios  these  definitions  would  give  the  same  results,  foi  subcritical  NPR's  the  results 
diverge. 

As  discussed  in  Section  3,  it  is  necessary  to  take  into  account  the  jet  pipe  flow  distortion  in  the  calculation  of 
Ptj  and  hence  of  the  discharge  coefficients.  Reference  S  gives  a  series  of  discharge  cociTicients  which  were  derived 
from  ,  pjp  and  Tj  according  to  the  proposal  of  the  AGARD  study  group.  In  order  to  compare  these  data 

with  the  results  of  other  groups,  they  were  recalculated  taking  into  account  the  appropriate  mass  flow  distribution 
of  Figure  2.  This  resulted  in  approximately  1 .3%  increase  of  the  jet  total  pressure.  This  is  in  agreement  with  Figure 

5,  for  DCM  =  .19. 

The  jet  pipe  total  pressure  profile  of  Reference  6  was  almost  flat  (DCM  .01)  and  a  correction  of  less  than 
.1%  would  be  required,  according  to  Figure  5. 

lire  modification  in  the  results  due  to  the  new  definitions  of  Cj  and  Pf  are  illustrated  in  Figure  6.  This 
figure  shows  the  results  of  a  recalculation  of  Cj  vs.  NPR  for  a  given  set  of  data  points  of  Reference  5. 

Figure  7  shows  the  nozzle  discharge  coefficients  from  References  3,  5  and  6  for  nozzle  A.  while  Figure  8  shows 
Cj  vs.  NPR  for  nozzle  B  from  Reference  3.  The  shift  in  the  results  for  “distortion  ’  in  Figure  8  for  1 .6  <  NPR  <  2.2 
requires  some  reservedness  towards  the  absolute  values  of  these  data. 

4.2  Choked  Nozzle  Pressure  Ratio 

For  two-dimensional  nozzles  Reference  1 1  gives  a  methou  to  derive  the  choked  nozzle  pressure  ratios.  For  a 
nozzle  with  a  convergence  half  angle  a  this  yields 

0  =  7°  7  1.4  (air)  choked  NPR  =  2.42 

7  =  1.3  (H2O}  decomposed)  choked  NPR  =  2.31 

a  =  4°  7  =  1.3  (HjOj  decomposed)  choked  NPR  =  2.13 

Axisymmetric  nozzles  show  a  slightly  larger  choked  NPR  than  two-dimensional  nozzles  with  the  same  convergence 
angles.  Hence  for  nozzles  A  and  B  the  choked  NPR  were  expected  to  be  slightly  larger  than  the  values  mentioned 
above.  The  test  results  do  not  disagree  with  these  theoretical  results,  slightly  lower  values  may  be  possible  too. 

The  values  of  the  discharge  coefficients  for  increasing  NPR  very  gradually  approach  the  choked  Cj  value. 

Hence  for  the  determination  of  the  choked  Cj  no  large  inaccuracy  will  be  introduced  if  data  are  included  for 
NPR’s  slightly  lower  than  the  choked  value.  For  no.:zle  A  the  data  with  NPR  >  2.2  were  used,  for  nozzle  B  the 
data  with  NPR  >  2.1  . 

For  both  nozzles  it  could  not  be  determined  with  certainty  whether  distortion  in  the  jet  pine  flow  affected 
the  nozzle  choking  pressure  ratio. 
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4.3  Choked  Difchufe  Coefficient,  No  Dbtortion 

Although  tome  convex  distorted  pressure  profile  is  present  in  the  jet  pipe  flow  of  Reference  5  (Fig.3),  these 
results  are  included  in  this  group  of  data.  For  nozzle  A  the  following  choked  nozzle  discharge  ccefricients  were 
derived  for  NPR  >  2.2  (see  Figure  7),  the  tolerances  indicating  the  standard  deviations, 


ONERA 

52  runs,  air 

Cd  =  .9858  ±  approx.  .0005 

NLR  (no  dist.) 

21  runs,  air 

Cd  =  .986  ±  .004 

NLR  (no  dist.) 

36  runs,  decomposed  H2O 

j  Cd  =  .988  ±  .004 

AEDC 

29  runs,  air 

Cd  =  .986  ±  .004 

For  nozzle  B,  the  choked  discharge  coefficient  for 

NPR  >2.1  was(Fig.8) 

Cd  =  .978  ±  002  . 

A  prediction  derived  from  Reference  1 1  would  yield  for  nozzle  A,  =  .987  and  for  noz/.l .  B,  C,j  slightly  below 
.99.  For  nozzle  A  this  value  agrees  well  with  the  results,  though  the  discharge  coefficient  c(  ’  ozzle  B  averages  one 
per  cent  lower.  This  may  be  caused  by  the  slight  amount  of  distortion  that  still  exists  in  t  .c  jet  pipe  flow  even  in 
the  “no  distortion'*  condition  (Fig  3)  and  by  the  influence  of  the  step  in  the  wall  of  the  Jnet  on  the  internal  boundary 
layer.  Due  to  this  step  the  boundary  layer  will  thicken  appreciably  due  to  the  local  high  Mach  number  and  besides 
the  boundary  layer  will  diminish  only  slightly  in  the  small  contraction  to  the  nozzle  exit. 

The  data  of  ONERA  show  a  substantial  greater  accuracy  than  the  other  data.  This  is  the  result  of  the  great 
care  that  was  taken  in  the  mass  flow  measurement,  by  means  of  a  plenum  chamber  and  a  sonic  throat,  and  measuring 
pressure  levels  and  temperatures  very  accurately  by  special  techniques.  In  the  other  tests  sharp  edge  orifice  and 
venturi  flowmeter  are  used.  However  the  ONERA  measurements  were  taken  at  Mo«  =  0  only.  The  NLR  results  for 
tunnel  off  and  on  combined,  gave  greater  scatter  (1 .004)  than  for  tunnel  off  (±  .002). 

The  jet  medium  (H]0]  decompostion  products  or  air)  does  not  appear  to  significantly  affect  the  discharge 
coefficient  of  nozzle  A.  The  same  is  found  for  the  influence  of  changing  nozzle  Reynolds  number.  This  is  in  agree¬ 
ment  with  Reference  12,  where  data  are  presented  for  Q  vs.  throat  Reynolds  number  which  ranged  from 
.5  X  10*  to  7.3  X  I0‘. 

4.4  Effects  of  Distortion  on  Choked  Discharge  Coefficient 

For  nozzle  A  the  choked  nozzle  discharge  coefficient  in  the  case  of  distortion  (Fig.7)  is: 

NLR  (dist.)  36  runs,  decomposed  HjOj  Cj  =  .986  ±  .005  . 

The  effect  of  distortion  is  insignificant  for  this  nozzle,  for  all  runs  with  NPR  >  2.2  (Ref.3) 

Cj  (dist.)  —  Cj  (no  dist.)  =  —  .002  ±  .004  . 

This  result  is  not  surprising  if  it  is  remembered  from  Figure  3  that  with  distortion  the  total  pressure  profile  is  still 
rather  uniform  both  in  the  tail  pipe  and  in  the  exit  plane.  For  nozzle  B  distortion  in  the  jet  pipe  flow  had  more 
effect 


NLR  (dist.)  12  runs  Cj  =  .946  ±  .010 

and 

Cd  (dist.)  Cd  (no  dist.)  -  .032  ±  .008 

This  tendency  must  be  caused  by  the  increased  curvature  of  the  sonic  line  at  the  nozzle  exit  due  to  the  “hollow” 
velocity  profile. 

From  the  fact  that  for  nozzle  A  the  marked  hollow  distortion  profile  hardly  changed  the  discharge  coefficient, 
it  can  be  concluded  that  the  less  distorted  convex  velocity  profile  of  the  jet  pipe  flow  of  Reference  5,  would  hardly 
alter  the  Cd  value.  However  if  in  the  tests  of  Reference  S  the  nozzle  had  a  lower  contraction  ratio,  such  as  nozzle 
B,  the  convex  velocity  profile  would  have  caused  Cd  to  increase,  because  the  sonic  line  would  be  straighter  and 
would  move  towards  the  geometric  exit  plane.  In  Reference  9  analogous  results  for  low  contraction  ratio  nozzles 
are  discussed,  although  in  that  paper  the  presented  Cd’s  for  distorted  flows  (hollow  and  convex)  were  derived  for 
area  averaged  total  pressures.  A  correction  for  the  mass  averaged  pj^  would  slightly  decrease  the  presented  discharge 
coefficients. 

4.5  Effects  on  Discharge  Coefficients  for  Unchoked  Nozzles 

Figures  6,  7  and  8  show  the  discharge  coefficients  of  nozzles  A  and  B  also  in  the  region  of  unchoked  nozzle 
pressure  ratios.  The  Cd’s  increase  with  NPR  until  the  choked  condition  is  attained. 
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The  curves  for  Cj  vs.  NPR  are  different  if  external  flow  is  present.  Figure  7  shows  the  results  for  nozzle  A, 
where  the  influence  of  Mm  is  clear.  For  Mm  =  .6  —  .9  the  external  pressure  at  the  nozzle  lip  higher  than 

the  free  stream  static  pressure  Pm  .  ^  +  .15  ,  while  at  Mm  -  .95  this  overpressure  has  almost  disappeared. 

Due  to  this  overpressure  the  effective  NPR  ,  will  be  lower  than  the  normally  used  NPR  ,  and  also  Cj 

Pex  P«* 

will  be  different.  Figure  9  incorporates  the  correction  for  the  boattail  overpressure  p,x  nozzle  A.  It  may  be 
seen  that  this  correction  alone  is  insufficient  to  explain  the  differen'es  in  C,)  for  Mm  ^  0  and  Mm  =  0  ,  though  the 
gross  effect  of  external  How  is  explained.  The  final  vena  contracts  of  the  jet  flow  is  also  affected  by  the  momentum 
of  the  external  flow.  The  scatter  in  the  data  does  not  allow  to  distinguish  the  differences  at  various  Mach  numbers. 

For  nozzle  B  the  effect  of  distortion  can  be  established  for  unchoked  NPR  .  in  case  of  a  hollow  profile  in  the 
jet  pipe,  it  is  indicated  that  the  discharge  coefficient  decreases  more  rapidly  with  decreasing  NPR  than  for  a  less 
distorted  profile  (Fig.8).  For  a  convex  profile  a  different  tendency  may  occur. 


5.  NOZZLE  THRUST  COEFFICIENTS 

Information  concerning  the  thrust  characteristics  'vas  available  from  two  sources.  ONERA  (which  used  a  special 
thrust  rig  in  the  tunnel  settling  chamber)  and  NLR  (where  an  internal  thrust  balance  was  mounted  inside  the  model). 

In  both  cases  the  balances  measure  nozzle  gross  thrust  minus  afterbody  drag.  The  used  thrust  coefficients  were 
defined  differently.  A  comparison  of  the  definitions  gives 

pressure  drag 

CTo  (ONERA)  =  CTj  +  - - ^(NLR)  . 

Fid: 

Figure  10  shows  the  average  lines  for  the  thrust  coefficients  CT|  and  CT]  for  nozzle  A  at  Mm  =  0  from 
Reference  3.  It  would  have  been  expected  from  the  studies  of  Reference  1 1  that  for  NPR  ^  1 .9  the  thrust  coeffi¬ 
cient  would  have  been  approximately  CT|  ==  1.(05  (for  this  NPR  the  coefficient  from  Reference  1 1,  r),),**  =  CTi  ). 

Even  after  very  extensive  calibration  the  about  1.5%  higher  values  of  CTj  and  consequently  of  CTj  could  not  be 
explained. 

The  results  for  M«  ^  0  show  a  large  scatter  for  the  data  of  Reference  3,  which  was  attributed  to  the 
inaccuracies  introduced  by  the  pressure  force  correction,  particularly  in  the  gap  pressure  force  correction  at  the  split 
line.  These  data  however  show  the  same  trend  as  for  Mm  =  0  .  In  Figure  1 1  the  results  of  ONERA  and  the  data 
for  Mm  ^  0  (for  test  Section  2,  see  Reference  3)  of  NLR  are  presented.  The  NLR  data  were  recalculated  to 
include  the  boattail  drag  component  for  direct  comparison.  In  the  ONERA  tests  the  afterbody  pressure  drag  could 
be  affected  by  boundary  layer  blowing.  Both  conditions,  “blowing”  and  “without  blowing”  are  included  in  the 
figure. 

Both  at  the  lowest  Much  numbers  and  at  the  higher  NPR’s  ,  when  the  pressure  drag  is  much  less  than  the  thrust  : 

force,  the  NLR  data  are  1  to  2%  in  excess  of  the  ONERA  data.  This  conforms  with  the  inexplained  high  value  of 
CTj  at  Mm  =  0  for  the  NLR  data.  At  lower  NPR  and  at  high  Mach  numbers  the  thrust  force  is  relatively  less 
important  and  differences  in  afterbody  drag  are  more  pronounced. 

For  nozzle  B  similar  trends  for  the  thrust  coefficients  as  for  nozzle  A  are  found  (Ref.3).  Figure  1 2  shows  that 
the  influence  of  distortion  is  especially  marked  in  the  thrust  coefficient  CTi  (~3  to  -5%),  due  to  the  influence 
of  the  change  in  Cj  .  The  thrust  coefficient  CTj  had  the  least  tendency  to  change  due  to  distortion  (0  to  "1%), 
while  CT3  increased  significantly  (about  +  2%)  when  the  jet  total  pressure  profile  was  distorted. 


6.  JET  PIPE  INTERNAL  STATIC  PRESSURES 

6.1  General 

Some  interesting  features  of  the  nozzle  characteristics  are  reflected  in  the  static  pressures  in  the  jet  pipe.  In 
Section  3  the  influence  of  the  jet  pipe  velocity  profile  distortion  on  the  jet  total  pressure  was  discussed,  with  the 
related  effect  on  the  ratio  of  static  pressure  to  jet  total  pressure.  In  this  section  some  attention  is  given  both  to  the 
static  pressure  distribution  in  down-stream  direction  along  the  jet  pipe  wall  and  to  the  internal  static  wail  pre'^sure 
close  to  the  nozzle  lip. 

6.2  Wall  Static  Pressure  Distribution  in  the  Jet  Pipe 

Figure  1 3  shows  the  static  pressure  distribution  along  the  jet  pipe  wal'  for  nozzle  A  at  a  nozzle  pressure  ratio 
of  about  3,  for  6  series  of  data  from  various  groups. 
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For  this  noz7le  at  choked  NPR  the  ratio  —^  =  3.3  and  consequently  —=  .978  or  p.,  =  pi- (1.0725) . 

A*  Ptjf 

From  Equation  (2)  in  Section  3  for  low  subsonic  velocities  in  the  jet  pipe  the  following  approximation  can  be  derived: 

Ptjf  =  Pjpd  +  B).  (6) 

With  Equation  (5)  this  expression  yields 


1  +  B(1  +  k  DCM) 


(for  “balanced”  total  pressure  distortion  profiles  k  =  3  .  Section  3).  The  relation  between  DCM  and  — ^  in  the 

'’•i 

cylindrical  part  of  the  jet  pipe,  with  B  =  .0225  and  k  =  3  ,  is  included  in  Figure  1 3.  It  is  shown  that  for  flows 
which  exhibit  a  rather  undistorted  velocity  profile  indeed  DCM  <  .1  ,  with  exception  of  the  data  of  ONERA  which 
would  be  expected  to  show  less  distortion.  The  data  of  Rolls  Royce,  as  included  in  Figure  13,  are  related  to  the 

1-  D  calculated  pj.  .  Hence  in  the  cylindrical  part  -^jhere  =  J  =  .978  is  expected. 

'  Ptj  '  Ptjf  / 

Because  stream  tubes  with  a  higher  total  pressure  contract  less  during  expansion  than  with  a  lower  total  pressure, 
in  the  case  of  distortion  the  DCM  will  tend  to  decrease  in  a  convergent  channel.  The  effects  of  a  decreasing  DCM 
and  a  decreasing  cross  sectional  area  act  in  opposite  direction  on  the  average  static  pressure  in  a  cross  section.  For 

X 

“distortion”  in  nozzle  A  this  is  seen  to  result  in  an  approximately  constant  static  pressure  between  -  =  .6 

^max 

and  .85. 

In  the  downstream  part  of  the  nozzle  the  difference  between  the  static  wall  pressures  for  flows  with  and  without 
distortion  disappears.  For  nozzle  B  this  diftercnce  remains  up  to  the  nozzle  exit  (Fig.  14).  The  exit  total  pressures 
as  presented  in  Figure  5  of  Reference  3,  are  in  agreement  with  these  observations.  Nozzle  A  shows  hardly  any  dis¬ 
tortion  in  the  exit  plane  while  for  nozzle  B  the  profile  still  is  clearly  concave. 

In  the  cylindrical  part  of  the  jet  pipe  of  nozzle  B  the  static  pressure  tends  to  increase  slightly  towards  the  exit 
(Fig.  14),  which  indicates  that  the  “hollow”  distortion  decreases  downstream  due  to  mixing  and  wall  fricrion.  This 
increase  is  also  observed  in  the  mixing  tubes  of  constant  area  ejectors. 

In  the  wall  static  pressure  distributions  of  both  nozzle  A  and  B  some  exceptional  pressures  are  found  near  the 
deflection  points  of  the  wall.  For  some  series  of  data  the  static  pressures  are  high,  while  for  other  tests  the  static 
pressures  are  low  at  seemingly  the  same  location.  As  the  deflection  points  cause  local  flow  acceleration  as  well  as 
stagnation,  the  pressures  are  very  sensitive  to  the  exact  location  of  the  orifices  and  to  the  condition  of  the  jet  pipe 


wall  boundary  layer  (separation).  It  may  be  noted  that  the  pressures  at 
low  values  for  all  NLR  test  series  with  respect  to  the  other  data. 


=  1.025  and  at  .505  show  relatively 


6.3  Wall  Static  Piessures  Gose  to  the  Exit  Plane 

Although  the  difference  in  the  wall  static  pressures  in  the  jet  pipe  flows  with  and  without  distortion  may  have 
disappeared  for  nozzle  A  in  the  downstream  direction,  an  influence  of  the  external  flow  is  found  in  the  level  of  the 
wall  static  pressure  p/  close  to  the  nozzle  exit  plane  for  unchoked  conditions.  Figure  1 5.  A  correction  can  be  made 
by  replacing  poo  by  the  external  boattail  overpressure  at  the  nozzle  exit  plane  p^^  for  the  cases  M,*  =?«=  0  .  This 

P/ 

effective  nozzle  pressure  ratio  Pj  /Pex  better  correlates  the  data  points  for  the  ratio  — .  This  finding  is  in  agreement 

'  Ptj 

with  the  similar  corrections  for  the  discharge  coefficient  (Fig.9). 

As  was  shown  in  Figure  14  for  nozzle  B  the  wall  static  pressure  p;  at  the  nozzle  lip  still  is  influenced  by  the 
initial  degree  of  distortion  in  the  jet  pipe  flow.  Figure  16  shows  this  more  clearly  for  a  range  of  NPR  .  Ideally 
such  data  could  yield  the  experimental  choking  NPR  ,  even  with  distortion.  Unfortunately  Figure  16  shows  that 
due  to  the  scatter  in  the  data  the  choked  nozzle  pressure  ratio  cannot  be  determined  with  gre:>ier  confidence  than 
from  the  data  for  the  discharge  coefficients.  Figure  8. 


7.  CONCLUSIONS 


The  jet  pipe  total  pressure  profiles  in  most  test  series  of  the  participating  groups  showed  some  distortion. 
The  jet  total  pressure,  which  is  the  prime  jet  parameter,  was  derived  from  a  mass  averaging  procedure. 


II-CIO 

This  enabled  comparison  of  the  results  of  the  various  groups.  The  distortion  coefficient  DCM  proved  to 
be  a  useful  tool  to  obtain  mass  flow  averaged  total  pressures  Irom  one-dimensionally  isentropically  derived 
total  pressures. 

The  choked  discharge  coefficients  for  the  nozzle  A  (contraction  ratio  3.24)  were  in  agreement  for  all  test 
series:  Q  =  .986  .  The  jet  medium,  jet  total  pressure  distortion  or  throat  Reynolds  number  did  not 
significantly  affect  the  discharge  coefficient.  For  nozzle  B  (contraction  ratio  1 .62)  the  influence  of  distor¬ 
tion  was  more  marked,  choked  (no  distortion)  =  .978 

Cj  (distortion)  =  .946  . 

The  effects  of  external  airstream  on  the  noz'le  discharge  coefficients  resulted  in  lower  values  for  Q  in 
the  case  of  uiichoked  NPR’s .  The  accuracy  of  the  data,  derived  from  test  series  incorporating  a  special 
test  set-up  for  mass  flow  measurement  by  mi;ans  of  a  plenum  chamber,  a  sonic  throat  and  highly  accurate 
pressure  and  temperature  instrumentation,  was  appreciably  greater  than  from  other  test  series  where  a  sharp 
edge  orifice  and  a  venturi  flow  meter  were  used. 

-  The  thrust  coefficients  were  compared  for  two  sets  of  data.  One  set  showed  at  Mg,  =  0  values  1  to  2% 
larger  than  expected.  This  same  difference  existed  for  higher  NPR's  between  the  two  sets  of  data  for 
Mgo  =  0 ,  when  the  boattail  pressure  drag  was  included  in  the  comparison  of  thrust  minus  drag  forces. 

The  thrust  coefficient,  based  on  measured  jet  total  pressure  and  actual  mass  flow,  showed  relatively  little 
effect  from  distortion. 

-  In  the  jet  pipe  wall  static  pressure  distribution  the  effect  of  distortion  in  the  jet  pipe  total  pressure  profile 
could  clearly  be  seen  for  all  nozzles.  The  differences  in  wall  static  pressures  between  “distortion”  and 

“no  distortion”  disappeared  downstream  for  nozzles  with  a  high  contraction  ratio.  The  difference  was  found 
to  be  present  up  to  the  wall  static  pressure  close  to  the  nozzle  exit  plane  for  low  contraction  ratio  nozzles. 

-  It  was  found  that  including  the  jet  pipe  total  pressure  distortion  profiles  in  the  calculation  ot  the  jet  total 
pressure  and  derived  coefficients  was  the  key  to  obtaining  comparable  results  for  the  various  test  series. 
Neglecting  distortion  would  have  caused  large  discrepancies  in  the  obtained  values  of  nozzle  coefficients. 
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Fig.S  Modification  of  total  pressure  with  distortion  coefficient 


Fig.lS  Static  wall  pressure  in  jet  pipe  near  nozrle  exit  plane  vs.  pressure  ratio  for  nozzle  A  (Ref.3) 


Fig. 1 6  Ratio  of  static  pressure  near  nozzle  exit  to  Jet  total  pressure  vs.  NPR  for  .lozzle  B  (Ref.3 1 
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SUMMARY 

Within  the  framework  of  the  AGARD  ad-hoc  study:  “Improved  Nozzle  Testing 
Techniques  in  Transonic  Flow”  preliminary  results  are  presented  of  the  influence  of  the 
jet  parameters  on  the  boattail  pressure  distribution  and  on  the  boattail  pressure  drag  with 
reference  to  the  AGARD  models  and  a  model  of  the  HFB  320  engine  nacelle.  The  jet 
parameters  investigated  were  the  jet  temperature,  the  wake  and  jet  mixing,  the  internal 
nozzle  configuration,  and  the  jet  distortion.  Concerning  the  influence  of  jet  temperature 
two  contrasting  effects  were  observed.  These  differences  may  be  due  to  different  surlace 
temperatures  and  base  areas  of  the  models  tested.  Further  investigations  as  regards  these 
temperature  effects  seem  to  be  necessary.  Very  little  information  has  become  available 
on  wake  and  jet  mixing,  so  that  in  this  area  further  research  is  also  needed.  No  effect 
was  observed  for  changes  of  the  internal  nozzle  geomi'try  and  of  the  jet  distortion. 
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1.  INTRODUCTION 

The  paper  deals  with  the  influence  of  the  jet  parameters  on  the  boattail  surface  static  pressure  distribution  and 
pressure  drag  in  transoi  ic  flow  with  particular  reference  to  the  AGARD  models  and  a  model  of  the  HFB  320  engine 
nacelle.  The  latter  moilel  was  investipted  in  addition  to  the  AGARD  models  in  view  of  the  intended  full  scale  flight 
testing  of  this  engine  n  icelle  by  the  DFVLR.  The  jet  parameters  encompass 

(a)  Jet  temperat.ire 

(b)  Wake  and  jet  mixing 

(c)  Internal  nozzle  configuration 

(d)  Jet  distortion 

The  effects  of  the  above  parameters  are  discussed  by  mainly  referring  to  the  boattail  surface  static  presure 
distributions  and  in  some  cases  to  t^e  boattail  pressure  drag  coefficient.  Since,  because  of  the  wall  interference  and 
installation  effects,  the  flow  parameters  investigated  cannot  be  considered  in  isolation  of  the  testing  facilities  used, 
the  main  characteristics  of  the  wind  tunnel  facilities,  including  data  on  the  test  set-up  and  blockage,  are  presented  in 
Figure  1 .  A  survey  of  the  various  models  tested  by  Group  members  to  date  together  with  some  fundamental 
geometric  parameters  is  displayed  in  Figure  2.  in  this  connection  a  comparison  of  the  external  and  internal  model 
contours  of  the  AGARD  models  with  HFB  320  engine  nacelle  model  is  shown  in  Figure  3.  The  flow  parameters  in¬ 
vestigated  by  Groups  members  up  to  the  time  of  writing  are  summarized  in  Figure  4.  For  the  present  paper  the  in¬ 
formation  and  data  have  been  obtained  from  References  1-4. 


2.  EFFECT  OF  JET  TEMPERATURE 

Data  on  the  effect  of  the  jet  temperature  are  available  from  three  sources.  These  are  the  NLR  (NL),  where 
the  AGARD  model  with  the  IS”  boattail  angle  was  tested,  the  AEDC  (USA)  (AGARD  model  with  IS°  and  25° 
boattail  angle),  and  the  DFVLR  (GER  2).  In  the  case  of  the  latter  the  model  of  the  HFB  320  engine  nacelle  was 
tested,  and  the  hot  propulsive  jet  was  produced  by  combustion  of  jet  fuel  JP  4  with  compressed  air  in  a  combustion 
chamber  outside  the  model.  The  jet  temperature  could  be  controlled  by  varying  the  fuel  mass  flow.  At  the  NLR 
the  hot  jet  was  obtained  by  decompression  of  liquid  hydrogen  peroxide  in  a  gas  generator  situated  inside  the  model. 

With  reference  to  the  results.  Figure  S  shows  the  boundary  layer  velocity  and  total  temperature  profiles  at  the 
maximum  diameter  of  the  HFB  320  engine  nacelle  for  cold  and  hot  propulsive  jsts  (T,j  =  290  K  and  790  K 
respectively)  and  for  the  free  stream  Mach  number  Ma,  =  0.45.  From  the  above  measurements  it  is  evident  that, 
as  result  of  the  heat  conduction  within  the  model  for  the  hot  jet  condition,  the  surface  temperature  of  the  model 
exceeded  the  static  temperature  of  the  free  stream,  entailing  a  heat  transfer  from  the  model  to  the  free  stream.  This 
gives  rise  to  a  more  turbulent  shape  of  the  velocity  profile,  the  influence  being  equivalent  to  the  effect  produced  by 
boundary  layer  blowing.  The  DFVLR  measurements  cover  free  stream  Mach  numbers  up  to  M*  =  0.6,  while  NLR 
results  are  only  available  for  the  condition  of  jet  off.  Thus,  the  velocity  profiles  obtained  by  the  NLR,  and  which 
are  displayed  in  Figure  6,  can  only  give  an  insight  into  the  effect  of  high  subsonic  free  stream  Mach  numbers  on 
the  shape  of  the  velocity  profile.  No  boundary  layer  velocity  and  temperature  profiles  are  available  for  the  AEDC 
tests. 


Surface  temperature  distnbutions  for  the  model  of  the  HFB  320  engine  nacelle  and  Moo  =  0.45  are  presented 
in  Figure  7.  For  the  hot  jet  the  wavy  trend  of  the  curves  is  caused  by  the  structural  layout  of  the  model  of  the  engine 
nacelle,  since  at  the  attachment  points  of  the  model  to  the  jet  pipe  the  heat  flux  to  the  outer  surface  is  intensified 
in  comparison  with  the  more  insulated  intermediate  portions  of  the  nacelle.  The  slight  streamwise  rise  in  the  surface 
temperature  is  also  a  result  of  the  heat  conduction  within  the  model,  if  the  jet  discharging  from  the  nozzle  is  not. 

In  the  case  of  the  blown  boundary  layer  a  shift  of  the  curves  to  a  higher  temperature  level  is  observed  because  the 
air  iiyected  into  the  boundary  layer  was  at  a  higher  temperature  (340  K)  than  the  wind  tunnel  air  (280  K).  No 
surface  temperature  distributions  are  available  from  other  sources. 

Boattail  static  pressure  distributions  on  the  model  of  the  HFB  320  engine  nacelle  for  cold  and  hot  propulsive 
jets  and  Moo  =  0.45  and  0.6  are  plotted  in  Figures  8  and  9.  It  is  evident  that  with  the  hot  propulsive  jet  a 
general  reduction  of  the  boattail  surface  .tatic  pressure  is  associated.  As  already  indicated,  the  heat  transfer  from 


the  HFB  320  engine  model  to  the  free  stream  leads  to  a  shape  of  the  boundary  layer  velocity  profile  comparable  to 
that  of  a  blown  boundary  layer.  Consequently,  in  regions  of  surface  curvature  a  larger  centrifugal  force  is  established 
m  the  shear  ftuw  layer,  so  that,  as  tong  as  the  Surfa^v  curvature  is  convex  outwards,  the  boattaii  surface  static  pressure 
coefficient  is  decreased.  In  the  vicinity  of  the  nozzle  exit,  where  the  flow  curvature  necessarily  becomes  concave 
outwards,  a  rise  in  the  surface  static  pressure  coefficient  is  .o  be  expected.  Such  trend  is,  however,  not  observed. 
There  may  exist  several  reasons  for  this  discrepancy.  Firstly,  in  the  rear  portion  of  the  boattail  the  velocity  may 
have  changed  shape  from  that  measured  at  the  maximum  diameter  of  the  model  of  the  HFB  320  engine  nacelle. 
Secondly,  the  entrainment  of  fluid  from  the  free  stream  by  the  propulsive  jet  may  have  increased  in  the  hot  jet 
case  compared  with  the  cold  jet  case.  Both  these  factors  could  lead  to  a  reduction  of  the  static  pressure  coefficient 
in  the  rear  portion  of  the  boattail.  On  the  other  hand  it  is  known  that  at  a  given  nozzle  pressure  ratio  a  hot  jet 
possesses  a  larger  initial  jet  plume  angle  than  a  cold  jet.  The  displacement  effect  of  a  hot  jet  would  thus  be  more 
pronounced  than  for  a  cold  jet  and  lead  to  a  higher  static  pressure  coefficient  at  the  rear  end  of  the  boattail.  However, 
within  the  framework  of  the  present  AGARD  investigation  the  initial  jet  plume  angle  has  not  yet  been  measured  by 
the  DI'VLR.  Similarly,  no  results  concerning  the  magnitude  of  the  flow  entrainment  are  available.  Therefore,  at  this 
stage  no  conclusive  evidence  exists  as  regards  the  relative  importance  of  any  of  the  above  factors.  No  doubt  further 
research  has  to  be  undertaken  in  this  field.  Of  interest  in  connection  with  the  above  are  the  NLR  results  of  the 
effet.  '  { boattail  surface  temperature  on  the  boattail  pressure  distribution  of  the  AGARD  model  with  15°  boattail 
angle.  The  results,  shown  in  Figures  10  and  1 1  for  the  jet-off  case,  display  a  trend  similar  to  that  observed  for  the 
HFB  320  engine  nacelle  model  of  the  DFVLR  for  the  jet-on  condition.  A  detailed  discussion  of  these  NLR  results 
is  included  in  the  NLR  contribution  to  the  AGARDograph  In  contrast  the  AEDC  results  for  the  AGARD  model 
with  15°  boattail  angle,  which  are  displayed  in  Figures  I2anc'  13,  indicate  that  the  surface  static  pressure  coefficient 
grows  with  increasing  jet  temperature.  No  information  is  available  on  the  surface  temperature  of  the  model  of  the 
AEDC  tests.  However,  what  is  known  is  that  there  was  a  significant  difference  in  the  base  area  of  the  AE  model 
used  for  the  hot  jet  tests  compared  with  that  for  the  cold  jet  tests.  This  obviously  creates  problems  in  the  inter¬ 
pretation  of  the  results. 

The  boattail  pressure  drag  coefficient  for  the  model  of  the  HFB  320  engine  nacelle  is  shown  in  Figure  14  for 
the  cases  of  a  cold  and  a  hot  propulsive  jet  fTjj  ~  21^0  K  and  790  K.  respectively)  and  the  (tee  stream  Mach 
number  range  0.2  <  Moo  <  0.6.  The  corresponding  results  for  the  NLR-AGARD  model  with  15°  boattail  angle  and 
T,j  =  287  K  and  630  K  are  pl  'tted  for  0.8  <  Moo  <  0.969  in  the  same  figure. 

The  testtlls  teveai  opposite  ttwxh  iof  Uie  f’j,  -dfeiribtiHun  lor  these  l¥t.->  tnodek.  Wcfe  again  too  many  para¬ 
meters  like  free  stream  Mach  number  range,  NPR,  surface  temperature,  and  model  geometry  are  not  comparable  to 
allow  a  conclusion  to  be  reached. 


3.  EFFECT  OF  WAKE  AND  JET  MIXING 

A  propulsive  jet  discharging  from  a  nozzle  at  the  tail  end  of  an  afterbody  has  basically  two  effects  on  the 
surrounding  flow  field  and  therefore  on  the  aircraft.  Firstly,  the  jet  acts  like  a  solid  body  in  eliminating  the  wake 
and  displacing  the  external  flow,  and,  secondly,  it  entrains  fluid  from  the  surrounding  medium.  The  displacement 
effect,  especially  in  the  case  of  an  underexpanded  propulsive  jet,  causes  a  pressure  rise  at  the  tail  end  of  the  after¬ 
body  because  of  the  associated  concave  curvature  in  the  outward  direction  to  the  model  axis.  In  contrast,  the 
entrainment  of  the  jet  accelerates  fluid  particles  of  the  external  flow  in  the  neighbourhood  of  the  nozzle  exit  and, 
thus,  leads  to  a  static  pressure  reduction.  Only  limited  data  have  become  available  on  the  wake  and  jet  mixing. 
Therefore,  this  subject  will  be  discussed  by  referring  to  the  boattail  slatic  pressure  distributions  on  the  10°  boattail 
angle  AGARD  model  tested  by  the  DFVLR  (GER  1)  at  M*  =  0.95,  md  which  are  displayed  in  Figure  15.  On  turning 
the  jet  flow  on,  the  displacement  effect  overshadows  the  influence  of  the  entrainment,  since  the  pressure  coefficient 
in  the  vicinity  of  the  rear  and  of  the  afterbody  is  increased  for  NPR  >  1  .  The  NPR  range  1 .2-3.0  covers  .>he  regime 
of  subsonic  (Mj  =  0.5)  to  sonic  nozzle  flow  and  slight  underexpansion  (Pj/poo  =  15)  .  For  this  nozzle  flow  regime 
the  changes  in  the  entrainment  and  displacement  effects  are  balanced  in  such  a  way  that  with  increasing  displacement 
effects  (NPR  >  1.89)  no  significant  variation  in  the  pressure  distribution  occurs. 

Evidence  in  support  of  this  is  found  in  Figure  16,  showing  the  boattail  static  pressure  distributions  on  the  model 
of  the  HFB  engine  nacelle  for  a  cold  propulsive  jet  as  Moo  =  0.6  .  For  NPR  =  3  the  displacement  begins  to 
dominate  as  result  of  the  establishment  of  a  well  defined  jet  plume,  and  the  static  pressure  coefficient  in  the  rear 
portion  of  the  boattail  is  continuously  increased  as  the  NPR  becomes  larger.  This  is  confirmed,  for  example,  by  the 
AEDC  results  displayed  in  Figure  17.  The  above  holds  true  for  attached  flow  and  cases  of  slight  or  moderately  strong 
separation.  For  strongly  separated  flow  in  the  tail  end  portion  of  tne  boattail  the  opposite  trend  may  occur.  Details 
are  discussed  in  Reference  4. 


4.  EFFt  CT  OF  INTERNAL  NOZZLE  CONFIGURATION 

Cotww.i.tg  4he  of  Uw  eonOgunUko  JHx  we  vJily  wcdvbfcc  (cc  tbv  HF'E  310  ^rtgirii 

nacelle  model.  The  contours  of  two  different  nozzles  tested  are  shown  in  Figure  3.  It  was  found  that  the  boattail  st  ic 
pressure  distributions  obtained  with  the  AGARD  and  DFVLR  nozzles  did  not  differ  significantly.  The  results  dis¬ 
played  in  Figure  18  are  typical. 


played  in  Figure  18  are  typical.  These  represent  data  obtained  by  the  DFVLR  (GER  2)  and  correspond  to 
NPR  =  1.89,  M«,  =  0.45  ,  and  a  cold  propulsive  jet. 


5.  EFFECTS  OF  JET  DISTX'PTION 

The  effect  of  jet  distortion  was  investigated  by  the  NLR  and  the  UFVLR  (GER  2).  The  method  of  producing 
the  jet  distortion  adopted  by  the  NLR  was  to  make  use  of  pneumatically  operated  device  for  disturbing  the  flow 
inside  th:  jet  pipe.  The  DFVLR  investigation  centred  on  the  model  of  the  HFB  320  engine  nacelle.  Jet  distortion 
in  this  case  was  produced  by  coaxial  secondary  air  injection  round  the  circumference  of  the  propulsive  jet.  The 
results  of  Figure  19,  which  show  the  boattail  surface  static  pressure  distribution  on  the  NLR  AGARD  model  with 
I  S’*  boattail  angle  for  a  hot  propulsive  jet  and  M«,  =  0.966  ,  indicate  that  the  distortion  of  the  propulsive  jet 
produces  no  significant  effect  on  the  static  pressure  distribution.  This  holds  true  for  the  NPR  range  2.0  <  NPR  <  4.0 
and  0.8  <  Moo  <  0.966  .  Further  details  are  contained  in  the  NLR-contribution  to  the  AGARDograph.  DFVLR 
results  for  the  model  of  the  HFB  320  engine  nacelle  confirm  the  absence  of  any  marked  effect  of  the  jet  distortion 
on  the  boattail  static  pressure  distribution. 
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Fig.  I  Main  characteristics  of  the  wind  tunnel  facilities 
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Fig.4  Survey  of  the  flow  parameters  investigated 
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Fig.S  Boundary  layer  velocity  and  total  temperature  profiles  at  the  maximum  diametei  of  HFB  320  engine 
nacelle  model  for  cold  and  hot  propulsive  jets  (Moo  =  0.45) 


Pig.6  Boundary  laj'er  velocity  prorUes  for  the  NLR  IS*  AGARD  model  measured  at  a  position  of  2.91  diameters 

upstream  the  jet  exit  plane  at  Mo,  -  0.8  and  0.96S 
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Fig.9  Boattail  static  pressure  distributions  on  HFB  320  engine  nacelle  model  for  cold  and  hot  propulsive  jet  at 
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Fig.  1 1  Effect  of  boattail  surface  temperature  on  boattail  pressure  distribution 
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Fig.  18  Boattail  static  pressure  distributions  on  HFB  320  engine  nacelle  model  for  cold  propulsive  jet  at  Moo  =  0.45 
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1.  INTRODUCTION 

A  comparison  of  the  boattail  pres'  ire  distributions  from  data  presented  in  other  sections  of  this  report  shows 
that  there  is  a  significant  variance  in  the  data  obtained  in  the  various  facilities,  particularly  at  0.9  and  0.95  Mach 
numbers.  The  analysis  is  concentrated  on  the  15°  AGARD  boattail  tested  in  the  0.8  to  0.95  Mach  number  range. 
Differences  in  model  support,  model  scale,  tunnel  blockage,  tunnel  buoyancy,  wall  type  and  porosity,  and  deter¬ 
mination  of  tunnel  reference  flow  conditions  are  examined  in  an  attempt  to  understand  the  disagreement  in  the 
data.  Model  and  wall  static  pressure  distributions  from  various  facilities  are  analyzed  to  try  to  isolate  the  reasons 
for  these  differences  and  to  determine  if  there  is  a  significant  effect  on  the  flow  over  the  nozzle  boattail.  An 
indication  of  possible  wall  interference  is  obtained  by  comparing  the  measured  wall  static  pressure  distributions  to 
those  determined  analytically  with  a  far  field  boundary  condition  corre  iponding  to  free  flight  conditions. 


2.  TEST  FACILITIES  AND  MODEL  ARRANGEMENTS 

A  brief  description  of  each  facility  and  model  arrangement  used  to  test  the  15°  AGARD  boattail  is  given  in 
Figure.  1  Further  details  may  be  found  in  the  first  section  of  this  AGARDograph.  In  all,  six  different  facilities  were 
used  with  eight  different  model  arrangements.  The  first  two  facility/model  arrangements  shown  in  Figure  I  were 
both  in  the  AEDC  16T  Propulsion  Wind  Tunnel  with  the  difference  being  in  the  size  and  mounting  arrangement  of 
the  model.  The  compressible  flow  facility  (CFF)  at  Lockheed-Georgia  Company  (USA)  was  used  for  the  next  two 
facility/model  arrangements.  The  subscale  model  is  the  same  one  tested  previously  in  the  AEDC  I6T  tunnel  while 
the  other  model,  tested  in  the  CFF  (ARL  model),  had  the  same  relative  boattail  ordinates  as  the  subscale  model  but 
had  a  larger  diameter,  a  smaller  fineness  ratio  (L/d|^ax^  >  supported  by  a  sting  which  simulates  the  exhaust 

jet.  In  the  NASA  facility  the  model  was  supported  by  the  sting-strut  arrangement  as  shown.  In  the  NLR  facility, 
the  nozzle  model  was  installed  in  the  tunnel  using  struts  on  the  forebody,  while  in  the  ONERA  and  RR  facilities 
the  model  was  mounted  on  the  end  of  a  sting,  in  the  NLR  and  RR  facilities  static  pressures  on  the  body  surface  or 
on  the  wall  upstream  of  the  boattail  were  used  to  set  the  test  section  Mach  number.  For  the  AEDC,  NASA,  and 
ONERA  facilities,  the  test  conditions  (Mach  number  M«  and  static  pressure  -  Pw )  were  established  by  measuring 
the  test  section  plenum  and  tunnel  stagnation  pressures  and  using  appropriate  tunnel  calibration  data.  Test  conditions 
were  established  in  a  similar  manner  in  the  CFF;  however,  an  averaged  wall  static  pressure  (one  on  each  wall),  ahead 
of  the  model  location  was  used  instead  of  test  section  plenum  pressure  as  a  reference  static  pressure.  Figure  1  also 
provides  other  summary  information  pertinent  to  the  discussion  in  this  section. 


3.  BASIC  COMPARISON  OF  BOATTAIL  STATIC  PRESSURE  DISTRIBUTIONS 

A  comparison  of  the  pressure  coefficient  (Cp)  distributions  measured  on  the  15°  boattail  by  the  top  row  of 
pressure  orifices  for  five  different  facilities  is  shown  on  Figures  2(a)  through  2(d).  At  a  Mach  number  of  0.8  (Figure  2(a)) 
there  appears  to  be  very  little  variation  in  the  Cp  distribution  ahead  of  the  boattail.  However,  in  the  expansion 
region  over  the  shoulder  and  the  recompression  region  near  the  nozzle  exit  there  is  a  variance  in  the  Cp's  of 
approximately  0.05.  In  the  shoulder  region  the  RR  data  gives  the  highest  Cp  while  the  NASA  data  indicates  more 
expansion  (lowest  Cp  )  .  Near  the  exit  the  flow  over  the  RR  model  recompressed  to  the  lowest  values.  In  general, 
the  data  is  considered  to  be  in  good  agreement  at  0.8  Mach  number. 

Data  on  Figure  2(b)  at  0.9  Mach  number  indicates  that  there  is  very  little  difference  in  the  flow  over  the  shoulder 
(expansion  region)  for  the  various  sets  of  data.  More  instrumentation  might  have  revealed  a  variance  in  shock  position. 
The  flows  recompress  to  different  levels  near  the  nozzle  exit  with  a  variation  in  Cp  of  approximately  0.06  compared 
to  an  average  Cp  of  0.13.  At  a  Mach  number  of  approximately  0.95  (Figure  2(c))  the  data  in  the  expansion  region 
is  similar  for  all  the  facilities;  how  er,  there  is  a  significant  variance  in  the  recompression  region  (0.16  in  Cp)  . 

At  both  0.9  and  0.95  Mach  number,  the  data  indicates  that  flow  over  the  NASA  model  recompressed  to  the  lowest 
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pressure,  AEDC  and  RR  models  recompressed  to  the  highest  pressures  with  NLR  and  ONERA  in  between  these  data. 
The  data  at  0.9S  Mach  number  for  the  RR  model  must  be  questioned  due  to  the  fact  that,  according  to  the  facility 
description  elsewhere  in  this  report,  there  is  “visible  water  \apor”  in  the  test  section  above  about  0.9  Mach  number. 
Apparently  this  has  a  very  strong  influence  on  the  recompression  region. 

An  appreciation  of  the  importance  of  these  differences  in  the  pressure  data  from  the  different  facilities  can  be 
gained  by  determining  the  changes  in  pressure  drag  associated  with  the  variations  in  the  pressure  distributions. 

Nozzle  pressure  drag  coefficients  (Cpp  =  Dp/qooAMAX  determined  from  data  corresponding  to  that  shown  on 
Figure  2(a)  (Moo  =  0.80),  varied  from  O.OfO  to  0.026.  In  terms  of  aircraft  drag  these  values  range  from  0.0006  to 
0.0016  (approximately  2%  to  S%  of  total  aircraft  drag)  for  a  typical  single  engine  fighter  aircraft  with  a  fuselage 
area  to  wing  area  ratio  (Ay^^x/^w )  0.06.  A  more  significant  variation  is  observed  at  a  Mach  number  of  0.90 

where  the  nozzle  pressure  drag  determined  from  the  various  facilities  ranged  from  9.017  to  0.06S  or  from  0.0010 
to  0.0039  when  referenced  to  aircraft  wing  area.  These  latter  values  would  be  approximately  3%  to  1 2%  of  total 
aircraft  drag  at  a  Mach  number  of  0.9.  The  variation  in  drag  dctennined  at  a  Mach  number  of  0.9S  would  undoubt¬ 
edly  be  much  greater  due  to  the  larger  difference  in  the  pressure  data  shown  in  Figure  2(c). 

The  AEDC  data  shown  in  Figures  2(a)  thrrugh  2(c)  were  obtained  at  a  unit  Reynolds  number  of  2.S  x  I0‘/Ft 
(8.2  X  1 0* /meter).  From  Reynolds  number  excursions  made  in  the  AEDC  tunnel,  cross  plots  of  the  pressure  data 
were  made  and  compared  to  other  facilities  data  at  about  the  same  characteristic  Reynolds  number.  The  characteristic 
Reynolds  number  R^  5*  chosen  for  this  comparison  was  based  on  the  boundary  layer  displacement  thickness  (6*) 
approaching  the  shoulder  of  the  nozzle  boattail.  An  example  of  this  comparison  is  shown  in  Figure  2(d)  for  0.9 
Mach  number  where  it  is  seen  that  there  is  still  about  the  same  variation  in  the  data  as  in  Figure  2(b).  Thus  it  appears 
that  some  effect  (or  effects)  other  than  Reynolds  number  is  creating  the  more  significant  differences  in  the  flow  that 
were  observed.  However,  this  does  not  rule  out  the  fact  that  the  stale  of  the  boundary  layer  ahead  of  the  boattail  can 
have  a  definite  influence  on  the  Row  over  the  boattail.  Another  section  in  this  \GARDograph  discusses  this  aspect 
in  some  detail.  In  the  following  sections,  some  of  the  “otiier”  effects  which  might  give  rise  to  variances  of  the  re¬ 
compression  region  pressure  distribution  are  discussed. 

Pressure  distributions  on  the  10  and  25  degree  bcattails  tested  in  three  different  facilities  are  shown  on  Figures 
2(e)  and  2(0  respectively.  There  is  very  little  difference  in  the  distributions  for  the  10°  boattail;  however,  the  fion 
separated  at  a  higher  pressure  level  on  the  25°  boattail  in  the  AEDC  tunnel.  The  following  discussion  on  comparison 
of  data  between  facilities  concentrates  on  the  1 5°  boattail  as  it  was  tested  in  all  of  the  facilities. 


4.  MODEL  SUPPORT  AND  TESTING  TECHNIQUE  INFLUENCE 
4.1  Support  Interference  and  Flow  Asymmetry 

In  general  the  flow  around  the  AGARD  models,  tested  at  zero  angle  of  attack,  should  be  symmetric  unless  there 
some  influence  on  the  flow  of  a  support  mechanism  or  the  basic  flow  in  ths  wind  tunnel  test  section  is  nonunifomi. 
Asymnetrical  flow  on  the  boattail,  possibly  due  to  the  effects  of  support  interference,  can  be  observed  in  the  static 
pressure  distributions  measured  along  and  circumferentially  around  the  model,  and  in  the  boundary  layer  (total 
pressure)  measurements  upstream  of  the  boattail.  As  discussed  earlier  in  this  report,  (the  NASA  contribution  by 
Comptoi.  and  Runckel)  the  boundary  layer  measurements  on  the  strut  supported  NASA  model  indicated  that  the 
boundary  layer  on  the  bottom  of  the  model  was  slightly  thicker  with  a  somewhat  fuller  profile  than  the  boundary 
layer  on  the  top  and  side.  This  characteristic  is  likely  caused  by  mixing  in  the  wake  downstream  of  the  strut.  Static 
pressure  distributions  obtained  during  the  same  series  of  tests  (without  the  boundary  layer  rakes  installed)  also  give 
an  indication  of  some  flow  asymmetry  around  the  model  (see  Figure  3).  Comparison  of  the  Cp  distributions  at 
0°,  180°,  and  270°  on  the  15°  boattail  at  a  Mach  number  of  0.9,  indicates  a  greater  expansion  at  the  shoulder  and 
more  recompression  near  the  nozzle  exit  at  the  180°  peripheral  location  than  on  the  top  (0°).  This  trend  seems  to 
be  consistent  with  an  increased  effective  Reynolds  number  associated  with  a  fuller  upstream  boundary  layer  profile 
and  a  smaller  displacement  thickness.  Flow  asymmetry  can  result  in  small  variations  in  pressure  drag  depending  on 
which  row  of  pressures  is  used  to  calculate  the  drag.  An  example  of  this  is  given  in  the  description  of  the  AEDC 
contribution  by  Galigher  and  Jackson  to  the  AGARD  nozzle  study.  For  the  10°  boattail  at  0.9  Mach  number  and  a 
nozzle  pressure  ratio  of  3.0,  the  pressure  drag  coefficient  determined  for  the  rop  row  of  static  pressures  was  0.009 
compared  to  a  value  of  0.013  calculated  for  the  bottom  row.  Equivalent  aircraft  drag  coefficients  (referenced  to 
wing  area)  would  be  0.C)0O5  and  0.0008  respectively,  which  is  approximately  \%  to  3%  of  total  drag  for  a  typical 
single  engine  aircraft.  Thus,  if  the  model  is  at  zero  angle  of  attack,  flow  asymmetry  due  to  the  NASA  or  AEDC 
strut  arrangements  is  small  and  does  not  significantly  affect  the  comparison  with  data  from  the  other  AGARD  tests 
of  the  15°  boattail. 

In  addition  to  an  alteration  of  the  viscous  flow  on  the  model  surface  by  the  strut  wake,  which  is  a  local  effect, 
a  sting-strut  area  distribution  can  produce  pressure  waves  and  blockage  effects  which  can  be  transmitted  to  the  model 
in  subsonic 'transonic  flow.  This  type  of  strut  (or  stuig)  interference  can  have  a  significant  influence  on  the  flow  over 
the  boattail  at  higli  subsonic  Mach  numbers,  it  is  believed  that  such  an  influence  appears  in  the  data  shown  on 
Figures  4(a)  through  4(c),  which  compares  the  Cp  distributions  for  the  full  scale  model  at  AEDC'  and  the  subscale 
model  at  CFF  (same  relative  strut  arrangement,  as  shown  in  Figure  1)  with  the  subscale  model  at  AEDC  which  has 
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a  ating-itrut  arrangement.  Figure  4(d)  is  a  photograph  of  the  subscale  model  arrangement  in  AEDC.  Note  that  the 
rapid  area  change  of  the  support  mechanism  is  at  a  tunnel  location  slightly  upstream  of  the  boattail  on  the  model. 

As  the  Mach  number  increases  from  0.8  (Fij^-ure  4(a))  to  0.95  (Figure  4(c)),  there  is  a  substantial  variance  (lower  C-  ) 
with  the  strut-sting  mounted  model,  compared  to  the  models  supported  only  by  the  strut.  The  full  scale  AEDC  ana 
subscale  CFF  model  data  agree  at  all  Mach  numbers  and  with  a  CFF  tunnel  porosity  of  6%.  Although  there  is  a 
difference  in  blockage  as  well  as  a  different  strut  arrangement,  it  is  believed  that  strut  interference  is  the  predominant 
effect.  Figure  4(c)  shows  that  there  is  a  substantial  expansion  of  the  flow  upstream  of  the  shoulder  for  the  subscale 
model  in  the  AEDC  facility,  which  gives  a  higher  local  Mach  number  approaching  the  expansion  region  at 
X/d|^^x  ~  higher  Mach  number  apparently  increases  the  shock  strength  at  -  1.0  and  causes  the 

flow  to  separate  at  a  lower  pressure  than  for  the  other  model  arrangements. 

An  analysis  of  the  sub-scale  mounting  arrangement  was  conducted  to  determine  if  the  pressure  gradient  observed 
upstream  of  the  shoulder  could  be  caused  by  the  sting-strut  support  system.  First  the  area  distribution  of  the  sting- 
stmt  combination  was  equated  to  an  equivalent  body  of  revolution;  then  the  pressure  distribution  at  a  distance  away 
from  this  equivalent  body  corresponding  to  where  the  nozzle  model  would  be  located  was  computed  using  the 
transonic  analysis  techniques' .  Results  of  this  analysis  are  shown  at  0.95  Mach  number  in  Figure  4(e)  where  it  can 
be  seen  that  the  support  produces  an  expansion  upstream  of  the  shoulder.  Although  the  absolute  value  of  the 
calculated  Cp's  are  somewhat  higher  than  those  measured  experimentally,  it  is  an  indication  that  the  gradient  on  the 
cylindriciil  portion  of  the  model  ahead  of  the  boattail  could  be  caused  by  sting-stmt  interference.  Similar  calculations 
performed  on  the  NASA  sting-strut  arrangement  indicated  a  very  slight  influence  on  the  flow  over  the  model  upstream 
of  the  ^houlder,  compared  to  the  effect  observed  on  the  subscale  model  in  the  AEDC  tunnel. 

Other  indications  of  flow  asymmetry  around  the  model  were  observed  in  both  the  RR  and  the  ONEUA  tunnels. 
The  RR  data  indicated  a  fuller  boundary  lay  r  profile  on  the  bottom  (0  =  180°)  of  the  model  than  on  the  top  or 
side  for  all  Mach  numbers  tested^.  Data  from  the  ONERA^  tests  shows  variations  in  the  boundary  layer  profile 
measured  at  four  locations  around  the  model  (0  =  0°,  90°,  180°,  and  270°).  The  profiles  at  90°  and  270°  (near 
the  solid  wind  tunnel  walls)  were  different  from  the  profiles  measured  at  0°  and  180°  (near  the  perforated  walls). 
These  differences  could  be  created  by  the  dissimilar  walls,  or  could  possibly  be  due  to  model  misalignment  or  model- 
sting  support  interlerence. 


5.  WALL  POROSITY  EFFECTS 

Another  factor  that  can  influence  the  flow  over  the  model  when  testing  in  the  transonic  regime  is  the  test 
section  wal  porosity.  PcICnis  walh  %re  usod  to  he  If  uniforiti  flow  the  test  sesJlinn  transonically  and 

reduce  shock  reflections  at  supersonic  speeds.  In  tests  conducted  at  the  compressible  flow  facility  with  the  AEDC 
subscale  model  and  the  ARL  model,  the  test  section  porosity  was  varied  by  sliding  thk  walls  which  changed  the 
area  of  the  holes.  The  test  results  indicate  a  significant  influence  of  porosity  on  the  Cp  distributions  for  the  1 5° 
boattail  at  0.9  and  0.95  Mach  number  as  the  porosity  was  changed  from  2%  to  6%.  There  was  negligible  effect  of 
porosity  changes  below  0.9  Mach  number.  The  change  in  the  Cp  distributions  at  0.9  Mach  number  for  2%  and 
477)  porosity  is  shown  on  Figure  5.  As  the  porosity  increases,  the  absolute  level  of  the  pressure  increased  'increasing 
Cp's)  upstream  of  the  shoulder  and  in  the  recompression  region  near  the  nozzle  exit,  As  shown  in  Figure  4(b) 

((5.9  Mach  number),  the  6%  porosity  data  correlates  well  with  data  from  the  AEDC  tunnel  which  has  6%  porosity. 
Similar  trends  with  increasing  porosity  were  observed  on  the  ARL  model  in  the  same  facility*.  The  compressible 
flow  facility  may  exhibit  somewhat  stronger  trends  with  porosity  than  other  facilities  since  there  is  a  large  pressure 
difference  across  the  porous  walls.  Many  transonic  tunnels  operate  with  a  very  small  pressure  difference  between  the 
test  section  and  the  surrounding  plenum. 


6.  MODEL-WALL  FLOW  INTERACTIONS 

In  several  of  the  experiments,  static  pressure  along  the  wall  were  measured  as  well  as  the  pressure  levels  on  the 
surface  of  the  model.  These  pressure  distributions  can  give  some  indication  of  a  possible  interaction  between  the 
wind  tunnel  wall  flow  and  the  flow  over  the  model  by  comparing  the  experimental  wall  pressure  distribution  with 
that  predicted  at  the  wall  location,  but  with  a  far  field  boundaiy  condition  corresponding  to  free  flight.  The 
calculated  pressure  distribution  obtained  at  a  distance  away  from  the  model  equivalent  to  the  wall  location  being 
analyzed  is  considered  to  be  free  of  wall  interference.  If  the  measured  wall  pressures  are  significantly  different 
from  the  predicted  values,  there  may  be  some  influence  of  the  model  wall  interaction  on  the  boattail  flow.  Wall 
static  pressure  measurements  were  obtained  in  the  NLR,  RR,  ONERA,  and  NASA  facilities  and  will  be  discussed  in 
that  order  which  represents  a  decreasing  ratio  of  maximum  model  to  wind  tunnel  cross-sectional  area  (normally 
called  the  “blockage  factor”  for  strut  supported  models). 

When  considering  the  blockage  factor/area  ratio  in  the  NLR  and  RR  wind  tunnels  it  should  be  kept  in  mind  that 
the  AGARD  nozzle  tests  were  conducted  using  these  facilities  like  an  “annular”  wind  tunnel.  That  is,  the  Mach 
number  was  set  by  either  a  static  pressure  on  the  cylindrical  portion  of  the  model  (NLR)  or  by  the  static  pressures 
cn  the  tunnel  wall  opposite  the  cylindrical  portion  of  the  model  (RR).  This  experimental  technique  does  not  pro- 
dace  a  blockage  in  the  usual  sense,  where  a  model  is  introduced  into  a  wind  tunnel  flow  which  is  set  at  a  particular 
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Mach  number  using  the  plenum  pressure  as  a  reference.  In  the  NLR  and  RR  test  technique  used  for  the  AGARD 
tests,  there  is  a  rapid  area  change  near  the  exit  of  the  model,  producing  expansion  and  compression  waves  which  are 
transmitted  to  the  wall  and  may  in  turn  be  reflected  back  to  the  model;  in  transonic  flow,  these  pressure  disturbances 
are  transmitted  in  a  generally  lateral  direction. 

Data  obtained  in  the  NLR  facility  at  Mach  numbers  of  0.8,  0.8S,  0.90,  0.96  are  shown  in  Figures  6(a)  through 
6(d).  As  the  free  stream  Mach  number  increases,  the  Cp  on  the  wall  at  a  tunnel  location  corresponding  to  the 
nozzle  boattail  shoulder  becomes  more  negative.  This  indicates  a  higher  Mach  number  on  the  wall  than  the  reference 
Mach  number.  The  data  at  0.96  Mach  number  (Figure  6(d))  indicates  that  the  flow  is  supersonic  (Cp  <  Ct)  across 
the  test  section,  from  the  model  to  the  wall.  This  is  an  indication  of  a  rather  strong  interaction  between  the  wall 
and  the  model  at  this  condition.  From  the  data  on  Figure  6(b)  it  can  be  observed  that  there  is  a  slight  change  in 
the  wall  pressures  between  jet  on  and  jet  off,  indicating  that  the  nozzle  jet  plume  changes  what  could  be  considered 
the  effective  body  in  the  test  section. 

As  stated  previously,  a  better  indication  of  wall-model  interaction  can  be  obtained  by  comparing  the  measured 
wall  pressures  with  those  predicted  using  a  far  Field  boundary  condition  corresponding  to  free  flight  (Cp  =  0), 
at  the  reference  Mach  number.  The  predicted  wall  pressures  were  computed  in  two  different  ways.  In  the  First 
method  a  direct  calculation  of  the  flow  Field  around  the  body  is  perfc  rmed  which  gives  the  pressure  distribution  on 
the  model  surface  and  at  the  wall  location.  This  type  calculation  was  made  using  procedures  developed  by  Calarese’ 
and  by  Krupp  and  Murman' .  Figure  7(a)  compares  the  model  surface  pressure  distributions  calculated  by  these 
methods  with  the  experimental  data  from  AEDC  at  0.9  Mach  number.  The  theoretical  pressure  coefficients  are 
slightly  higher  than  experiment  in  the  recompression  region.  In  the  second  method  of  predicting  the  wall  pressures, 
the  experimental  body  pressure  distribution  is  prescribed  as  a  boundary  condition  and  the  wall  pressure  is  then 
calculated  with  a  far  Field  boundary  condition  corresponding  to  free  flight  using  a  modiFied  Murman  and  Cole  analysis 
technique*. 

Figure  7(b)  compares  the  predicted  wall  pressure  distributions  (free  flight  condition)  with  the  experimental  data  in 
the  NLR  facility  at  0.9  Mach  number.  The  increment  between  the  theoretical  and  experimental  distributions  is 
assumed  to  be  a  measure  of  the  wall  interaction  effect.  Although  there  is  some  disagreement  in  the  various  theoretical 
results,  the  experimental  data  shows  a  substantially  lower  (more  negative)  Cp  on  the  wall,  which  would  indicate 
that  the  flow  at  this  location  (Rwall/^max  ~  ^  somewhat  higher  Mach  number  than  if  the  wall  was 

not  present.  The  radius  Rwall  ^'s^nce  from  the  model  center  line  to  the  test  section  wall.  If  the  Mach 

number  near  the  body  is  also  increased,  due  to  the  presence  of  the  wall,  the  boattail  would  be  expected  to  have 
less  recompression,  which  is  the  usual  trend  of  the  boattail  flow  Field  with  increased  Mach  number.  In  this  case,  it 
might  be  more  appropriate  to  compare  the  NLR  data  at  0.9  Mach  number  with  data  from  another  facility  (with  re¬ 
duced  wall  interaction)  at  a  somewhat  higher  Mach  number. 

Model  and  wall  static  pressure  data  were  obtained  in  the  Rolls  Royce  (RR)  facility  where  the  “blockage  factor” 

IS  3.6%  with  the  15^  AGaRD  boattail  model  installed.  The  expenmenta)  pressure  distnbutions  on  the  model  and  at 
the  wall  (Rwall /*^MAX  =  2.67)  are  shown  in  Figures  8(a)  and  8(b)  for  0  91  and  0.95  Mach  number  respectively. 

7he  wall  prcwure  diatrlbutkin  it  timikir  tu  thal  obvrvuJ  In  ifu  Ml  K  taciUly  but  ttu  absduU:  vahu'  uf  llu<  r^'t  an 
considerably  reduced,  consistent  with  the  wall  being  farther  away  from  the  model.  This  result  is  veriFied  by  the 
theoretical  prediction  of  the  wall  pressures  shown  in  Figure  9.  All  the  theoretical  curves  are  in  essential  agreement  and 
indicate  that  there  is  a  slight  increment  between  the  theoretical  wall  pressures  (free  flight  boundary)  and  the  measured 
wall  pressures.  The  result  using  the  method  of  Krupp  and  Murman'  predicts  a  somewhat  larger  model-wall  flow 
interaction  than  the  other  approaches.  The  effect  of  this  interaction  on  the  nozzle  boattail  flow  would  be  expected 
to  be  similar  to  that  for  the  NLR  data,  but  less  severe.  The  tunnel  reference  pressure  is  an  average  of  three  static 
pressures  on  the  wall  approximately  Five  body  diameters  upstream  of  the  nozzle  exit  and  any  influence  of  the  model 
on  the  flow  at  the  wall  could  possibly  have  some  effect  on  these  pressures. 

Predicted  and  wall  pressure  coefFicients  measured  during  tests  of  the  AGARD  15°  boattail  model  at  0.9  Mach 
number  in  the  ONERA  facility  are  shown  on  Figure  10.  The  results  shown  are  for  the  model  with  the  smallest 
diameter  (D^^^x  “  *0  which  gives  an  equivalent  “blockage  factor”  of  0.7%.  The  tunnel  wall  is  at 
Rwall/Dmax  “  5.27.  Although  there  is  a  significant  difference  between  the  theoretical  wall  pressures  computed 
with  a  free  flight  boundary  and  the  measured  wall  pressures,  which  could  be  interpreted  as  a  wall  interaction,  the 
measured  wall  pressure  distribution  appears  to  have  a  shape  associated  more  with  a  pressure  gradient  in  the  wind 
tunnel.  Comparing  this  wall  pressure  distribution  with  that  observed  in  Figures  7  and  8,  it  is  noted  that  the  wall  Cp 
does  not  return  to  zero  downstream  of  the  nozzle  exit  in  the  ONERA  facility  as  it  does  in  the  NLR  and  RR  wind 
tunnels.  From  the  measured  pressure  distributions,  it  appears  that  the  flow  on  the  cylindrical  part  of  the  model  is 
at  a  slightly  higher  Mach  number  than  the  reference  Mach  number.  1  he  reference  pressure  used  to  determine  the  free 
stream  conditions  is  measured  in  the  plenum  of  the  ONERA  tunnel;  it  is  assumed  that  this  measured  pressure  is 
compared  to  calibration  information  to  establish  the  test  section  reference  flow  conditions  (Moo  and  Poo)  .  If  the 
wind  tunnel  has  a  pressure  gradient,  a  more  realistic  comparison  of  analytical  id  measured  wall  pressures  would  be 
to  consider,  as  the  measured  wall  pressure,  the  difference  with  and  without  the  model  installed.  The  distribution  of 
wall  pressure  downstream  of  the  model,  shown  in  Figure  10,  indicates  that  the  flow  downstream  of  the  model  may 
be  adversely  affecting  the  flow  over  the  boattail  of  the  model.  This  effect  is  discussed  later  under  “Diffuser  and 
Back-Pressure  Effects”.  Another  indication  of  a  model-wall  flow  interaction  was  observed  from  the  results  of  the 


ONERA  invMtigation  in  which  three  models  with  different  maximum  diameters  ( 1 5°  boattail  nozzle)  were  tested 
at  various  Mach  numbers.  The  pressure  distributions  on  the  nozzle  did  not  vary  much  over  the  shoulder  (expansion  region) 
as  increased  from  80  mm  to  120  mm,  however,  near  the  nozzle  exit  there  was  less  flow  recompression. 

This  was  particularly  evident  at  a  Mach  number  of  0.95  and  is  an  indication  that  the  local  Mach  number  ahead  of 
the  boattail  is  increasing  with  increasing  diameter;  this  would  have  the  effect  of  reducing  the  pressures  in  the  re¬ 
compression  region. 

Model  and  wall  static  pressure  data  shown  on  Figures  1 1(a)  and  1 1(b)  was  obtained  in  the  NASA  facility  at 
0.9  and  0.95  Mach  number  with  the  1  S°  boattail  model  installed.  The  absolute  level  of  the  wall  static  pressure 
coefficients  at  the  wall  is  very  small,  indicating  that  the  wall-model  interaction  is  negligible  in  this  facility 
^^WAU./^MAX  “  14.4).  This  was  verified  by  the  analytical  techniques  which  prcdirted  a  maximum  wall  Cp  of 
0.002  St  0.9  Mach  number,  due  to  the  presence  of  the  body.  The  variation  of  the  wall  pressure  data  presented  in 
Figures  I  t(a)  and  1 1(b)  is  within  the  accuracy  of  the  pressure  instrumentation  used.  In  the  NASA  facility  the  test 
section  Mach  number  and  free  stream  pressure  (Poo)  are  determined  from  a  tunnel  empty  calibration  and  measured 
values  (during  the  test)  of  stagnation  pressure  and  plenum  static  pressure. 

Although  wall  pressure  measurements  were  not  made  in  the  AEDC  facility,  theoretical  predictions  indicate  that 
the  wall  pressure  coefficient  would  not  exceed  0.002.  Thus  it  is  felt  that  the  larger  tunnels  used  in  the  AGARD 
study,  with  blockage  factors  of  less  than  one  percent,  have  very  little  wall-model  interaction.  However,  other  test 
technique  variables  or  a  combination  of  unknown  effects  may  contribute  to  discrepancies  in  the  measured  nozzle 
pressure  distributions. 


7.  BACK  PRESSURE  AND  DIFFUSER  EFFECTS 

The  above  analysis  of  the  results  from  the  various  facilities  accounts  for  some  of  the  differences  observed  in 
the  data,  but  it  is  still  not  entirely  clear  why  there  exists  large  differences  in  the  pressure  distributions  near  the 
nozzle  exit  (recompression  region),  especially  at  Mach  numbers  of  0.9  and  0.95.  An  explanation  of  part  of  this 
discrepancy  is  that  the  local  fiow  conditions  over  the  boattails  are  not  similar  between  facilities  even  when  test 
section  reference  conditions  (Moo  and  Poo)  are  supposedly  the  same.  There  are  undoubtedly  several  reasons  for 
the  local  flows  being  dissimilar  including  support  type,  tunnel  blockage,  tunnel  buoyancy,  etc.  Tunnel  buoyancy  has 
not  been  addressed  directly  in  the  discussion  so  far  other  than  noting  that  there  was  a  possible  pressure  gradient  in 
some  of  the  test  sections  (e  g.  the  ONERA  facility). 

An  analysis  of  the  pressure  data  obtained  along  the  tunnel  walls  and  on  the  model  in  several  of  the  facilities 
indicates  there  might  be  an  influence  on  the  flow  over  the  model  of  a  pressure  gradient  in  the  test  section  (tunnel 
buoyancy)  or  of  the  close  proximity  of  the  diffuser  back  pressure  to  the  end  of  the  model.  An  analysis  of  the 
information  shown  on  Figure  12  gives  some  indication  of  what  might  be  causing  so  ue  of  the  differences  in  the  data. 
The  Mach  number  distribution  along  the  test  section  and  into  the  diffuser  fo*^  the  four  facilities  indicates  the 
magnitude  of  any  pressure  gradient  and  of  course  any  model-wall  flow  i.uei  action.  As  can  be  seen  from  the  data 
in  Figure  12,  the  local  Mach  number  distribution  along  the  wall  in  the  ONERA  tunnel  indicates  a  rather  significant 
increasing  pressure  gradient  in  the  test  section  prior  to  the  flow  entering  the  diffuser.  There  was  insufficient  data 
from  the  NLR  facility  to  establish  a  trend.  The  data  shown  on  Figure  12  for  NLR  is  undoubtedly  being  influenced 
by  the  flow  over  the  model.  The  data  from  the  RR  facility  indicates  an  increasing  pressure  gradient  as  the  flow 
approaches  the  diffuser. 

For  the  NASA  facility,  data  from  the  AGARD  tests  along  with  data  obtained  during  the  tunnel  calibration  was 
used  to  gain  some  insight  into  the  behaviour  of  the  flow  through  the  tunnel  test  section  and  into  the  diffuser.  As 
discussed  previously,  the  presence  o;  the  model  in  the  test  section  had  very  little  influence  on  the  wall  pressure 
distributions;  any  pressure  gradient  observed  is  there  with  and  without  the  mode  1  present.  As  shown  on  Figure  12. 
the  Mach  number  distributions  along  the  wall  of  the  diffuser  in  the  NASA  facility  indicate  that  the  flow  first  expands 
and  then  recompresses.  However,  data  obtained  along  the  center  line  (obtained  during  tunnel  calibration)  indicates 
only  a  flow  deceleration  (recompression)  as  the  flow  enters  the  diffuser.  Of  note  here  is  the  proximity  of  the 
nozzle  exit  to  the  diffuser  for  the  NASA  model  arrangement. 

The  Krupp  and  Murman  analytical  technique  cited  previously'  was  used  to  analyze  the  pos.sible  effects  on  the 
flow  over  the  boattail  of  a  pressure  distribution  downstream  of  the  nozzle  exit  similar  to  that  observed  in  the  NASA 
facility.  This  was  accomplished  by  inputting  the  experimental  back  pressure  distribution  as  a  boundary  condition. 

The  inviscid  flow  analysis  indicated  an  increase  in  the  pressure  level  of  the  flow  over  the  simulated  plume  and 
boattail.  A  similar  analysis  performed  to  assess  the  effect  of  the  sting  flare  arrangement  in  the  NASA  facility  also 
indicated  a  very  slight  (A  Cp  =  0.002)  increase  in  the  pressure  in  the  flow  field  near  the  nozzle  exit.  The 
experimental  data  obtained  on  the  NASA  model  indicates  that  the  flow  possible  separated  at  a  lower  pressure  than 
on  the  models  in  the  facilities.  It  is  felt  that  the  diffuser  back  pressure  could  create  a  more  adverse  pr.’.ssure  gradient 
for  the  boattail  flow  to  negotiate  in  the  recompression  region,  thereby  causing  the  flow  to  separate  at  .■  iower 
pressure.  A  similar  effect  in  the  RR  and  ONERA  facilities  could  explain  some  of  the  differences  observed  in  the  data 
at  Mach  numbers  0.9  and  0.95.  The  experimental  results  appear  to  indicate  that  the  diffuser  back  pressure  h-s  less 
effect  on  the  flow  over  the  models  in  the  facilities  where  the  nozzle  exit  is  further  from  the  diffuser  (see  Figures  2(b) 


and  2(c)).  This  would  be  especially  true  in  the  AEDC  facility  where  the  model  nozzle  exit  is  over  20  model  diameters 
upstream  of  the  diffuser  entrance. 


8.  FINENESS  RATIO  AND  TUNNEL  TURBULENCE  EFFECTS 

Also  investigated  as  a  possible  explanation  of  part  of  the  differences  was  the  influence  of  model  length  on  the 
results  obtained  in  the  NASA  facility.  The  inviscid  flow  was  calculated  over  two  bodies  that  differed  only  in  length. 
One  body  had  a  fineness  ratio  of  14.9  (AEDC  model)  while  the  other  had  the  fineness  ratio  of  the  NASA  model 
(L/d,^^x  ~  10.7).  At  a  Mach  number  of  0.9  the  results  indicate  that  the  local  Mach  number  ahead  of  the  boattail 
would  be  higher  on  the  model  with  the  lower  fineness  ratio.  This  would  in  turn  indicate  a  stronger  shock-boundary 
layer  interaction  and  the  possibility  of  the  flow  separating  at  a  lower  pressure. 

It  has  been  shown  (e.g.  see  Reference  7)  that  the  degree  of  freestream  turbulence  or  noise  in  a  tunnel  can  in¬ 
fluence  the  flow  over  a  model.  As  reported  in*,  the  minority  of  investiptions  in  this  area  have  concentrated  on 
the  effect  of  tunnel  turbulence  or  noise  on  the  transition  from  laminar  to  turbulent  flow  in  the  boundary  layer. 
According  to  the  results  presented  in  Reference  7,  the  NASA  facility  has  a  very  low  turbulence  level  through  the 
transonic  Mach  number  range.  This  could  influence  the  flow  over  the  model  boattail  in  such  a  way  that  the  flow 
separates  at  a  lower  pressure  than  it  would  on  the  same  model  located  in  a  flow  field  that  has  more  freestream 
turbulence.  In  general,  with  increased  turbulence  and  mixing  in  the  boundary  layer  there  is  a  tendency  for  the  flow 
to  remain  attached  longer  in  an  adverse  pressure  gradient.  The  information  presented  in  References  9  and  10  gives 
some  indication  of  how  tunnel  freestream  turbulence  or  noise  might  influence  the  boundary  layer  flow  on  a  boat- 
tail  model;  however,  there  need®  t"  he  a  more  thorough  investigatim  of  how  iiiimei  turbulence  or  noise  can  eflecl 
flow  separation  on  a  model  such  as  those  investigated  during  the  AGARD  study. 


9.  SUMMARY 

Expvthiwnia!  data  or  the  AGaRD  15“  boaitiil  ftwi  «x  fauilfWes  wrivig  eight  diWWwi  nuxial  amnge- 
ments,  obtained  under  the  cooperative  AGARD  investigation,  has  been  analyzed  in  an  attempt  to  isolate  the  causes 
of  observed  variances  in  the  pressure  distribution  on  this  axisymmetric  model.  Although  the  test  data  was  not 
originally  obtained  to  determine  specific  transonic  test  technique  effects,  it  is  believed  that  a  comparative  analysis  of 
the  results  has  provided  valuable  insight  into  the  influence  of  mode)  installation,  support  arrangements  and  test 
procedures.  In  many  cases,  further  experimental  and  analytical  research  is  needed  before  these  effects  can  be  fully 
understood  and  quantified  for  an  accurate  assessment  of  their  influence  on  aircraft  and  missile  performance  in  the 
transonic  speed  regine. 

Based  on  the  rather  limited  comparative  anaiysis  of  data  on  one  of  the  AGARD  nozzle  configurations,  the 
following  general  observations  are  drawn: 

(a)  In  the  transonic  flow  regime,  it  is  extremely  important  to  accurately  determine  the  true  Mach  number  and 
reference  pressure.  A  very  small  change  in  these  parameters  can  have  a  significant  effect  on  the  boattail 
flow.  Comparison  of  data  from  one  facility  to  another  must  be  very  carefully  based  on  the  same  reference 
conditions.  These  reference  conditions  may  be  influenced  by  the  model  itself,  tunnel  calibration  variations 
with  flow  parameters  including  Reynolds  number,  or  by  atmospheric  conditions  such  as  water  vapor  content. 

(b)  Model  support  systems  can  cause  a  local  effect  on  the  boattail  flow  by  interaction  of  the  strut  or  sting 
flow  with  the  flow  on  the  model.  For  the  model  arrangements  used  in  the  AGARD  study,  this  effect  is 
primarily  manifested  in  a  flow  asymmetry  over  the  boattail  which  may  result  in  a  slight  increase  in  pressure 
drag  on  the  aft  portion  of  the  model.  Flow  asymmetry  does  not  seem  to  be  responsible  for  a  significant 
part  of  the  overall  variance  observed  in  the  data.  However,  model  support  systems  can,  under  certain 
circumstances,  alter  either  the  flow  field  approaching  the  boattail  or  the  flow  field  downstream  of  the  model 
in  a  way  that  the  flow  separation  point  (present  on  most  nozzle  configurations  in  transonic  flow)  is  changed 
dramatically.  Thus  one  must  be  concerned  about  the  pressure  field  created  by  the  support  system  if  there 

is  any  possibility  that  these  flow  fieids  can  interact  with  the  test  article. 

(c)  In  transonic  flow,  disturbances  from  the  model  and  the  wall  are  transmitted  in  a  nearly  lateral  direction 
across  the  flow  field  between  the  two  surfaces.  Even  in  the  absence  of  flow  restriction  (blockage)  by  the 
model,  the  model  and  wall  flow  fields  can  interact  to  alter  the  flow  over  the  boattail.  Data  from  the 
various  AGARD  facilities  indicate  that  this  interaction  decreases  rapidly  as  the  non-dimensional  distance 
from  the  model  centerline  to  the  tunnel  wall  (Rwa. /*^max  1  increases  from  1.68  to  14.4.  For  the  boat- 
tail  shape  tested,  the  model  wall  interaction  appears  to  place  the  aft  portion  of  the  boattail  in  a  higher 
Mach  number  flow  field  than  indicated  by  the  reference  conditions.  The  true  measure  of  the  interaction 
should  be  based  on  the  increment  between  the  measured  wall  pressures  and  those  computed  at  the  wall 
surface  with  a  far  field  boundary  condition  corresponding  to  free  flight.  Thus  the  theoretical  analyses  are 
used  to  put  the  experimental  results  into  proper  perspective.  It  seems  obvious  then,  that  improved  transonic- 
test  techniques  and  improved  theoretical  analyses  must  be  developed  together. 


ii'i. 
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(d)  The  flow  fleld  downstream  of  the  model  can  also  be  very  important  in  determining  the  flow  over  the 

boattail,  particularly  in  the  recompression  region.  If  the  facility  produces  a  pressure  gradient,  even  without 
the  model  in  the  wind  tunnel,  which  alters  the  point  of  separation  on  the  boattail,  there  can  be  a  significant 
change  in  the  pressure  distribution  in  the  recompression  region.  Analysis  of  data  from  various  facilities 
where  the  iocation  of  the  wind  tunnel  diffuser  varied  between  2.3  and  6. 1  model  diameters  from  the  exit 
of  the  nozzle  model  indicates  that  some  the  variance  observed  in  the  pressure  distributions  could  be  caused 
by  an  increased  back  pressure  which  may  move  the  separation  point  upstream  on  the  model.  If  this  occurs, 
reduced  pressures  in  the  recompression  zone  would  be  expected. 

It  is  felt  that  further  experimental  and  analytical  research  is  necessary  to  fully  understand  the  influence  of 
transonic  test  technique  variations  on  the  data  obtained,  but  the  AGARD  study  has  made  a  substantial  contribution 
to  pining  insight  into  some  of  these  effects. 
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Fig.2(a)  Model  surface  pressure  distributions  in  different  facilities 
15°  boattail,  M«,  =  0.80 
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Fig.2(b)  Model  surface  pressure  distributions  in  different  facilities 
15°  boattail,  M„  =  0.90  to  0.91 


0GL4  1.2  1.0  as  0.6.^'X  ,:,0.2A‘^0 


SYM 

FACILITY 

NPR 

0 

AEDC 

3.0 

0.95 

□ 

ONERA 

3.6 

0.95 

0 

RR 

3.2 

0.95 

A 

NASA 

3.0 

0.95 

Ci 

NLR 

3.3 

a9S 

t  o 


Fig.2(c)  Model  surface  pressure  distributions  in  different  facilities 
15*  boattail,  M«  =  0.95  to  0.96 
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Fig.2(d)  Model  surface  pressure  distributions  in  different  facilities 
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Fig.2(e)  Model  surface  pressure  distributions  in  different  facilities 
10“  boattail,  M*  =  0.90 
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Fig.4(b)  Surface  pressure  distributions  or  AEDC  full  scale  and  subst.ile  models 
15°  boattail,  NPR  *  3.0,  Moo  =  0.90 


rig.4(c)  Surface  pressure  distributions  on  AFPC  full  scale  and  subscale  models, 
15°  boattail.  NPR  =  3.0,  M^  =  0.95 


Fi,i.4(d)  Photograph  of  subscale  model  installed  in  AEDC  I6T  tunnel 


□  SUB- SCALE  MODEL  TEST  DATA,  M, 
—  IHEORY  REF.  1,  Mcd-0.95 


EFFECTIVE 


Fig.4(e)  Calculated  and  measured  Cp  at  M«  =  0.95  due  to  sting-strut  interference 
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Fig.6(b)  Model  surface  and  tunnel  wall  pressure  distributions  in  the  NLR  facility 
15“  boattail,  Mo=  =  0.85,  jet  off  &  NPR  =  3.16,  Rwall/^max  =  ' 
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Fig.6(c)  Model  surface  and  tunnel  wall  pressure  distributions  in  the  NLR  facility 
15“  boattail.  Moo  =  0.90,  jet  off,  Rwall/^max  “ 
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FiK.7(b)  Calculated  and  measured  wall  pressure  distributions  for  the  NLR  facility, 
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Fig.8(a)  Model  surface  and  tunnel  wall  pressure  distributions  in  the  RR  ficility, 
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Fig.9  Calculated  and  measured  wall  pressure  distributions  for  the  RR  facility, 
Mco  =  0.91,  Rwall/^ax  “  2.67 
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SUMMARY 

Recent  aftbody  drag  reeulta  obtained  Irom  different  tranaonic  wind  tunnel  meaaurementa  ahowed 
auch  large  increaaer.  in  aftbody  preaaure  drag  with  increaaing  Reynolda  number  that  extrapolation  to  full 
acale  became  queationable.  The  preaent  paper  triea  to  clarify  thin  unexpected  Reynolds  number  effect 
with  the  aim  of  contributing  to  improved  teating  techniquea. 

An  analyaia  of  a  wind  tunnel  inveatigation  at  Mach  number  0,  8  on  a  aeries  of  axisymmetric  bodies 
showed  as  main  result  that  varying  Reynolds  number  produced  in  the  wind  tunnel  opposite  changes  in 
pressure  drag  on  fore-  and  aftbody,  respectively.  It  is  explained  that  this  result  probably  was  caused  by 
small  deviations  in  free  stream  static  pressure  to  which  part-models  are  by  an  order  of  magnitude  mnr>> 
sensitive  than  complete  models.  Therefore,  unless  a  wind  tunnel  is  calibrated  to  considerably  better 
standards  than  usual  it  is  recommended  to  take  into  account  the  compensating  effects  on  the  forebody; 
the  buoyancy  corrections  due  to  pressure  gradients,  however,  have  to  be  considered  in  addition.  In  the 
present  measurements  the  changes  of  the  mean  wall  pressures  seemed  to  correlate  with  the  correspon¬ 
ding  changes  on  the  model  and  were  used  as  a  correction  term. 

Finally  it  is  pointed  out  that  modifications  in  aftbody  geometry  affect  forebody  drag.  Results  from 
the  commonly  used  aftbody  test  rigs  with  forebodies  fixed  to  the  ground  therefore  need  appropriate 
corrections. 
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A  Cross-section  of  body 
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1.  INTRODUCTION 

The  correlation  ol  wind  tunnel  reaulta  obtained  from  email  icale  models  with  full  icalc  flight 
measurements  is  an  old  problem  In  drag  determination  since  the  real  flight  Reynolds  numbers  can  be 
very  seldom  achieved.  In  the  past,  therefore,  one  attempted  to  build  models  as  big  as  possible  and  also 
to  cover  large  Reynolds  number  ranges.  This  led  to  the  construction  of  huge  wind  tunnels  a>id,  for  the 
high  densities  and  Reynolds  numbers  respectively,  to  enormous  installed  power  levels.  In  order  to  raise 
the  accuracy  of  measurement,  one  also  tried  to  weigh  only  a  minimum  of  wetted  surfaces  when  making 
force  measurements,  i.e.  it  was  atte..ipted  not  to  weigh  the  complete  model  but  only  a  part  of  it.  When 
measuring  aftbody  drag,  therefore,  the  forebody  and  also  the  wing  and  tailplancs  were  fixed  to  the  ground. 

The  Reynolds  number  investigations  which  were  conducted  in  these  facilities  (wind  tunnel  plus 
test  rig)  did  not  always  lead  to  the  hoped  for  clarification  of  the  Reynolds  number  influence.  On  the 
contrary,  some  of  these  measurements  produced  such  unexpected  results  that  fundamental  doubts  arose 
about  their  validity.  This  paper  attempts  to  clarify  some  of  these  dubious  Reynolds  number  effects  and 
also  to  illustrate  basic  interrelations,  thereby  contributing  to  a  better  drag  synthesis  as  well  as  to  an 
improved  testing  technique. 

2.  UNEXPECTED  REYNOLDS  NUMBER  INFLUENCE 

Aftbody  drag  levels  recently  measured  with  different  models  in  different  tunnels  showed  an 
increase  in  aftbody  pressure  drag  coefficient  with  increasing  Reynolds  number  (lig.  1).  Adding  friction 
reduces  this  increase  but  does  not  eliminate  it.  However,  a  dccre.'ising  tendency  had  been  expected 
similar  to  the  trend  of  the  fully  turbulent  fiat  plate  or  similar  to  profile  drag  coefficients  of  slender 
airfoils  (compare  c.g.  profile  drag  values  computed  by  Squire  and  Young,  ref.  I  ),  The  rapid  rise  of 
a'tbody  drag  coefficient  with  Reynolds  number  makes  it  questionable  whether  these  data  can  be  extra¬ 
polated  to  full  scale.  Even  whes,  as  widely  practised,  one  uses  only  differences  in  drag  from  wind 
tunnel  measurements,  the  problem  regarding  the  drag  difference  between  aftbody  No.  1  und  No.  3 
remains  essentially  the  same,  because  curves  1  and  3  are  not  parallel  to  each  other. 
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Fig.  1  Reynolds  ni  h  her  eifect  on  aftbody  drag 


Curvet  1  and  3  In  fig.  I 
•tem  from  wind  tunnel  meaiurementt 
conducted  by  MBB  in  the  Im  x  Im  tranionic 
tunnel  of  DFVLR  Gottingen  without  jet  and 
with  different  boattail  angles  (ref.  2  and  16). 

Curve  2  wat  obtained  with 
a  strut  mounted  twin  jet  fighter  model  tested 
by  the  Air  Force  Flight  Dynamics  Laboratory 
in  the  16  ft.  transonic  tunnel  of  the  Arnold 
Engineering  Development  Center  (ref.  4). 

Curve  6  also  results  from  an 
AFFDL  test  in  the  same  AEDC  transonic 
wind  tunnel.  Here,  a  single  jet  model  with 
a  cylindrical  midbody  was  used. 

Curves  4  and  5  have  been  obtained  with  two  wind  tunnel  models  of  the  F-106  with  underwing  installed 
J-85  nacelles  in  the  8  ft.  x  6ft.  supersonic  wind  tunnel  cf  NASA  Lewis  (ref.  5).  Both  curves  apply  to  the  16 
bo.ittail  nozzle;  the  nozzles  with  steeper  boattailing  showed  a  greater  increase  in  drag  with  Reynolds  number. 

The  variation  of  Reynolds  number  was  achieved  in  these  investigations  by  altering  the  density, 
except  with  the  NASA  tests  in  which  two  models  of  different  sizes  were  used:  the  smaller  model  had  a 
scale  of  0,  05,  the  larger  model,  which  was  a  half  model,  a  scale  of  0,  22.  The  method  of  drag 
detormin.ation  was  not  identical;  in  the  Gbttingen  tests,  the  totaldrag  (pressure  -f  friction)  of  the  com¬ 
plete,  i.e.  undivided  fuselage  was  obtained  from  an  internal  strain  gauge  balance.  The  longitudinal  pressure 
distribution  was  also  measured  in  one  row  on  the  upper  side  of  the  body.  Several  pressure  tappings  at 
corresponding  locations  on  the  lower  side  were  used  as  an  additional  check  of  the  incidence  being  zero. 

In  the  AEDC  curve  2,  only  the  twin  jet  aftbody  was  attached  to  the  balance,  leaving  forebody  and 

tailplanes  fl  ’-‘d  to  the  ground,  whereas  curve  6  was  obtained  from  a  mere  pressure  plotting. 

In  reference  13  the  measured 
total  aftbody  drag  of  a  twin  jet  fighter 
configuration  is  reported  (fig.  3).  The 
teats  were  conducted  as  force  measure¬ 
ments  in  the  16ft  transonic  wind  tunnel  of 
AEDC.  The  increase  of  the  total  aftbody 
drag  coefficient  with  increasing  Reynolds 
number  is  very  similar  to  that  shown  on 
fig.  1;  the  level,  however,  is  rather  low. 

Since  in  these  tests  the  metric  break  was 
rather  far  downstream  of  the  maximum 
cross-section  (at  0,8  trailing 

edge  of  wing)  the  recompression  pre¬ 
dominates  and  thus  produced  this 
low  aftbody  drag  level.  This  explanation 
is  in  .igreement  with  fig.  7a  where  it  will 
be  shown  that  depending  on  the  definition 
of  the  forward  end  of  the  aftbody  (location 
of  split  line)  also  negative  total  drag 
values  will  result.  Perhups  the 
greatest  concern  regarding  Reynolds 
number  effects  on  aftbody  drag, 
has  arisen  in  recent  years  from  the 
fact  that  identical  configurations  gave 
an  increasing  trend  when  measured  in 
the  wind  tunnel  whereas  the  correspond¬ 
ing  flight  tests  clearly  showed  the 
opposite,  decreasing  drag  trend  with 
Reynolds  number  (ref.  5  and  17),  In 
an  attempt  to  explain  these  unexpected 
test  results  an  experimental  investigation 
on  a  series  of  axisymmetric  fuselages 
was  reanalysed  and  is  reported  in  the 
following. 
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Fig.  3  Measured  total  afttxjdy  drag 
of  a  twin  jet  configuration 
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3.  GOTTINGEN  MEASUREMENTS 


Teit  Seritf,  Wind  Tunnel  and  Modeli 


In  1971/72  two  teat  eeries  (No.  1  and  2)  were  conducted  by  MBB  in  the  1  m  x  1  m  tranaonic 
wind  tunnel  of  DFVLR  Gottingen.  The  meaaurementa  conaiated  of  preaaure  plotting  and  force 
meaaurementa  of  the  complete  body  aa  deacribed  in  the  preceding  chapter.  Fig.  4  ahowa  the  ating 
mounted  model  inatalled  in  the  tunnel.  The  rectangular  teat  aection  haa  four  perforated  walla,  two 
of  which  can  be  rotated  from  +1 
to  -2°.  The  perforation  conaiata 
of  inclined  holea  yielding  an 
open-area  ratio  of  6  %. 

Preaaurizing  or  evacuating  the 
tunnel  allowed  a  variation  of  the 
Reynolda  number  by  the  factor  4 
(ref.  11).  All  preaaure 
difference  a  were  meaaured  by 
a  Btandard  preaaure  pick-up, 
which  waa  calibrated  againat 
a  Betz -manometer  (tO,l  mm 
H2O).  The  preaaure  level  in 
the  tunnel,  however,  could  be 
determined  only  to  t  0,  1  mm  Hg 
accurate  which  ia  atill  better 
than  the  uaual  accuracy 
(to,  01  inch  Hg).  The  models 
were  bodies  of  revolution  with 
a  common  forebody  and  five 
interchangeable  aftbodies, 
referred  to  in  fig.  1,  curves 
No.  1  and  3.  The  body  contours 

are  defined  in  Fig.  5  Fig.  4  Model  installed  in  the  transonic  tunnel 
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Fig.  5  Model  contour 


The  model  with  aftbody 
No,  1  had  no  cylindrical  midbody; 
thui  fore  -  and  aftbody  had  the 
same  contours.  The  cross- 
section  distributions  and  the 
wetted  surfaces  are  shown  in 
Fig.  6. 

In  order  to  confirm  the 
main  results  deduced  from  the 
first  two  test  series  additional 
measurements  were  conducted 
in  1974  in  close  cooperation 
with  DFVLR-AVA  Gottingen, 

Institut  fUr  StrOmungsmechanik, 
which  was  responsible  for  the 
experimental  side. 

In  these  additional 
measurements,  referred  to  as 
test  series  3  and  4,  the  wind 
tunnel  wall  pressures  were 
recorded  as  well  as  the  fore¬ 
body  drag  of  bodies  No.  I  and  3. 

The  forebody  drag  was  obtained 
by  means  of  an  internal  strain 
gauge  balance  which  was 
designed  for  a  maximum  load 
of  5  kp  and  could  discriminate 
1  to  2  p.  For  the  measurement 
of  the  forebody  drag  the  models 
were  modified,  i.e.  the  forebody 
was  attached  to  the  balance  and 
the  aftbodies  No.  1  and  3  were 
fixed  to  the  sting  (non-metric). 

Between  fore-  and  aftbody  theie 
was  a  knife  edge  gap  of  0,  3  mm. 

Due  to  the  movemen*  of  the 
balance  this  gap  was  reduced 
under  maximum  load  only  by 
0,  075  mm.  The  gap  between 
the  end  of  the  aftbody  nd  the 
sting  was  sealed. 

The  wind  tunnel  wall  pressures  were  recorded  from  24  pressure  tappings  installed  in  one  row  on 
the  centre  line  of  the  upper  wall  of  the  test  section  at-0,3<x'^L<l,I.  Inteslseries2and4,  which 
were  almost  exclusively  used  for  the  presented  results,  boundary  layer  transition  was  triggered  by  a 
carborundum  roughness  strip  which  extended  from  x/L  =  0,05  to  0,  0575.  The  grain  size  was  0,  15  mm. 
Test  series  I  and  3  had  different  transitions. 


3.2.  Results 

In  aftbody  force  testing  the  metric  boattail  of  the  model  occasionally  is  subdivided  into  the 
portion  of  the  airframe  manufacturer  as  well  as  into  the  portion  of  the  engine  manufacturer  (protruding 
nozzle).  The  drag  of  the  nozzle  "N"  is  then  measured  either  against  the  jet  pipe  or  relative  to  the 
boattail  "B",  fig.  7  (The  interface  B/N  in  this  figure  is  at  x/L  =  0,90). 

If  during  a  wind  tunnel  measurement  the  Reynolds  number  is  varied  by  changing  the  tunnel  total 
pressure,  subdividing  the  model  causes  particular  difficulties  because  the  drag  values  of  the  model 
portions  nozzle,  boattail,  midbody  and  forebody  vary  differently  with  Reynolds  number,  thus  further 
complicating  the  synthesis  of  the  aircraft  drag  (fig.  7a). 

The  to*al  aftbody  drag  coefficient  for  a  different  configuration  with  a  metric  break  at  0,  8  of 
Amax  reproduced  here  from  fig.  3  and  shows  qualitative  agreement.  Fig.  7a  represents  the  results 
as  obtained  from  the  wind  tunnel  by  force  measurement  and  pressure  plotting  of  the  complete  body  No.  3 
when  only  the  first  (standard)  correction  for  the  internal  pressure  is  apulied  to  the  balance  readings. 

Fig.  7b  shows  on  the  other  hand  the  drag  variations  as  expected  by  tl.e  authors:  a  forebody  drag  decrease 
which  is  almost  completely  due  to  the  decrease  in  friction  drag,  i.e.  a  practically  constant  forebody 
pressure  drag.  As  a  consequence,  the  aftbody  total  drag  decreases  with  Reynolds  number  similarly 
as  the  friction  drag. 
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Fig.  6  IVIodel  geometry 
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Fig.  9  Reynolds  numbe.  effect  on  pressure  drag 
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Fig.  10  Reynolds  number  effect  on  pressure  and  friction  drag 
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Integrating  the 

pressure  distributions  in  fig,  8 
from  the  nose  of  the  body  (x  ^0) 
up  to  an  arbitrary  limit  of 
integration  x  yields  the  running 
bum  of  the  pressure  drag 
coefficient  C’0_  in  fig.  9  .  This 
coefficient  enables  one  to  read 
off  the  pressure  drag  not  only  of 
the  complete  body  but  of  body 
portions  as  well,  which  is  done 
by  taking  the  '.’.ifference  of  the 
C’jjp  at  the  beginning  and  the 
end  of  the  portion. 

Increasing  the  Reynolds 
number  as  in  the  example  of  fig. 

9  results  in  a  reduction  of  the 
forebody  pressure  drag 
coefficient  from  0,  0147  to 
0.  0025,  i.e.  by  83  %.  This 
corresponds  to  about  16  %  of 
the  total  drag  of  the  complete 
body.  On  ihe  aftbody  this 
Reynolds  number  influence  is 
revorseil:  at  the  lower  Reynold' 
number  the  pressur>:  drag  is 
about  equal  to  zero.  At  the 
larger  Re-numlct,  however, 
the  afterbody  prassjre  drag 
coefficient  is  read  off  as 
0,  0178  -  0,  0C25  =  0,  0153, 

Thus,  increas  ng  the  Reyn. 'Ids 
number  causes  here  a  rise  in 
aftbody  drag  by  a  factor  of  19, 
w’.iich  is  still  20  %  of  the  total 
drag  of  the  complete  body. 

Adding  friction  to  the  pressure 
drags  of  fig.  9  gives  fig.  10. 

The  friction  drag  of  the  com¬ 
plete  body  was  obtiiined  from 
the  difference  between  the  drag 
from  the  balance  minus  the 
integrated  pressure  distribution. 
The  distribution  of  that  friction 
drag  over  the  body  length  was 
theoretically  determined  (ref.  9). 

The  individual  drag 
c'linponents  for  the  forebody 
(x/L  -  0,  5)  and  for  the  complete 
body  (x/L  ■  1 , 0)  can  be  taken  from 
fig.  10.  These  drag  components 
are  plotted  in  fig.  1 1  for  the  three 
measured  Reynolds  numbers:  the 
pressure  drags  cf  both  aftbody  and 
forebody  change  considerably  with 
Reynolds  number  white  the  sum  of 
these  two  components  remains 
almost  constant.  The  friction  drag 
of  the  fully  turbulent  llat  plate  is 
also  shown  for  comparison;  this 
friction  is  above  the  "measured" 
friction  by  1  1  %  at  the  low  Reynolds 
number  and  18,  5  %  at  the  high 
Reynolds  number. 


Fig.  11  Reynolds  number  effect  on  pressure  and 
friction  drag  of  fore-  and  aftbody  No.  3 
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Increase  of  relative  profile  drag 
with  Reynolds  number 


As  a  further  comparison  the  profile  drags  computed 
in  ref.  1  for  the  incompressible,  fully  turbulent 
case  were  considered  and  were  divided  in  each  case 
by  the  drag  of  the  profile  of  zero  thickness  (flat 
plate),  fig.  12,  It  is  seen  that  the  profile  drag  of 
slender  profiles  lies  above  the  value  of  the  flat 
plate  by  an  almost  constant  factor  in  the  Reynolds 
number  range  under  consideration.  In  this  context 
it  should  be  remembered  that  the  flat  plate  skin 
friction  is  reduced  to  50  %  when  the  Reynolds 
number  is  raised  from  10^  to  10^,  The  total  drag 
of  the  complete  body  No.  3  measured  at  Mq  -  0,  8 
was  also  divided  by  the  friction  drag  of  the  fully 
turbulent  flat  plate  and  plotted  in  the  same  diagram. 
To  allow  for  the  difference  between  two-dimensional 
and  three-dimensional  bodies  the  ordinates  of  the 
curve  for  d/L  =  0,  15  were  reduced  to  25  %  in  a  first 
approximation  (compare  ref.  10)  and  plotted  as 
dashed  line  in  the  same  figure.  There  is  fair 
agreement  between  this  dashed  line  and  the  total 
drag  of  body  No.  3  having  also  a  relative  thickness 
of  15  %.  If  only  the  pressure  drag  instead  of  the 
total  drag  is  referred  to  the  flat  plate  friction,  then 
a  quite  similar  trend  with  Reynolds  number  i^j  found. 

The  pressure  drag  of 
the  complete  body, 
therefore,  seems  to  be 
about  correct. 
However,  whether  the 

_ _  aft-  and  forebody 

I  pressure  drags  are 

V  correct  remains  still 

-Cp„  I  i  unclear.  This 

n*2  ,  n#j  IP  question  will  be 

critically  reviewed  in 

/  f  the  next  chapter. 
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Fig.  13  Change  in  body  pressure  distribution 


3.3.  Systematic  Errors 

The  test  results  reported  so  far  do  not  include  any  flight  data,  but  stem  exclusively  from 
transonic  wind  tunnels  with  ventilated  test  sections.  It  was  suspected,  therefore,  that  the  Reynolds 
number  effects  shown  in  the  preceding  chapters  might  have  been  caused  by  systematic  errors 
related  to  the  wind  tunnel  itself.  To  investigate  this  possibility,  let  us  first  consider  the  pressure 
changes  on  the  model,  fig.  13.  Increasing  the  Reynolds  number  caused  here  an  almost  constant  pressure 
drop  over  the  greater  part  of  the  body.  Besides  this  constant  pressure  drop,  increasing  Reynolds 
number  also  increased  the  expansion  and  the  rccompression  on  the  boattail.  Later  it  will  be  shown 
that  similar  effects  were  found  in  a  flight  test,  however,  of  opposite  sign  as  far  as  the  constant  pressure 
shift  is  concerned.  The  random  scatter  of  the  differences  in  the  individual  pressure  coefficients  ACp 
lies  at  Mq  =  0,  8  well  within  a  band  of  i  0,  0041  (maximum  error).  Preferably,  these  ACp  are  not 
quoted  relative  to  the  lowest  Reynolds  number  Re  |  but  to  the  intermediate  one,  Re2,  The  maximum 
error  reduces  thereby  to  t  0,0025  (compare  also  fig.  18  in  ref.  14). 

The  pro'jable  value  of  the  integrated  pressure  differences  i.  e.  of  the  incremental  pressure  drag 
coefficient  ACd^  can  then  be  quoted  for  those  conditions  with  a  precision  of  about  io,  001  (mean  error). 
The  good  precision  in  ACp  is  also  reflected  in  fig.  8  where  the  original  curves  i.e.  the  Cp-distributions 
are  plotted.  This  mean  error  refers  only  to  the  recording  and  integration  of  the  model  pressure 
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Fig.  14  Comparison  of  averaged  changes  in 
pressure  coefficients  on  model  and  tunnei  wall 
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coefficient!,  tr,  lurface  imperfection!  etc. 

It  doe!  not  take  into  account  any  (syatematlc) 
error!  in  the  a!!e!!ment  of  the  true  free 
atream  condition!  a!  well  ae  error!  due  to 
the  incorrect  eimulation  of  the  free  flight 
flow  field  by  the  wind  tunnel.  Therefore, 
the  total  error!  are  expected  to  be  larger 
by  an  order  of  magnitude  as  will  be  shown 
in  the  following. 

In  this  context  one  should  recall  that 
for  slender  bodies  having  a  pressure  drag 
coefficient  of  about  0,  01  the  error  in  the 
integrated  Cp-distribution  has  to  be  smaller 
than  0,001  if  the  pressure  drag  is  to  be 
determined  within  an  accuracy  of  10  %  which 
requires  that  the  error  A  Mq  must  be  beiow 
0,0005  (!)  at  subsonic  speeds. 

The  mean  valu'*s  ACp  from  fig.  13 
were  plottefl  in  fig.  14  versus  Reynolds 
number  an'i  are  compared  with  the 
corresponding  mean  values  obtained  from 
the  upper  tunnel  test  section  wall  (hatched 
blind,  taken  from  fig.  15):  at  the  higher 
Reynolds  numbers  there  is  good  agreement 
between  the  pressure  changes  on  the  modet 
and  those  on  the  wall.  This  agreement  led 
to  the  hypothesis  that  the  measured  Reynolds 
number  effects  were  caused  only  to  a  minor 
degree  by  true  Reynolds  number  effects, 
but  primarily  by  undetected  deviations  of 
the  free  stream  static  pressure  from  its 
nominal  value  as  will  be  discussed  in  more 
detail  in  the  following  chapters. 


At  the  lower  Reynolds  numbers  the  agree¬ 
ment  is  not  so  good.  It  should  be  noted,  however, 
that  the  wall  pressure  measurements  were  con¬ 
ducted  in  test  series  3  and  4,  while  the  model 
surface  pressures  were  obtained  from  pressure 
plotting  body  No.  3  in  test  series  2.  The  only 
simultaneous  measurements  of  w'all  pressures 
,iiid  body  drag  were  made  in  the  forebody  force 
tests  (series  3  and  4). 

In  fig.  15  the  wall  pressures  recorded 
during  all  runs  of  test  series  3  and  4  have  been 
incluiled.  The  pressure  readings  from  all  24 
pressuri'  tapp  ngs  were  averaged  arithmetically 
for  each  indiviu  ial  run  to  give  one  value  of 
Cp  w.ill  per  run,  The  numbers  at  each  bar 
indic.ite  how  mafiy  runs  at  each  Mach  and 
Reynolds  number  were  conducted  (repeatability). 
Within  each  bar,  these  repeats  were  arithmeti¬ 
cally  averaged  a  second  time  to  give  Cp  ,^^,311 
shown  a.s  dots  and  solid  curves  respectively.  The 
scatter  is  shown  by  the  hatched  band  which  is 
•about  (1,1103  wide.  For  those  tests  in  which  the 
wall  pressures  were'  recorded  simultaneously  with 
th<-  mod<-l  force  measurements,  this  band  width  is 
of  little  importance  since  the  model  results  were 
corrected  in  each  run  to  their  corresponding  mean 
wall  pressure. 

Comp.iring  the  cross  symbols  (empty 
tunnel)  with  the  solid  curve  .at  0,  8  it  can  be 

seen  that  the  blockage  of  these  models  of  1,13  % 
had  li'tle  or  no  effect  on  the  aver.aged  <  all  pressures. 
This  is  in  agreement  with  the  general  rule  that  up 
to  M,,  0,  85  a  block, age  of  0,  7  5  %  does  not  greatly 

affect  the  mean  free  .atream  static  pressure. 


Fig,  15  Mean  wall  pressure  coefficients 
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In  i\g,  16  the  •ame 
data  are  plotted  againat  Mach 
number.  The  curvet  thow  a 
wave  thape  while  their 
dependence  on  Reynold! 
number  in  the  foregoing 
figure  waa  an  almoat  linear 
decreaae.  Theae  two 
different  trenda  are  reflected 
in  the  forebody  force  meature- 
menta  thown  in  the  following 
diagram! . 

The  upper  two  curves 
in  fig,  17  ahow  the  total  drag 
coefficient  of  the  forebody 
with  aftbody  No.  1  and  3 
respectively  as  a  function  of 
Reynolds  number.  The 
internal  pressures  were 
corrected  to  free  stream  static 
pressure  as  a  standard  practice. 
The  friction  drag  coefficient 
of  the  forebody,  assumed  to 
be  equal  for  both  bodies, 
was  obtained  by  two  different 
methods  and  plotted  as 
dotted  lines:  the  upper 
curve  represents  flat  plate 
skin  friction,  laminar  up  to 
the  transition  strip  (at  x/L  = 

5  %),  the  lower  one  was  taken 


at  0,6  0,6  1,0 

-►  Mo 


Fig.  16  IVlean  wall  pressure  coefficients 


from  fig.  1 1  (2nd  Test  Series) 
and  is  described  there. 

The  difference  between  the  total 
forebody  drag  (standard  correction)  and 
the  t  kin  friction  drag  is  the  forebody 
pressure  drag  which  shows,  plotted  as 
coefficient,  the  same  decreasing  trend 
as  on  fig.  11.  Thus  the  two  entirely 
different  measurement  techniques 
(half/complete  body)  gave  fairly  good 
agreement.  If,  however,  the  balance 
readings  are  not  only  corrected  for  the 
internal  pressure  but  also  for  the  wall 
pressures,  then  this  decrease  of  the 
pressure  drag  coefficient  with 
Reynolds  number  disappears  almost 
completely,  especially  for  body  No.  3, 

In  the  lower  part  of  this  figure,  the  wall 
pressure  coefficients  are  shown  which 
were  simultaneously  measured  and  used 
for  the  correction.  Since  for  these 
models  the  maximum  cross  section 
equals  the  "base"  area  Aj  to  be  used  for 
the  correction  of  the  internal  pressure, 
the  "fully"  corrected  forebody  drag 
coefficient  is  obtained  as 

T  corr  T  balance  i  wall 

which  implies  that  the  averaged  wall 
pressure  is  equal  to  the  effective  free 


stream  static  pressure.  If  this  . 

supposition  is  correct,  then  the  fully  — Rc'IO  ” 


corrected  curves  give  the  true  effect  of 

aftbody  geometry  on  forebody  drag.  Fig.  17  Pq  correction  at  different  Reynolds  numbers 
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Thi«  difference  in  forebody  drag  decreaiea  with  decreailng  Reynolds  numbers  similarly  as 
the  difference  in  aftbody  drag  shown  in  fig.  1  for  body  No.  I  and  3.  Steeper  boattailing  thus  raises 
both  forebody  and  aftbody  drag  by  a  similar  amount.  At  the  largest  Reynolds  number  tested,  this 
Increase  in  drag  is  0,  0020  which  agrees  with  the  computed  value  of  0,  0022  obtained  by  the  MBB> 
Panel  method  (see  fig. 271. 


Fig.  18  PQ-correction  at  different  Mach  numbers 


The  Mach  number  dependence  of  the  forebody  drag  is  shown  on  figure  18  for  a  constant  tunnel 
total  pressure.  Here  again,  applying  the  Cp  wait  correction,  does  change  the  shape  of  the  upper  curve 
(standard  correction)  to  a  more  familiar  one  (full  correction),  and  thereby  underlines  its  usefulness, 
which,  cl  course,  does  not  prove  that  the  free  stream  static  pressure  was  exactly  equal  to  the  mean 
wall  pressure.  On  the  other  hand  it  is  ex;jected  that  for  small  tunnel  blockages  the  changes  of  these 
two  pressures  are  similar  when  Reynolds  and  Mach  number  are  varied.  Therefore,  the  drag  levels 
may  still  be  slightly  wrong,  the  drag  trends  with  Reynolds  and  1/Iach  number,  however,  are  probably 
correct.  In  this  context  it  should  be  noted  that  complete  bodies  are  much  less  sensitive  to  changes 
in  static  pressure  and,  therefore,  produce  straighter  curves  with  only  the  standard  correction  applied 
because  the  -  correction  has  only  a  small  contribution  to  complete  bodies  (small  sting  diameter)  as 
will  be  discussed  in  the  next  chapter. 


4.  SENSITIVITY  CONSIDERATIONS  AT  SUBSONIC  SPEEDS 

4.  1.  Conversion  to  True  Tunnel  Static  Pressure 

In  the  preceding  chapter  it  was  supposed  that  the  nominal  free  stream  static  pressure  Pq  was 
affected  by  a  systematic  error.  Assuming  that  everything  else  (e.g.  balance,  total  pressure)  was 
correct,  the  measured  quantities  can  then  be  corrected  merely  by  converting  them  to  the  true 
reference  conditions  Pqj,  q^g.  If  e.g.  force  measurements  are  made  on  complete  bodies  having 

a  rear  sting  and  an  internal  pressure  Pj  the  corrected  drag  coefficient  then  becomes 

fl)  =  [Cd...  u  ,  +  (Cp.  -  Cp  )  A.  /A  Tq  /q 

'^■'Too  L  balance  ^oo  i  maxj  o  oo 

where:  Cn_  .  .  =  total  drag  coefficient  without  internal  pressure  correction,  referred  to  q 

*JT  balance  *  *o 


ii-Fi: 
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In  a  more  generalized  form,  valid  for  force  meaeurementa  and  for  preiiure  plotting  on  complete  or 
part  bodlea  equation  (I)  reducea  to 


(2) 


=  pDo’ 
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where  A^q  and  Ay^j^  are  the  projected  (outer)  body  aurfacea 

and  Cn  =  Cn,„  .  ,  +  Cp,  •  A. /A  . 

*^o  balance  *^1  i  max 


Since  Sq  =  -0,  680  at  =  0,  8  (aee  table  below)  and  uaually  -0,  008  <Cp  <  0,  008  the  ratio  q  /q  •  1 
and  may  therefore  be  neglected.  For  the  forebody  correction  in  fig.  17  and  18  equation  (2)  then  °° 
reducea  to 
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4.2.  General  Relationa 


For  the  above  correctioni  the  following  aenaitivitiea  are  valid: 


Mo  = 

0,5 

0,6 

0,7 

0,8 

0,9 

1.0 

am  , 

•0, 525 

-0,  536 

-0,  549 

-0,  564 

-0,  581 

-0,  600 

SRe  = 

—  /Cp  = 
Re  '  *00 
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•0,414 

-0,  376 

-0.  332 

-0,281 

•0,224 

1 

O 

Sp  = 

4^/cp  = 

P  ^00 

0 

0,  175 

0,  252 

0,  343 

0,448 

0,  567 

0,  700 

S 

q 

-0, 875 

-0,820 

-0,755 

•  0,  680 

-0,595 

-0.  500 

where  (  )_  -  (  Cp  ■  (P  -  P  )/q„ 

00  O  ^00  00  o  o 


Table  I  Sensitivities 


4.  3.  Sensitivity  of  Complete  and  Half  Bodies  to  P  -Errors  at  M  -0,8 

o  o 

Assuming  that  the  tunnel  static  pressure  can  be  determined  by  a  standard  balanced  beam 
manometer  to  0,  01  inch  Hg  precise  then  for  a  tunnel  total  pressure  of  760  mm  Hg  the  relative  error 
in  the  free  stream  static  pressure  is  AP/P^  =  5,  1  •  lO'**  or,  expressed  as  pressure  coefficient 

Co  =  AP  /  P  •  S;L*  =  5,  1  •  lo"*  ■  0,448" *=  11,4*  lO"'* 
o  P  — > - 

Usually  this  error  is  considered  as  "absolute"  minimum  for  the  above  free  stream  cor  'it:ons. 

Fig,  15  showed  that  in  the  Gottingen  tests  the  wall  pressures  varied  systematically  by  a  7  times 
larger  amount,  i.e.  in  the  range  -4  •  10‘^«Cp^  «  HJ  •  1 0~^.  Assuming  that  the  true  free  stream 

static  pressure  ^OO  varied  accordingly  i.e.'^Sp^jj  varied  by  the  same  amount  and  in  the  same  direction, 
then  for  these  two  cases  (manometer/wall  pressures)  the  resulting  errors  in  complete  and  I'alf  body 
are  obtained  from  equation  (2)  and  shown  in  table  2. 


OI-  LJ  . 
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Table  2  Errors  in  Drag  for  Complete  and  Half  Bodies 


Table  2  illustrates  how  3  assumed  values  for  the  error  in  contribute  differently  to 

the  (yet  unknown)  total  error  of  the  result  depending  on  whether  complete  or  half  bodies  are  tested; 

In  our  example  the  relative  errors  in  forebody  drag  increased  by  a  factor  of  28.  This  factor  may 
reduce  noticeably  if  the  total  error  is  considered,  i.e.  if  also  other  types  of  errors  are  included  and 
particularly  so  if  these  are  large.  In  aftbody  testing  this  situation  is  only  slightly  better  (only  slightly 
reduced  projected  area,  higher  pressure  drag)  and  stays  essentially  the  same  as  for  the  forebody. 

As  mentioned  earlier,  the  large  projected  internal  area  is  responsible  for  the  high  sensitivity 
of  part  model  testing  towards  deviations  in  free  stream  static  pressure.  The  magnitude  of  this 
internal  pressure  correction  is  shown  on  fig.  19.  It  is  worth  mentioning  that  the  uncorrected 
forebody  drag  curves,  i.e.  without  internal  and  wall  corrections,  were  much  more  linear  when 
plotted  against  Mach  number  than  the  dashed  curves  in  fig.  18.  Thus  the  uncorrected  half  body  drag 
showed  a  similarly  low  sensitivity  as  the  uncorrected  drag  of  the  complete  body.  Therefore,  it  is 
primarily  by  applying  the  internal  (standard)  correction  that  these  large  relative  errors  of  27  %  at 
the  low  Reynolds  number  and  10  %  at  the  intermediate  Reynolds  number  (750  mm  Hg)  respectively 
are  introduced.  If  part  model  testing  is  done  by  pressure  plotting  and  not  by  force  measurement 
there  is  no  "internal"  correction;  the  absolute  error  AC  ,  however,  stays  the  same  (same  open 
loop  of  integration). 


Fig.  19  Magnitude  of  internal  pressure  correction 
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Fig.  20  Changes  in  drag  due  to  deviations  from  nominal  static  pressure 
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So  far  only  constant  pressure  shifts  have  been  discussed  while  there  may  be  a  number  of 

additional  flow  irregularities,  e,  g,  a  pressure  gradient  along  the  teat  section.  Fig,  20  tries  to 

illustrate  these  two  sources  of  error  and  their  effect  on  testing  complete  and  half  bodies  respectively; 

in  the  left  half  of  the  figure  a  constant  pressure  shift  was  assumed,  whereas  the  right  half  shows  a 

pressure  gradient  (fig.  22a  and  b).  With  these  assumed  deviations  the  aft-  and  forebody  pressure 

drag  changes  for  model  No.  3  were  computed  (fig.  22c  and  d).  The  pressure  gradient,  in  the  right 

half  of  this  figure,  affects  both  fi  rebody  and  aftbody  in  the  same  sense  resulting  in  an  even  steeper 

increase  in  pressure  drag  for  the  complete  body  amounting  to  ACOp^  ACp*=  1.  35.  The  constant 

pressure  shift  on  the  other  hand,  changes  forebody  and  aftbody  pressure  drag  almost  by  the  same 

amount,  however,  in  an  opposite  sense  whereby  the  sum  of  these  two  drag  changes  cancel  each 

other  virtually  completely  (small  sting  diamete  ).  So  far  only  drag  changes  have  been  discussed. 

If,  however,  a  value  for  the  pressure  drag  of  the  complete  body  is  assumed,  say  0,016  (dashed  line) 

then  a  deviation  ACp  greater  than  0,  016  wilt  cause  a  change  in  pressure  drag  of  the  half  body,  i.e. 

of  the  fore-  and  aftbody  respectively,  which  is  greater  than  the  pressure  drag  of  the  complete  body 

itself.  In  other  words,  in  aftbody  drag  testing  where  the  forebody  is  nut  taken  into  account,  the 

measured  aftbody  (pressure)  drag  will  attain  arbitrarily  great  values,  depending  on  the  free  stream 

underpressure  (deviation  from  nominal).  If,  however,  the  complete  body  is  measured  then  this 

high  sensitivity  towards  constant  deviations  in  free  stream  s>'<tic  pressure  disappears  (compare 

also  table  2).  In  fig.  20e  the  measured  pressure  drags  of  fore  -  and  aftbody  are  plotted,  this  time, 

however,  not  against  Reynolds  number,  but  against  the  mean  values  of  the  incremental  wall  pressure 

coefficients  ..  shown  in  fig.  15.  (Dotted  line  in  fig.  20e  corresponds  to  decrease  in  friction  coeff.  ) 

^wall 

Comparing  measured  with  computed  values  it  would  appear  that  at  least  as  far  as  the  pressure 
drags  of  the  half  bodies  are  concerned,  the  changes  in  these  pressure  drags  were  not  so  much  caused 
by  true  Reynolds  number  effects  but  primarily  by  deviations  in  the  free  stream  static  pressure.  As 
far  as  the  complete  body  is  concerned,  the  slight  increase  in  pressure  drag  with  Reynolds  number 
shown  in  fig,  20e  is  probably  a  result  of  a  longitudinal  pressure  gradient  which  varied  with  tunnel 
Reynolds  number  (right  half  of  fig.  20).  An  inspection  of  the  tunnel  wall  pressure  distribution  did 
in  fact  reveal  a  pressure  gradient  which  varied  systematically  with  tunnel  total  pressure  and 
volumetric  blockage  ratio. 

Looking  at  fig.  20e,  no  matte:  for  what  Reynolds  number  and  respectively,  it  is  not 

clear  what  exact  proportion  of  the  pressure  drag  of  the  complete  body  can  be  assigned  to  the  fore- 
and  aftbody  drag  components.  If  the  true  free  stream  pressure  had  been  achieved  at  Cp  =  0, 

then  virtuallv  all  of  the  pressure  drag  is  on  the  aftbody  leaving  only  12  “(o  for  the  forebody'.  If,  in 

addition,  one  tried  to  correct  the  measured  ’’Reynolds"  number  trend  for  halfbodies,  one  could  think 
of  applying  the  pressure  changes  on  the  wall  to  the  model.  In  doing  so  a  forebody  pressure  drag 
is  obtained  which  is  almost  independent  of  Reynolds  number  at  the  higher  tunnel  densities.  At  the 
lower  values  there  is  some  disagreement  between  pressure  changes  on  the  model  and  those  on 
the  wall,  as  mentioned  earlier.  It  should  be  noted,  however,  that  much  better  agreement  had  been 
found  for  different  test  series  which  are  not  presented  here. 


5.  EFFECT  OF  DISPLACEMENT  THICKNESS 

It  is  clear  that  varying  Reynolds  number  cauces  a  corresponding  change  in  boundary  layer 
displacement  thickness  which  in  turn  alters  the  pressure  drag.  The  question  remains  open,  however, 
as  to  the  sign  and  magnitude  of  this  change,  i.e.  whether  a  variation  ir  6*could  be  the  only  or  main 
cause  for  the  presented  Reynolds  number  effects.  To  check  the  order  of  magnitude  rather  than 
trying  to  answer  this  question  exactly,  a  very  simple  hypothetical  flow  model  was  considered.  Fig. 

21  shows  an  ellipsoid  of  revolution  wi'*-  a  displaced  geometrically  similar  surface.  The  distance 
between  these  two  surfaces  is  defined  as  hypothetical  boundary  layer  displacement  thickness  AR 
and  is  compared  with  the  displacement  thickness  0  of  the  fully  turbulent  flat  plate  boundary  layer  in 
figure  22. 


b/a  =b7a^0,125 
a /a  >0,9 


Fig.  21  Hypothetical  flow  model 
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A  Reynolds  number  of  2.  06  million  corresponds  to  a  displacement  ratio  a/a'  =  0,98  (fig.  2  I 
shows  a  5  times  bigger  displacement).  In  most  practical  applications  the  Reynolds  numbers  are 
above  two  million  resulting  in  an  even  smaller  displacement.  This  is  simply  to  Illustrate  how  thin 
the  boundary  l--’or  displacement  thickness  is  on  the  forebody.  Therefore,  increasing  the  Reynolds 
number  from  I  million  to  10  or  even  100  million  has  little  effect  on  the  forebody  pressure  drag  as 
shown  on  fig.  23.  This  diagram  was  obtained  by  projecting  the  exact  pressure  distribution  on  the 
displaced  surface  orthogonally  onto  the  basic  ellipsoid  for  subsequent  pressure  integration. 


For  the  example  of  the  Gbttingen  measurements  in  which  the  Reynolds  number  was  increased  from  ‘i  to 
15  million,  fig,  23  gives  a  change  in  computed  forebody  pressure  drag  coefficient  of  approximately 
2  •  10"'*  which  is  about  hundred  times  smaller  than  the  measured  decrease  of  1 ,  5  •  10'^.  Therefore,  the 
change  in  displacement  thickness  can  b/  no  means  explain  the  changes  in  forebody  pressure  drag  measured 
in  the  Gottingen  tunnel  even  when  taking  into  account  that  bodies  No.  1  and  3  were  not  ellipsoids,  't  he 
absolute  values  Cpp  j-g  from  the  hypothetical  flow  model  may  not  be  correct  due  to  the  unrepresentativi’ 
aftbody  flow  field.  The  main  purpose,  however,  was  to  show  that  Cpp  pg  is  small  and  changes  little 
when  Reynolds  number  is  varied.  In  fig.  23  the  measured  forebody  pressure  drag  of  an  ellipsoid  of 
revolution  with  b  ^  0,  125  is  also  shown  for 
comparison.  The  pressure  drag  was 
obtained  by  pressure  integration.  The 
measurement  was  conducted  in  a  different 
tunnel  at  M„  -08  and  a  total  pressure  of 

The  relative  large  scatter 
is  due  to  the  manufacturing 
quality  which  was  for  this  early  model  not 
as  refined  as  for  the  present  bodies  No.  1 
to  5. 


U 

one  atmosphere, 
of  i  2.4  •  10"^  is 


The  aftbody  pressure  drag  coefficient 
is  read  off  as  difference  between  Cpp  ^g 
computed  according  to  DATCOM  and 


Cd 


P  FB 


obtained  from  the  flow  model.  If 


these  two  curves  are  correct  then  Cpp  ^g 
should  decrease  in  the  Reynolds  number  range 
tested  by  a  small  amount  (0,  002).  The 
uncorrected,  measured  pressure  diag 
coefficient  in  fig.  11,  however,  rose  by  0,015. 
If  the  wall  corrections  are  applied  or  if  the 
forebody  is  taken  into  account,  tliis  dis¬ 
crepancy  is  largely  eliminated  leaving  then 
only  a  small  increase  which  probably  was 
caused  by  a  pressure  gradient  as  mentioned 
above. 


Fig-  23  Decrease  of  pressure  drag 
with  Reynolds  number 
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6.  COMPARISON  WINDTUNNKL  >  FLIGHT  DATA 

So  far  only  Reynold!  number  trend!  obtained  from  wind  tunneln  have  been  di!cu!!ed.  NASA 
Lewi!  te!ted  the  !ame  configuration  in  the  wind  tunnel  and  in  flight.  In  disagreement  to  the  windtunnel 
meaaurement!  the  flight  teat!  produced  a  clear  decreasing  aftbody  pressure  drag  with  Reynolds 
number,  fig.  24E  (ref.  17).  In  contrast  thereto,  the  aftbody  pressure  drag  variation  of  body  No.  3 
is  shown  in  fig.  24  D  as  typical  ex.tmple  of  the  corresponding  aftbody  pressure  drag  trends  obtained 
in  wind  tunnels  (see  also  fig.  I).  A  difference  in  drag  level  must  be  expected  because  of  the  different 
configurations;  the  difference  in  trends,  however,  w.is  questioned  in  the  preceding  chapters:  curve  I 
corresponds  to  the  windtunnel  results  .is  measured  while  curve  2  includes  a  correction  for  the 
deviation  in  free  stream  static  pressure  (assumption  Cp  '  0).  This  corrected  curve  still  shows 

an  increasing  trend. 

If  on  the  other  hand  one  accepts  the  .irgument  from  the  preceding  chapter  that  the  pressure  dr.i^ 
coefficient  of  the  forebody  must  be  virtually  const. int  in  the  small  Reynolds  number  range  tested  then 
the  same  forebody  P^j-correction  applied  to  the  .iftbody  gives  an  almost  constant  .aftbody  pressure  drag, 
curve  3.  The  rem, lining  slight  incre.i-  -  is  probably  due  to  a  varying  buoy.incy  pressure  gradient  as 
indie. ited  by  the  increasing  pressure  drag  of  the  complete  tody  shown  in  fig.  20  e.  The  rather  strong 
decrease  of  the  flight  data  relative  to  the  flat  plate  skin  friction  coefficient,  fig.24E,  might  be  explained 
by  the  f.ict  that  variable  amounts  of  separated  flow  were  present  in  those  tests. 

Comp.iring  the  pressure  distributions  from  windtunnel  and  flight  tests,  fig.  24A  and  2415  show 
th.it  an  incre.ise  in  Reynolds  number  lowered  the  surface  pressures  in  the  windtunnel  (dotted  line) 
while  in  the  flight  tests  a  corresponding  increase  was  found.  The  stronger  recomoression  at  the 
higher  Reynolds  number  is  apparent  in  both  cases.  This  again  points  towards  a  uniform  error  in  free 
stream  static  pressure;  for  example,  increasing  the  Cp-distribution  for  the  lower  Reynolds  number  in 
fig.  2415  (solid  line)  by  a  constant  value  of  Cp  between  0.  Oh  and  0,07  would  suffice  to  obtain  qualitative 
agreement  between  wind  tunnel  and  flight  results.  Since  similar  Cp-shifts  as  'n  fig.  24A  were  also  found 
in  different  windtunnel  investigations,  e.  g.  fig.  5  in  ref.  18  one  might  expect  t.iat  these  trends 
were  caused  .it  least  to  some  extent  by  windtunnel  wall  interference.  This  will  !)e  discussed  in  the 
following  chapter. 


WIND  TUNNEL  FLIGHT  TEST  F-106 

BODY  No  3 


Re  10-6 


Fig.  24  Aftbody  pressure  drag  from  wind  tunnel  and  flight  test 


7.  WIND  TL'XNF.L  WALL  IN  TKK  I'F.R  KNCL 

It  w.is  questioned  whether  the  criterion  f  p^^  ,||  0  is  permissible  .mil  whether  one  should  not 

rather  stick  to  the  st.iiul.ird  proieilure  of  empty  tunnel  centre  line  c.i  I  ibr.it  ion  .ind  .ipplv  the  .ippropri.ite 
blockage  corrections.  This  method  h.is  proven  its  feasibility  in  m.iny  types  of  testing.  However,  it  is 
oljvioiisth.it  lor  most  tr.insomc  wind  tunnels  the  c.ilibr.itions  .iv.iil.ible  today  do  not  niiu’l  the  high  .i  ecu  r.i  c  ie  s 
required  for  the  very  sensitive  p.irt-model  testing  teclinniues. 


Blockage  will  give  AV  or  AMg 
correctione  to  the  indicated  plenunn  Mach 
number,  Thif  muat  be  allowed  for  in  the 
evaluation  of  Pg,  independently  of  any 
empty  tunnel/plenum  relationship,  Alao 
for  poroui  walle  a  gradient  dPg/dx 
exieta  which  cannot  be  detected  during 
empty-tunnel  calibrationa  becauee  it  ia 
produced  by  the  presence  of  the  model 
itself.  Computed  blockage  corrections 
for  a  doublet  in  a  rectangular  wind  tunnel 
with  four  perforated  walls  are  shown  in 
fig,  25  (compare  ref,  IS):  for  various  wall 
parameters  OK  different  AMg- 
corrections  result.  For  OK  si  2,  5  and 
sufficiently  small  models  this  disturbance 
velocity  disappears  whilst  dPg/dx  remains 
finite.  Drag  measurem-'nts  on  long 
slender  models  will  therefore  require 
significant  corrections.  A  calculation 
for  the  body  of  revolution  shown  in  the 
figure  indicates  a  buoyancy  correction 
of  ACpSS  0,01  at  =  0.85,  with 
considerably  larger  values  at  higher 
Mach  numbers  (model  blockage  1  %, 
uniform  wall  open-area  ratio  of  22  %). 
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BK  =  Prandtl  factor  •  cross  flow  parameter 


Fig.  25  Disturbance  Mach  number  distribution 
on  tunnel  centre  line 


A  blockage  of  1  %,  therefore,  seems  almost  too  large  for  accurate  drag  measurements  particularly 
at  transonic  speeds,  although  of  course  for  comparative  work  1  %  might  be  acceptable  as  long  as  the 
buoyancy  corrections  are  applied  to  each  body  area  distribution  separatclv.  If  identical  models  are  tested 
at  different  tunnel  total  pressures  the  cross-flow  characteristics  of  the  wall  will  change  as  well  as  the 
loneitudinal  pressure  gradients  (see  also  para.  4.  p.  15). 


Theiefrom  it  is  concluded  that  Reynolds  number  testing  of  this  type  in  a  variable  Reynolds  number 
tunnel  has  to  be  very  sophisticated  and  probably  requires  knowledge  of  wall  characteristics  versus  Reynolds 
number  to  an  order  of  accuracy  better  than  currently  understood.  This  inability  of  present  tunnels  to 
simulate  the  free  flight  flow  field  correctly  indicates  that  for  sensitive  pressure  drag  measurerr ents  con¬ 
siderably  improved  testing  techniques  are  required.  These  requirements  may  lead  to  new  features  like 
fully  variable  porosity,  controlled  suction  and  to  on-line  computed  tunnel  flow  fields  using  the  monitored 
wall  pressures  and  model  geometries  as  input  for  semicmpirical  model  corrections  (ref.  21,  22,  23). 


In  the  Gottingen  tests  reported  in  the  preceding  chapters  the  mean  wall  pressures  were  used  in 
a  very  simple  way  to  detect  deviations  in  free  stream  static  pressure.  Such  a  method  could  be  used  with 
the  tunnel  empty  or  with  calibration  model  installed  to  monitor  the  original  wind  tunnel  calibration,  which 
often  is  not  repeated  for  years,  and  might  have  been  invalidated  due  to  tunnel  changes.  In  the  particular 
tests  with  the  bodies  of  revolution  the 


centre  line  calibration  was  no  longer 
up  to  the  required  standard.  Therefore, 
the  best  one  can  probabiy  do  in  such 
conditions  is  to  look  at  the  relation¬ 
ship  change  of  (Cp  plenum  *  Cp  ^ef) 

with  Reynolds  number.  If  there  is  a 
significant  change  then  the  Reynolds 
number  trends  may  be  corrected  by  this 
relationship  -  no  absolute  values  can 
be  used  without  at  least  a  point 
relationship  with  the  centreline  static 
pressure  and  its  change  with  Reynolds 
number.  Preferably  this  reference 
wall  should  be  obtained  at  some 
distance  upstream  of  the  model. 

7.  TAKING  .v,0  ACCOUNT  THE 

FORE BODY* 

The  variation  of  aftbody  shape 
naturally  leads  to  the  largest  changes  in 
pressure  distribution  on  the  rear  body; 
on  the  forebody  there  are  at  the  same 
time  only  minor  changes  in  pressure 
distribution.  In  wind  tunnel  measure¬ 
ments  with  forebodies  fixed  to  the  ground 


Fig.  26  Effect  of  aftbody  geometry  on  forebody 


pressure  distribution 


Sec  commcnl  by  Profeuoi  Ferri  on  pisi  ll-F^j 
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the  surface  pressures  near  the  split  station 
forebody/aftbody  are  therefore  in  practice  often 
taken  as  a  criterion  for  a  possible  upstream 
influence:  if  the  change  of  these  pressures 
coefficients  is  sufficiently  small,  e.  g.  ACp 
smaller  than  0,01,  then  no  noteworthy  changes 
in  forebody  drag  are  expected,  In  the  measure¬ 
ments  discussed  in  the  following  a  slender 
boattail  (No,  I)  was  replaced  by  a  steeper  one 
(No.  3).  Due  to  this  alteration  the  surface 
pressure  coefficients  at  the  split  station 
changed  only  by  ACp  -  0,02;  on  the  greater 
part  of  the  forebody  (x  *  0,45)  these  changes 
were  even  below  ACp  0,01  (fig.  26).  The 
forebody  pressure  drag,  however,  incre.ascd  at 
the  same  time  by  0,  0020.  This  amounts  to  3,  5  "I. 
of  the  total  drag  (pressure  +  friction)  of  the 
complete  body.  For  the  testing  technique  in 
wind  unnels  and  for  flight  measurements  it 
folloM  s  therefrom  that  optimizing  the  aflbody 
dr.ig  by  measuring  the  aftbody  alone  does  not 
yield  valid  results,  except  if  appropriate 
computed  corrections  are  applied  to  the 
forebody  drag.  That  is.  by  omitting  such 
corrections  one  m.T,  succeed  in  merely 
transferring  th>-  drag  problem  to  the  forward 
end  (comparj  ref.  7,  p.  4  -  3)  .and  in  .an 
incorrect  jver.all  aircraft  drag  synthesis. 

.■\n  example  of  such  a  computed 
correction  is  shown  in  fie.  27.  The  MBll 
Subs  <nic  Panel  Method  (ref.  8)  was  used  for 
this  end  neglecting  viscosity  effects.  Checking 
this  computing  method  .against  exact  solutions 
it  has  been  found  that  the  absolute  drag 
coefficients  may  be  in  error  by  a  few 
thousands,  the  difference  ACd  p,  however, 
seemed  to  be  by  an  order  of  m.agnitude  mure 
accurate.  Therefore,  the  changes  in  fo’c  - 
body  drag  coefficients  ACjj  '  0,0022  in  fig.  2” 
were  considered  to  be  correct. 


Fig.  27  Effect  of  aftbody  geometry 
on  forebody  pressure  drag 
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Fig.  28  Effect  of  aftbody  geometry  on  forebody  drag 


I'o  qu.mtit.Uivcly  confirm  this  upstream  influence,  test  series  3  and  4  were  conducted  in  which  the 
forcbody  w.is  .itt.iched  to  sensitive  drug  bulance  .in<l  .iltbodies  I  and  ^  r^* spect ivt‘ I v  were  non-metric. 

The  result  is  shown  in  fig,  IS.  At  Mq  U,  8  the  difference  ii*  fort'body  <lr.tg  coefficients  was  found  to  be 
0,()().!0  which  is  m  very  good  agreement  with  the  computed  difference,  TIu-  thit.i  points  in  fig.  IS  urc 
idt‘ntic.'il  to  those  shown  in  fig.  18  with  the  ’’full  "  correction  applied.  .-Mthough  only  three  subsonic 
Mach  numbers  were  tested,  the  linear  portions  of  the  curves  reflect  little  random  scatter 


A  further  example  of  upstream  influence 
is  shown  in  fig.4!9  for  an  ellipsoid  of  revolution 
having  an  infinitely  long  sling  of  constant  cross- 
section.  The  forebody  pressure  drag  of  that 
ellipsoid  has  been  computed  a.s  a  function  of 
sting  diameter.  To  apply  this  result  from  this 
very  simplified  case  to  practical  aftbo<ly  testing, 
let  us  assume  that  in  a  trade-off  study  on  af  - 
ijody  optimization  one  accepts  larger  amounts 
of  separatetl  flow  and  the  corresponding  higher 
drag  in  favour  of  a  reduced  structural  weight 
(as  for  instance  with  short  convergent  or  short 
Con  Di-Iris  nozzles'.  Let  us  moreover  a.ssunu* 
that  the  Wake  displaces  the  external  fh^w  field 
similarly  .»s  the  sting  dies,  then  this  modified 
aftbody  flow  field  c.iuses  in  turn  a  reduced 
suction  i.e.  .in  increa.'»e  in  pressure*  drag  on 
the*  forcljody  as  shown  on  fig.  in  principle*. 

A  similar  situation  exists  lor  att.iched  fUiw  s  if 
e.g.  slender  f’on  I)i-nozzles  of  very  elitferent 
e*xit  diameters  and  noz/le*  pressure  ratios  are 
tested  (reheat  on  off:  oversized  reference 


ELLIPSOIDS 
NOT  TO  SCALE 


Fig.  29  Effect  of  sting  diameter  on  forebody  pressure  drag 
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nozzles  from  sting  mounted 
complete  models  etc.)  In 
aftbody  testing  with  non¬ 
metric  forebodies  these 
upstream  influences  are 
quite  often  overlooked. 
This,  however,  is 
acceptable  as  long  as  the 
measurements  need  not  be 
very  accurate.  Typical 
errors  for  suc'i  relatively 
short  isolated  fuselages 
are  about  1  %  to  2  %  of 
the  total  drag  of  the 
complete  fuselage  at 
subsonic  Mach  numbers. 

Fig.  30  shows  such 
an  upstream  influence 
measurea  on  a  wind  tunnel 
model  of  a  twin  jet  fighter 
configuration  at  Mq  =  0,  7 
(ref.  19).  The  pressures 
along  the  top  outboard 
quadrant  of  the  eng.ne 
nacelle  are  seen  to  rise 
when  the  nozzle  is  moved 
into  the  maximum  reheat 
position.  At  the  metric 
break  this  pressure  rise 
corresponds  to  a 
ACp  «  0,017.  Depending 
on  the  atienuation  rate  of 
these  pressure  diji-rences 
on  the  forebod/,  different 
drag  changes  occur  on  the 
non-metric  part:  if  ACp 
approaches  linearly  zero 
near  the  maximum  cross- 
section  then  the  fuselage 


X  (inches  ] 


Fig.  30  Effect  of  nozzle  position  on  pressure  distribution 


forebody  drag  is  reduct  d  by  ACj^  e  0.  002.  If,  on  the  other  hand,  ACp  approaches  zero  only  at  the  nose 
of  the  fuselage,  which  is  more  probable  then  the  forebody  fuselage  drag  is  ncreased  by  ACp  »  0,003. 


The  corresponding  drag  changes  on  the  wing  must  be  accounted  for  in  addition. 


8.  CONCLUDING  llFMARKS 

A  Reynoli’;  number  nvestigation,  conducted  with  small  scale  xisymmetric  bodies  in  a  transonic 
wind  tunnel,  w?:  .nr.lysed  v  ith  the  aim  of  explaining  same  of  the  unexpected  Reynolds  number  effects 
measured  recent','  -  y  MBiS  and  others.  It  is  expected  that  most  of  the  conclusions  drawn  in  this  paper 
will  alpj  apply  fc  .hose  v  uu  tunnels  which  produced  similar  Reynolds  number  results.  To  confirm  this 
supposi.mn,  simU'-'  ineasi  rements  on  wind  tunnel  wall  Cp-distribution  and  other  data  on  •'  all  crossflow 
chai  ar'tribtics  as  ^  heir  correlation  with  the  tunnel  centre  line  pressures  are  necessary  for  all 

such  tests.  Those  stateme.i'.s  which  do  not  apply  to  Reynolds  number  effects  but  to  aftbody  testing  in 
general,  like  sensitivities  a  nail  bodies  and  interrelation  of  forebody /aflbuuy  flow  fields,  should  h  dd. 

The  main  results  .ind  conclusions  are  summarised  below. 

8.  1.  Fore  and  Aftbody  Flow  Field  Interaction 

At  subsonic  speeds  th'  *e  is  a  clear  interrelation  between  the  flow  field  of  the  aftbody  and  that  of 
the  ro'ebody.  Correct  aftbody  testing,  particularly  aftbody  testing  pertaining  to  given  aircraft  configura¬ 
tions,  I'lorefore  requires  provision  of  a  representative  forebody  and,  at  least  to  some  extent,  also  of 
the  wing  flow  fields  (downstream  influence).  If,  on  a  test  rig,  the  forebody  and  the  wing  are  not  attached 
to  the  balance,  then  the  drag  changes  on  these  non-metric  model  portions  should  be  accounted  for  by 
measured  or  computed  corrections  (upstream  influence), 

8.  2.  Sensitivity  and  Accuracy 

Half  bodies,  i.e.  aftbodies  or  forebodies  are  an  order  of  magnitude  more  sensitive  to  small 
deviations  in  free  stream  static  pressure  than  complete  bodies.  This  applies  to  both  pressure  integration 
and  force  measurement.  As  the  pressure  drag  coefficient  of  a  half  body  is  directly  proportional  to  the 
mean  pressure  :oefficient  on  the  body  surface,  the  mean  error  in  the  integrated  pressure  coefficients 
should  not  Ve  greater  than  t  0,  001  if  the  pressure  drag  of  the  complete  body  is  to  be  determined  with  an 
accuracy  of  i  7  to  10  %  (slender  body,  no  separation). 
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This  is  a  possible  measuring  accuracy  as  was  shown  for  the  integrated  model  pressures 
(random  errors).  Some  of  the  systematic  errors,  however,  were  considerably  larger;  at  the  lowest 
Reynolds  number  tested,  a  uniform  devi.ation  of  the  effective  free  stream  static  pressure  from  its 
nominal  value  by  0,  8  %  of  the  free  stream  dynamic  pressure,  caused  an  error  of  27  %  in  total  forebody 
drag.  For  the  complete  body,  however,  the  corresponding  error  amounts  to  less  than  1  %. 

8,  3,  Wind  Tunnel  Calibration  ai'd  Interference 

Since  the  change  of  the  mean  wall  pressures  correlated  with  the  corresponding  changes  on  the 
model,  it  is  assumed  that  the  free  stream  static  pressure  varied  accordingly,  i,e,  the  measured 
Reynolds  number  trends  were  not  so  much  caused  by  true  Reynolds  number  effects  but  primarily  by 
small  deviations  in  free  stream  static  pressure.  The  planned  high  accuracy  recalibration  of  th(  tvnnel 
centre  line  pressures  should  confirm  or  rej'^ct  this  assumption.  In  the  meantime,  one  could  by-pass 
this  problem  by  testing  complete  bodies  rather  than  half  bodies,  in  order  to  make  use  of  the  compensating 
effects  on  the  fore’  ody. 

The  influence  of  Reynolds  number  on  blockage  corrections  and  on  pressure  gradients  respectively, 
suggests  that  drag  measurements  in  a  variable  Reynolds  number  tunnel  need  to  be  very  sophisticated  and 
probably  require  knowledge  of  wall  characteristics  versus  Reynolds  number  to  an  order  of  accuracy 
better  than  currently  understood. 

8.4.  Correlation  with  Other  Results 

An  ilmost  identical  rise  in  aftbody  drag  with  Reynolds  number  has  been  found  in  the  AEDC  and 
NASA  test'  shown  in  fig.  1.  As  a  first  step  towards  clarification,  one  could,  therefore,  assume  that  the 
causes  were  th'*  same.  With  the  NASA  tests,  Reynolds  number  was  not  varied  by  changing  the  density 
but  by  varying  the  model  size  resulting  in  different  blockages.  The  results  discussed  in  this  paper 
showed  how  sensitive  aftbody  pressure  drag  is  to  altered  crossflow  conditions  at  the  wind  tunnel  wall. 
Therefore,  the  same  aftbody  shape,  tested  .'i^  h.ilf  body  either  in  different  wind  tunnels  or  in  the  samt: 
tunnel  with  a  different  blockage,  will  give  very  different  aftbody  drag  values. 

8.5.  True  Reynolds  Number  Trends 

The  analysis  presented  here  made  it  plausible  that  the  strong  drag  increase,  shown  in  fig.  1,  was 
most  likely  caused  by  systematic  errors  lelated  to  the  wind  tunnel  itself.  Also,  the  tunnel  wall  inter¬ 
ference  was  indicated  as  a  possible  source  of  the  remaining  discrepancy  between  wind  tunnel  and  flight 
data.  Therefore,  it  would  appear  that  only  the  first  step  towards  correct  drag  testing  in  variable 
Reynolds  number  tunnels  has  been  achieved. 
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Comment  by  Professor  Ferri  on 

FORE-  AND  AFTBODY  FLOW  FIELD  INTERACTION 
WITH  CONSIDERATION  OF  REYNOLDS  NUMBER  EFFECTS 


One  of  the  important  parameters  to  be  considered  in  no/zle  testing  techniques  is  the  interaction  between  the 
front  part  of  the  vehicle  and  the  nozzle  flow.  For  example,  the  effect  of  the  Reynolds  number  in  the  region  of  the 
nozzle  cannot  be  analyzed  separately  from  the  effect  of  the  Reynolds  number  in  the  front  part  of  the  nozzle  in 
view  of  the  fact  that  if  we  consider  the  effect  on  the  pressure  as  a  displacement  thickness  effect,  this  effect  in  the 
two  parts  could  be  of  opposite  sign.  In  addition,  in  practical  experiments,  it  is  extremely  difficult  to  represent 
correctly  the  air  intake  in  :<ll  its  details,  including  boundary  layer  scoops,  boundary  layer  bleeding,  etc. 

In  the  limited  piog^^  iin  of  the  experiment,  the  Ad  Hoc  Group  was  unable  to  perform  the  tests  on  this  type  of 
interference  directly  related  to  the  AGARD  nozzle.  However,  the  Messerschmitt-Bolkow-Blohm  research  group  in¬ 
volved  in  these  types  of  problems  was  in  a  position  to  perform  analyses  and  experiments  that  could  generate  some 
important  information  on  the  points  mentioned  above.  On  this  basis,  it  was  decided  to  incorporate  the  following 
work  as  a  part  of  the  report  of  the  Ad  Hoc  Group  even  if  some  of  the  configurations  involved  are  not  directly  re¬ 
presentative  of  the  AGARD  configuration.  Many  of  the  results  pre.sented  in  this  section  bear  important  information 
on  the  problem  discussed. 


Antonio  Ferri 
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CONCLUDING  REMARKS 
by 

Antonio  Ferri 


Thie  research  in  improved  nozzle  testing  techniques  in  transonic  flow  has  been  organized  by  an  Ad  Hoc 
Committee  of  the  Propulsion  and  Energetics  Panel  with  close  cooperation  of  the  Fluid  Dynamics  Panel.  Several 
NATO  research  groups  have  effectively  cooperated  in  this  effort. 

The  first  phase  of  the  effort  was  mainly  directed  to  determining  the  effects  of  several  parameters  which  influence 
the  nozzle  characteristics,  specifically,  the  external  parameters  such  as; 

boundary  layer  characteristics 
details  of  geometry 
tunnel  interferenc: 
testing  techniques 

and  internal  parameters  such  as: 

nozzle  pressu  e  ratio 
jet  stagnation  temperature 
jet  flow  distribution 

It  was  already  known  that  several  of  the  parameters  described  affect  the  characteristics  of  the  nozzle.  This  investiga¬ 
tion,  performed  by  different  laboratories,  has  been  limited  to  an  axially  symmetric  problem.  The  investigation  contri¬ 
butes  substantially  because  it  gives  quantitative  information  on  these  effects.  Of  particular  value  are  the  data  on 
boundary  layer  effects  and  jet  temperature  effects,  because  they  indicate  the  strong  importance  of  the  boundary  layer 
properties  on  the  flow,  and  of  the  nozzle  wall  temperature.  These  results,  combined  with  the  data  on  interaction 
between  the  front  part  and  the  rear  part  of  the  body,  permit  us  to  imply  that  tests  of  a  three-dimensional  type 
could  be  strongly  influenced  by  the  small  modification  of  pressure  distribution  and  boundarv  layer  properties  up¬ 
stream  of  the  nozzle.  In  addition,  these  results  tend  to  indicate  that  the  presence  of  heat  transfer  and  leakage  from 
the  nozzle  could  have  an  important  effect  on  the  performances. 

The  results  related  to  wall  interference  and  testing  techniques  are  of  particular  import  nee.  Such  results  show 
that  substantial  effects  are  present  due  to  wall  interference  and  model  support.  The  data  indicates  that  some  of 
these  effects  could  be  reduced  by  a  combination  of  analysis  and  experimental  data. 

Tl.  effects  of  the  internal  flow  distribution  are  also  important  even  if  the  configuration  selected  for  the  internal 
shape  tends  to  minimize  the  influence  of  these  effects.  More  detailed  conclusions  may  be  presented  in  a  separate 
report.  However,  a  general  conclusion  can  be  made  here.  The  problem  of  testing  nozzles  and  engine  installations, 
especially  for  three-dimensional  cases,  is  a  ical  one  and  not  yet  resolved.  The  results  presented  permit  us  to  also 
conclude  that  a  cooperative  effort  of  this  type  is  a  useful  way  to  aid  in  improving  the  understanding  of  the  problem. 
The  Committee  feels  that  such  an  effort  should  be  continued,  and  recommends  that  a  next  step  should  be  considered, 
if  possible,  under  AGARD  sponsorship.  Possibly  a  special  panel,  sponsored  either  by  PEP  and  FDP,  or  a  separate 
temporary  special  panel  should  be  formed. 

More  detailed  conclusions  and  recommendations  may  be  published  as  a  separate  Technical  Evaluation  Report. 
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